?TD-:-iC-23-753“71 


FOREIGN  TECHNOLOGY  DIVISION 


HP 


PRELIMINARY  DESIGN  OF  AN  AIRCRAFT 


3.  T.  Goroshchenko,  A.  A.  D’yachenko, 
and  N.  N,  Fadeyev 


jfUTTO 

npML'fflrp 

V  HAY  15  197?  | 

lingLTsnj  uAJJ 

D.  •• 


Approved  for  public  release; 
Distribution  unlimited. 


Reproduced  by 

NATIONAL  TECHNICAL 
INFORMATION  SERVICE 

Spnngfield.  Ve.  21151 


Best 

Available 

Copy 


.  Vif  *  U^i.^WW.11' P.Ll.A.'.U  P  ■  «PJ 


UNCLASSIFIED 


DQCUMINT  CONTROL  DATA  •  «  1 

(trtariiy  timmaliumiimm  ml  Hite,  b *4r  ml  maammti  ami  Mnbi  «•»•«  b*  « 

_  j 

irtWl  whmm  m*  ««vr*U  report  If  clo ••l/Jerf; 

1  OH’IINU  MC  activity  (Cmipmnn  mm+rnrj 

;  Foreign  Technology  Division 

Air  Force  Systems  Command 
i  Ua  S.  Air  Force  _  — - 

10.  mtrom  «*cg»irv  cv*ttfriCAri4N  j 

UNCLASSIFIED  1 

id.  tmoiiP  j 

j 

- - 3 

PRELIMINARY  DESIGN  OF  AN  AIRCRAFT 


*  o»K«i»tin  noth  (Tram  mltmptmi  ami  tech min  Mh) 

Translation 


•  cuTHonici  (Tirti  aamT  mJ3S •  uJltmL  iaal  i 

Gcroshohenko,  B.  T.j  D’yachenko,  A.  A.;  and  Fadeyev,  N.  N. 


'•  ncnoxr  oats 

1070 


U.  COHTI1CT  «•  IHINV  NO. 

F33657-71-D-0057 

604020 


^  b.  nnojccr  no. 

t 

i 

i  «. 

i 

I 


AAH9 


i  DIP  Task  No.  T71-04-0.3 


Ik  TOTU  NO.  on  MUI 

i2L 


ib.  no.  on  mn 

35 


M.  obi«inato**i  nsnoNT  nvuiciiiii 


;  1C  o-tlfclbu1-  ICN  IT  ATKUINl 


Approved  for  public  release;  distribution  unlimited, 


'  I  >  NOTH 

ii 

f 

1 


it.  »nON»oniNi  militanv  activity 


Foreign  Technology  Division 
Wright-Patterson  AFB,  Ohio 


FTD-HC-23-7B3-71 _ _ 

lb.  OTMC*  ninonr  noIII  {Ant  cHi»r  num>b*rl  that  mmy  b*  uiltitO 


til  AIITKACT 


I  'A. 


The  book  sets  forth  the  fundamentals  of  elaboration  of  technic.: 
specifications  for  a  new  aircraft  design,  problems  of  the  influ¬ 
ence  of  geometrical  and  other  parameters  of  the  aircraft  on  its 
flight  characteristics  and  stability  indices  (together  with 
methods  for  approximate  calculation  of  these  characteristics  and 
indices),  and  also  the  principles  of  layout  selection,  determination 
cf  the  basic  weight,  geometrical,  and  structural  characteristic", 
over-all  configuration,  trim,  and  airframe  development  for  the 
preliminary  design  stage.  In  addition,  the  book  presents  an  ex¬ 
ample  of  the  application  of  the  basic  principles  of  preliminary 
aircraft  design.  The  book  is  designed  for  engineers  working  in 
the  aviation  industry  and  may  be  used  by  students  and  instructors 
at  the  advanced  aeronautical  colleges. 
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FOREWORD 


Normally,  regardless  of  application,  an  aircraft  is  a  com¬ 
ponent  of  an  aerosystem.  This  system  includes,  in  addition  to 
the  aircraft,  facilities  for  engineering-technical  and  airport 
maintenance,  communications  systems,  manufacturer-customer  liai¬ 
son,  etc. 

At  the  same  time,  an  aircraft  is  a  complex  aggregate  of  di¬ 
versified  elements  that  have  been  designed  to  perform  various 
functions  but  in  a  manner  conducive  to  successful  performance  of 
the  aircraft's  principal  tasks.  Among  the  basic  components  of  an 
aircraft,  we  might  mention  the  airframe  (wings,  fuselage,  empen¬ 
nage),  takeoff  and  landing  gear  (undercarriage,  aerodynamic  and 
gasdynamic  high-lift  devices),  oowerplant,  fuel  system,  equipment 
(piloting  and  navigational,  monxtoring  and  measuring,  communica¬ 
tions,  crew  and  pas.,  anger  life  support),  and  miscellaneous  systems. 

The  process  in  which  a  modern  airplane  is  created  is  com¬ 
plex  and  lengthy.  This  is  explained  by  the  need  to  tie  the  air¬ 
plane  in  with  the  other  parts  of  the  aerosystem  and  by  the  com¬ 
plexity  d'  the  aforementioned  components  cf  the  airplane. 

The  process  cf  dev- loping  a  modern  airplane  can  be  broken  up 
Into  the  following  stages: 

-  re  search  j 

-design; 

-  building  of  prototypes; 
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-  testing  and  debugging; 

-  placing  in  mass  production. 

In  turn,  design  can  be  subdivided  into  the  following  steps: 

-  finding  the  optimum  combination  of  parameters,  as  ulti¬ 
mately  embodied  in  the  technical  specifications  (TS); 

-  preliminary  design  of  the  aircraft; 

<4  -  engineering  design  of  the  aircraft  on  the  basis  of  the 

initial  data  obtained  during  the  preliminary  design  stage. 

I  The  work  usually  involved  in  preliminary  design  of  an  air¬ 

craft  is  as  follows: 

-  the  layout  of  the  airplane,  determination  of  its  relative 
geometrical  parameters,  and  estimation  of  its  aerodynamic  char¬ 
acteristics; 

-  determination  of  the  basic  weight  and  geometrical  char¬ 
acteristics  of  the  airplane,  compilation  of  a  summary  of  weights 
on  the  basis  of  more  exact  weight  formulas  and  data  on  the  power- 
plant,  equipment,  and  various  systems; 

-  layout,  trim,  airframe  development,  and  refinement  of  the 
airplane's  geometry; 

-  calculation  of  the  airplane's  polar  curves,  estimation  of 

c  and  c  and  the  initial  coefficients  for  verifying  the 

yldg  ^tko 

aircraft's  stability  and  controllability; 

-  determination  of  the  technical  flight  performance  charac¬ 
teristics  and  the  takeoff  and  landing  properties  of  the  aircraft; 

-  determination  of  the  aircraft's  stability  and  controlla¬ 
bility  characteristics; 

-  estimation  of  the  aircraft's  reliability  and  time  between 

1  overhauls ; 

-  calculation  of  ‘  o  cost  of  manufacturing  and  operating  the 
airplane; 
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-  determination  of  the  airplane's  efficiency  in  performing 
various  missions; 

-  determination  of  the  technical  requirements  to  be  met  in 
engineering  design  of  the  airplane's  components  and  subassemblies 

Performance  of  a  number  of  aspects  of  the  preliminary  design 
/fork  on  an  airplane  requires  knowledge  of  the  influence  of  the  ai 
craft's  parameters  on  its  flight  and  weight  characteristics  and 
its  stability  and  controllability  indices. 

As  for  such  aspects  of  the  preliminary  design  work  as  evalu¬ 
ation  of  cost,  reliability,  and  time  to  overhaul,  as  well  as  cal¬ 
culation  of  the  airplane's  efficiency,  they  can  be  completed  only 
in  the  first  approximation. 

Accordingly,  the  present  book  consists  of  three  parts: 

-  elaboration  of  technics!  specifications  for  the  new  air¬ 
craft  design; 

-  flight  characteristics  of  the  aircraft,  its  stability,  ana 
how  they  are  influenced  by  its  parameters. 

-  determination  of  the  basic  weight,  geometrical,  and  struc¬ 
tural  characteristics  of  the  new  aircraft  design. 

Chapters  1,  2,  3,  10,  11,  12,  13,  and  §14.7  were  written  by 
N.N.  Fadeyev,  Chapters  4 ,  5,  6,  7,  and  1^  (  'xcept  for  §14.7)  by 
B.T.  Goroshchenko,  and  Chapters  8  and  9  by  A. A.  D'yachenko. 

-Although  the  book  uses  the  MKfS  system  of  units  (GOST  7664— 

p 

61),  the  .kg  (instead  of  the  kgf-s  /ir.)  is  used  arbitrarily  as  a 
unit  of  mass  to  bring  the  notion  of  weight  closer  to  the  sense  i  r. 
which  it-  is  usually  ■understood. 

Reader  comments  on  the  book  should  be  addressed  to  Moskva,  B 
66,  1-y  Basmannyy  per.,  3,  Izdatel's.vo  "Mashinostroyeniye , " 
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Part  One 


ELABORATION  OP  TECHNICAL  SPECIFICATIONS  FOR  THE  NEW 

AIRCRAFT  DESIGN 

Chapter  1 

BASIS  FOR  GENERAL  REQUIREMENTS  MADE  OF  THE  NEW  AIRCRAFT  DESIGN 

§1.1.  GENERAL  REQUIREMENTS  MADE  OF  THE  NEW  AIRCRAFT  DESIGN 

The  numerous  requirements  made  of  a  new  aircraft  design  can 
be  boiled  down  to  the  following  fundamental  generalized  require¬ 
ments  : 

1.  most  corap lete  performance  of  mission; 

2.  production  adaptability  of  design; 

3.  high  operational  properties,  including  reliability  and 
flight  safety; 

4.  versatility; 


5.  low  production  cost. 

The  new  aircraft  design  will  conform  most  fully  to  its  in¬ 
tended  purpose  with  proper  selection  of  a  set  of  flight-engineer¬ 
ing  properties  (cruising  speed,  altitude,  and  range,  payload,  and 
payload  bulk,  takeoff  and  landing  characteristics,  etc.),  as  well 
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Ifjll*  its  geometrical  parameters  (wing  aspect  ratio,  sweepback ,  land- 
-lBg~gear  layout  and  data,  cabin  and  cargo-compartment  dimensions , 
&  etc. ) .  '' 

fytj?  ■_  -1-1  ■  ~1'  ■  •.  •  _ 

To  impart  good  production  adaptability  to  a  design  means  to 
plan  it  in  such  a  way  that  it  can  be  built  as  quickly  and  easily 
as  possible  [6]. 

In  the  deslgi.  of  a  component  or  subassembly  of  a  product  as 
complex  as  an  airplane,  it  is  insufficient  to  pay  attention  only 
to  facilitating  the  manufacture  of  the  component  or  subassembly. 
The  point  is  that  since  assembly  is  a  highly  time-consuming  proc¬ 
ess  in  the  manufacture  of  a  complicated  product,  considerable 
complication  of  the  production  of  the  components  themselves  is 
generally  accepted  if  final  assembly  can  be  greatly  simplified  a r 
a  result.  This  is  also  the  origin  of  the  interchangeability  arid 
manufacturing-precision  requirements  to  which  the  components  are 
subject,  the  need  to  provide  for  various  "technological  compensa¬ 
tors"  that  facilitate  assembly,  and  breakdown  of  the  design  into 
individual  panels  and  "prefabs"  that  make  it  possible  to  expand 
the  front  of.  the  assembly  operations,  etc. 

The  following  most  important  factors  influence  selection  of 
a  technological  process:  1)  the  construction  cost  of  the  new  de¬ 
sign;  2)  the  skilled-workforce  requirement;  3)  the  time  needed 
for  construction  and  assimilation  into  mass  production,  etc. 

Operational  requirements  are  broad  and  varied.  Here  we  set 
forth  only  some  of  the  operational  principles  av’areness  of  which 
may  be  very  helpful  to  the  aviation  designer: 

1)  failure  cf  any  component,  subassembly,  or  instrument  must 
be  "safe,"  l.e.,  it  must,  not  result  in  a  catastrophe.  Under  this 
principle,  the  most  critically  important  components  and  subas¬ 
semblies  have  come  to  be  duplicated  on  the  aircraft  and  a  wide 
variety  of  emergency  and  backup  devices  have  been  provided; 

2)  it  must  be  made  certain  that  components  can  be  ins -.ailed 
on  the  airplane  in  only  a  single  correct  position.  This  is 
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normally  easy  to  accomplish; 

3)  a  component  should  be  designed  for  the  worst  possible  ser¬ 
vice  conditions,  i.e.,  for  work  with  Inadequate  lubrication  or 
none  at  all,  without  inspection  and  maintenance,  being  .'^nocked 
against  and  stepped  upon,  shaken,  subjected  to  high  and  low  tem¬ 
peratures,  moisture,  etc.; 

4)  provision  must  be  made  for  possible  deformation  of  the 
component  during  production  and  use  in  the  course  of  welding, 
cold  working  (and  the  associated  internal  stressing),  temper-cure 
change,  applied  stresses,  and  the  component's  own  weight. 


D[ rubles  )i 
/nfunits ]  |  !  \ 


n[ units] 

Figure  1.1.  Influence  of  production 
scale  on  cost  per  unit. 


The  versatility  (combination  of  functions)  principle  has  al¬ 
ways  been  applied  to  one  degree  or  another  at  various  stages  in 
the  development  of  civil  aviation.  At  the  present  time,  owing  to 
the  broader  range  of  problems  in  aviation  and  the  increasing  com— 
•  plexity  and  cost  of  aircraft,  a  great  deal  of  attention  must  be 

devoted  to  this  principle. 

i  Application  of  the  versatility  principle  to  components  is 

even  more  profitable. 
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jfegpr-  A  «omponent  that  performs  several  functions  is  usually  fc»md 
fa  he  lights?' in  weight  and  simpler  to  produce  than  a  set  of  sepa- 
1  Jwe  eoMponents  that  perform  the  same  functions.  An  example  of 
Is  found  in  any  mulciple-needle  indicator,  which  lb 
easier  to  make,  requires  less  installation -work,  and  occupies  less 
space  on  the  instrument  panel  than  the  sec  of  single-needle  in-* 
dicators  that  it  replaces. 

Lowering  the  production  cost  of  aircraft  is  one  of  the  im¬ 
portant  design  problems.  Very  often,  other  conditions  the  same, 
the  selection  of  the  optimum  design  of  a  component  or  part  is 
dictated  by  its  cost.  To  determine  the  cost  of  a  given  version 
of  a  component,  the  designer  must  have  at  hand  reference  tables 
giving  the  costs  of  various  materials,  semifinished  products,  and 
various  machining  methods  [2].  It  is  also  necessary  to  have  at 
least  a  rough  idea  of  the  number  of  identical  products  to  be  made. 
The  more  there  are  of  these  products^'  the  cheaper  will  each  of 
them  become  (Fig.  1.1).  The  reason  why  this  law  applies  for  the 
design  as  a  whole  and  for  its  individual  components  is  that  the 
cost  of  tooling  (equipment)  per  unit  product  represents  a  large 
fraction  when  a  small  number  are  produced  and  a  smaller  one  when 
more  are  produced.  The  curve  makes  an  asymptotic  approach  to  the 
cost  of  labor  alone.  As  we  see  from  Fig.  1.1,  use  of  more  expen¬ 
sive  but  more  productive  tooling  (curve  1)  in  a  short  run  in¬ 
creases  product  cost,  but  when  the  run  is  lengthened  to  include  a 
certain  number,  it  lowers  unit  cost  (curve  2). 

§1.2.  CONTRADICTIONS  BETWEEN  REQUIREMENTS 

The  groups  of  requirements  enumerated  above  frequently  con¬ 
tradict  one  another.  Thus,  contradictions  may  be  noted  between 
technological  and  operational  requirements  and  between  versatil-, 
ity  and  specializaton  of  the  aircraft.  Essentially,  the  contra¬ 
diction  between  technological  and  operational  requirements  con¬ 
sists  in  the  fact  that  improvement  of  the  production  adaptability 
of  the  design  may  result  in  deterioration  of  t lie  airplane's  opera¬ 
tional  properties.  The  contradiction  between  the  need  for 


versatility  In  the  airplane  and  its  specialization  consists  in 
the  following.  On  the  one  hand,  the  more  versatile  the  airplane, 
the  less  proficiently  does  it  perform  each  of  its  specific  tasks, 
but,  or,  the  other  hand,  if  it  is  possible  to  create  an  airplane 
that,  in  addition  to  its  basic  function,  finds  numerous  uses  in 
other  branches  of  the  economy,  the  economy  of  the  aircraft  is  im¬ 
proved  substantially,  since  the  larger  production  scale  lowers 
the  unit  cost  of  the  airplane  and  increases  the  utilization  fac¬ 
tor  of  each  copy . 


a,  b> 


Figure  1.2.  Landing-gear  strut.  1) 
with  spline;  b)  with  torque  arms. 

There  are  also  contradictions  between  the  requirements  per¬ 
taining  to  specific  properties  ana  characteristics  in  each  group. 

Examples  of  such  contradictions  are  those  between  the  re¬ 
quirements  for  longer  times  to  overhaul  and  lower  aircraft  weight, 
for  increased  strength  margin  in  a  component  and  lower  weight  of 
the  component,  for  increased  top  speed  and  lowered  landing  speed, 
for  reduced  relative  weight  of  the  wing  structure  and  reduced  drag 
of  this  structure,  etc.  • 

Because  of  these  contradictions,  no  single  requirement  can 
be  met  to  the  maximum.  In  drawing  up  the  technical  specifications 
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fffcis  necessary  to  satisfy  each  requirement  in  a  measure  such,  that 
contradictions  are  resolved  and  such  that  meeting  the  require- 

Ijents  of  the  set  la  the  stated  ranges  will  optimize  the  design. 

’  * 

On  occasion,  a  designer  will  find  a  design  solution  that 
satisfies  several  contradictory  requirements  nicely.  In  such 
cases,  this  solution  will  obviously  be  the  one  adopted,  provided 
that  it  does  not  stand  in  contradiction  to  some  still  more  impor¬ 
tant  requirement. 


A  fortunate  solution  of  this  type  is  found  in  the  landing 
gear  strut  shock-absorber  torque  arm  (Fig.  1.2).  At  a  given 
strength,  it  offers  the  following  advantage  over  the  spline:  1) 
lower  weight;  2)  greater  simpiiclty  of  manufacture,  and  3)  higher 
operational  reliability. 

However,  design  simplification  Is  not  always  sufficient 
basis  for  adopting  a  given  solution.  Thus,  in  spite  of  their 
simpler  design,  lighter  weight,  and  high  r>-  1  lability ,  the  wing 
landing  flaps  shown  in  Fig.  1.3  are  less  efficient  than  slotted 
and  extension  wing  flaps,  and  use  of  the  latter  may  be  more  sound 
from  the  standpoint  of  improving  the  airplane’s  takeoff  and  land¬ 
ing  properties;  this  is  confirmed  by  recent  aeronautical  engineer¬ 
ing  practice.  However,  it  is  by  no  means  always  possible  to  find 
such  successful  solutions. 

As  a  rule,  recourse  must  be  ta/nn  to  various  expedients  to 
resolve  the  contradictions. 
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§1.3.  PROCEDURES  FOR  RESOLVING  CONTRADICTIONS  [4] 

We  now  consider  a  number  of  procedures  that  the  designer  uses 
to  make  it  easier  to  find  optimum  solutions. 

1.  One  widely  used  procedure  is  to  list  the  requirements  made 
of  the  new  design  in  order  of  their  importance  for  the  particular 
case  [2].  In  elaborating  the  design,  an  effort  is  made  to  satis- 
«  fy  the  first,  most  important  requirement  most  fully,  then  the 

second,  and  so  forth. 

#  An  example  in  which  this  expedient  is  applied  can  be  found 

in  resolution  of  the  contradiction  between  the  effort  to  lighten 
the  aircraft  and  at  the  same  time?  lower  its  frontal  drag.  During 
the  development  of  the  high-speed  airplane,  this  contradiction  was 
usually  resolved  in  favor  of  aerodynamic  shapes  with  acceptance 
of  a  weight  penalty.  Progress  moved  from  biplanes  with  struts  and 
bracing  wires  and  braced  and  semicantilever  monoplanes  to  the 
cantilever  wing  with  its  thick  profile,  to  the  closed  cockpit, 
landing-g^ar  rpats,  retractable  landing  gear,  then  to  the  even 
thinner  swept  wing,  etc. 

This  procedure  does  not  help  the  designer  extricate  himself 
from  the  case  -  for  example  —  in  which  the  version  that  satisfies 
the  first  requirement  best  is  inferior  to  other  versions  as  re¬ 
gards  meeting  the  second,  third,  and  other  requirements.  In  such 
cases,  it  is  always  possible  that  the  designer  will  abandon  the 
first  variant  in  order  not  to  sacrifice  other  secondary  but  numer¬ 
ous  requirements.  Note  should  be  taken  of  the  subjectivity  in¬ 
herent  in  this  method  when  priorities  are  assigned  to  the  require¬ 
ments.  If  priorities  are  established  not  by  the  designer  himself, 
but  by  his  customer,  the  designer's  task  is  easier,  but  this  does 
not  eliminate  the  subjectivity  of  the  approach,  since  it  now 
originates  from  the  customer. 

If  the  specified  limits  on  the'  values  of  various  properties 
are  difficult  to  meet,  it  is  possible  that  no  design  variant  will 
be  found  in  which  all  properties  are  within  the  specified  limits. 
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i*e,$  the  problem  is  either  totally  unsolvable  at  this  time  or 
eafi  be  solved  only  on  the  basis  of  a  new  invention  or  discovery. 

A  major  invention  that  results  in  technological  advance 
usually  comes  about  in  one  of  two  ways:  either  it  proceeds  from 
a  new  discovery  that  establishes  hitherto'  unknown  relationships, 
or  it  is  obtained  as  a  result  of  long-term  laboratory  research, 
sometimes  after  many  failures. 

In  either  case,  such  inventions  usually  originate  in  the 
scientific  research  institutes  or  in  other  organizations  with  com¬ 
petent  laboratory  staffs;  only  in  rare  cases  are  they  the  result 
of  the  activity  of  a  single  inventor. 

Before  it  is  incorporated  into  a  new  design,  any  new  inven¬ 
tion  must  be  checked  out  carefully  by  calculation  and  experiment. 

Excessive  promotion  of  inventions  and  the  effort  to  invent 
regardless  of  cost,  to  the  neglect  of  available  experience,  can¬ 
not  produce  good  results,  since  too  many  experimental  and  untried 
elements  in  a  prototype  will  lower  its  reliability,  require  in¬ 
creased  time  for  testing,  and  may  even  result  in  total  failure, 
despite  the  fundamental  validity  of  the  new  ideas. 

2.  Another  procedure  for  arriving  at  the  optimum  combination 
of  properties  and  characteristics  in  the  new  aircraft  design  is 
to  find  a  criterion  for  unifying  them. 

Different  criteria  may  be  selected  depending  on  the  nature 
of  the  problem. 

If  the  contradiction  between  two  properties  stems  from  the 
fact  that  a  change  in  one  property  will  have  a  favorable  influ¬ 
ence  on  a  third,  more  important  property,  while  the  second  prop¬ 
erty  changes  in  such  a  way  as  to  change  this  third  property  in 
an  undesirable  direction,  the  third  property  becomes  the  criter¬ 
ion  by  means  of  which  the  contradiction  can  be  resolved.  We 
select  the  variant  with  the  poorest  value  of  the  third  property 
and  find  the  optimum  solution,  provided  that  no  other  important 
properties  deteriorate  as  a  result.  For  example,  when  the 


production  process  is  made  easier  to  the  detriment  of  flight  or 
operational  properties,  the  optimum  design  variant  may  be  found 
with  the  aid  of  a  criterion  that  blends  these  properties  and  pro¬ 
duction  adaptability.  This  criterion  will  necessarily  be  one  of 
economy. 

Let  us  examine  a  few  examples  in  which  this  procedure  is 
applied. 

Example  1.  Specific  strength  of  material  per  unit  weigh!. 

In  selecting  the  material  for  a  certain  stress  component  that  we 
wish  to  make  as  light  as  possible,  it  is  usually  found  that  a 
material  with  a  higher  strength  couples  this  with  higher  specie c 
weight.  This  contradiction  can  be  resolved  by  selecting  a  mate¬ 
rial  that  minimizes  the  weight  of  the  component  at  a  given 
strength.  For  example,  the  weight  of  a  rod  of  length  l  that 
must  withstand  a  tensile  force  P  can  be  expressed  by  the  formula 


-yFl  =—  PI, 

a 


( 1 .  i ) 


where  F  is  the  cross  sectional  area  of  the  rod  and  Y  and  a  are 
the  specific  weight  and  breaking  stress  of  the  material,  re¬ 
spectively. 

As  we  see,  the  weight  of  the  rod  la  Inversely  proportional^ 
to  the  specific  strength  of  the  material  per  unit  weight  a/f,  for 
tension,  this  quantity  is  also  known  as  the  "breaking  length 
since  for  a  length  l  -  lb  -  o/Y  we  obtain  0  -  P,  i-®-.  TO  '  , 

breaks  under  its  own  weight.  If  Y  is  an  g/cm  and  o  in  kgf/mm  , 
we  obtain  i.  in  kilometers.  By  selecting  materials  on  the  basis 
of  maximum  specific  strength  per  unit  weight,  we  can,  in  many 
cases,  minimize  the  weight  of  the  component  without  detrlmen  to 
strength,  i.e.,  resolve  the  contradiction  from  the  standpoint 

minimum  weight. 


[51. 


Example  2.  Aviation  weight*  of  component  wim-i^l£^t--^ma>. 
It  is  known  that  a  component  having  weight  and  frontal  drug 


'Translator's  Note:  This  designates  the  weight  divided  by  'oho 
area.  See  definition,  page  11. 
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influences  the  top  speed  of  an  airplane  through  both  of  these  prop¬ 
erties,  and  that  the  relative  decrease  in  V  „  due  to  the  presence 

max 

of  the  component  of  the  airplane  can  be  expressed  by  the  formula 

_ 1 _ 

°  '  (1.2) 

5  c;,  20  \  dV  1  Cy 

where  dN  /dV  is  the  speed  derivative  of  the  available  power  (in 

a 

kg).  Substituting  =  P  •  V  and 


dN* 


dP 


r  p 


.dJLv 

<tv  Cy 


dV  dV 

we  obtain  the  same  formula  for  a  jet  aircraft: 


\v 


i 


v. 


„  1  j dP  \- 

cl  ~  20  \rfl'  / 


•1*9$ 

«v 


a 


(1.3) 


where  6  is  the  aviation  weight  of  the  component.  It  is  known 

d  •  u 

that 


a, ,  ±g  ‘‘c-l  iQ.  d.H) 

dc.  r 

Consequently,  the  speed  loss  resulting  from  the  presence  of  a 
component  with  weight  AG  and  frontal  drag  AQ  on  the  airplane  is 
proportional  to  the  aviation  weight  of  the  component,  which  con¬ 
sists  of  the  weight  of  the  component  and  an  increment  proportion¬ 
al  to  its  frontal  drag. 

Thus,  the  optimum  variant  of  the  component  will  be  that  which 
gives  the  smallest  decrease  AV  /V  'or  the  lowest  aviation 
weight,  and  selection  of  this  version  resolves  the  contradiction 
between  weight  and  frontal  drag  from  the  standpoint  of  Vmaj{. 
Similar  expressions  can  be  derived  for  the  increment  of  any  flight 
property,  along  with  the  corresponding  expressions  for  the  avia¬ 
tion  weight. 
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Another  definition  of  aviation  weight  proceeds  from  (1.2) 
and  (1.4):  the  aviation  weight  of  a  component  with  frontal  drag 
is  the  weight  that  the  airplane  could  carry  without  any  change  in 
the  given  flight  property  if  the  component  were  removed. 


The  coefficient  dcy/dcx  *  1rXef//2cy  ofthe  component's  frontal 
drag  AQ  at  Vmax  is  so  large  that  the  aviation  weight  increment  usu¬ 
ally  greatly  exceeds  the  weight  of  the  component;  this  explains  the 
previously  noted  trend  to  more  streamlined  shapes  at  the  expense  of 
a  weight  penalty  in  the  development  of  the  high-speed  airplane. 


It  must  be  remembered  that  a  selection  based  on  the  aviation 
weight  derived  for  a  given  flight  property  resolves  contradic¬ 
tions  only  from  the  standpoint  of  this  property,  and  will  not  be 
optimal  with  respect  to  other  properties;  further,  for  example, 
a  selection  based  on  Vmax  will  increase  the  weight  of  tha  airplane 
to  the  detriment  of  its  takeoff  and  landing  properties. 


In  the  above  examples,  contradictory  properties  are  unified 
in  derived  quantities  -  specific  strength  per  unit  weight  and 
aviation  weight  -  quite  soundly,  i.e.,  component  weight  is  in¬ 
versely  proportional  to  specific  strength  per  unit  weight  and 
the  change  in  the  flight  property  is  proportional  to  aviation 
weight.  Derived  quantities  are  sometimes  devised  artificially 
to  unify  two  contradictory  quantities,  e.g. .  their  product  may 
be  used  when  it  is  desired  to  maximize  both  of  them  (for  example, 
the  product  LV  combines  range  and  speed). 

If  it  is  desirable  to  have  one  of  the  contradictory  proper 
ties  as  small  as  possible,  their  ratio  is  taken;  an  example  is 
the  "speed  range" 


% 


m  *  I'mln  ^  m\n 

Combination  of  contradictory  quantities  in  the  form  of  their 
product  implies  that  equal  relative  increments  of  the  two  are 
equivalent,  since  these  relative  increments  result  in  equal  rela¬ 
tive  increases  in  the  product. 
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Let  us  now  compare  two  relative  indicators:  specific  strength 

per  unit  weight  a/y  and  the  speed  range  vmax/vmin«  The  former 

proceeds  logically  from  the  need  to  minimize  the  weight  of  the 

rod  under  tension,  while  we  have  justified  the  latter  only  in 

terras  of  the  desirability  of  maximizing  Vmgix  and  minimizing  Vmin; 

consequently,  the  indicator  vmax/vmin  will  not  give  a  reliable 

evaluation  of  the  airplane  in  terms  of  these  two  properties.  For 

a  relative  index  of  the  form  A/B  to  serve  as  an  accurate  criter- 

* 

ion  in  evaluating  the  product  with  respect  to  properties  A  and  B, 
it  is  necessary  to  resort  to  some  more  general  requirement  to 
prove  the  equivalence  of  a  relative  n-fold  increase  of  A  to  a 
relative,  also  n-fold,  decrease  of  B.  Relative  indicators  of  many 
kinds  are  used  extensively  both  in  design  work  and  in  operation  of 
the  final  products,  e.g.,  the  efficiency 

N 

useful 

n  =  N - » 

consumed 

the  unit  production  cost  b  =  B/N,  the  profit  per  ruble  of  invest¬ 
ment  p  *  P/D,  productivity  per  machine  tool  N/n,  etc.  When  such 
indicators  are  used,  it  is  necessary  to  know  definitely  whether 
the  indicator  in  question  is  accurately  based  on  more  general  re¬ 
quirements  and  starting  specifications  or  serves  merely  as  an 
approximate  criterion  for  evaluating  the  product  with  respect  to 
the  two  contradictory  quantities  composing  it. 

Obviously,  the  larger  the  number  of  requirements  that  can  be 
unified  into  a  single  more  general  criterion,  the  more  fully  will 
the  contradictions  have  been  resolved.  We  noted  above  that  equiv¬ 
alence  of  equal  relative  increments  of  two  contradictory  proper¬ 
ties  can  be  expressed  by  the  product  of  these  two  properties.  This 
procedure  can  also  be  extended  to  equivalence  of  unequal  relative 
increments,  and  not  only  of  two,  but  of  any  number  of  contradic¬ 
tory  properties. 

If  we  know  that  the  relative  increments  a,  b,  c,  ...  -<f  the 
properties  A,  B,  C,  ...  of  the  new  design  are  equivalent,  the 
product 
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can  serve  as  a  criterion  that  unifies  all  of  these  properties. 

To  prove  the  validity  of  this  statement,  it  is  sufficient  to 
take  logarithm:-  in  (1.5),  differentiate,  arid  convert  from  dif¬ 
ferentials  to  finite  increments: 


In  AT ---  —  In  A  -j- —  In  fl  +  — lnC  +  . .. 
a  be 

JK  __ _1  dA_  _1_  ,  _l_  aC_ 

K  a  .1  b  B  1  e  C  ' 

\K  1  *A  .  !  ,  1  AC  L 

r7T'rT  ir+TT"1"*-* 

It  is  clear  from  the  last  expression  that  each  of  the  equiva¬ 
lent  relative  increments 

AA/A  =  a  of  property  A 
AB/B  =  b  of  property  B 
AC/C  =  c  of  property  C 


gives  the  same  relative  increment  of  the  criterion  K,  namely 
AK/K  =  1.  Specific  strength  per  unit  weight  is  a  particular  case 

of  this  criterion. 

Let  us  now  examine  a  criterion  that  expresses  equivalence  not 
of  relative,  but  of  absolute  increments. 

If  it  is  known  that  the  absolute  increments  AA,  AB,  AC,  ... 
of  properties  A,  B,  C,  ...  of  the  new  design  are  equivalent,  the 

abstract  polynomial 


+  JL 

A /  ^AB  AC 


(1.6) 


the  "reduo  1  quantities"  that  are  proportional  to  it 


=  C  +  ... 


(1.7) 
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1A  ■  SB 


(1.7)  Cont'd. ) 


can  serve  as  a  criterion  that  unifies  all  these  properties. 

Aviation  weight  is  a  particular  example  of  this  approach. 

Let  us  consider  one  more  example  in  which  this  procedure  is 
applied. ^  An  increase  can  be  obtained  •’n  the  speed  of  an  air¬ 
craft  with  no  change  in  load  per  square  meter  (p  *  G/S  *  const) 
by  increasing  engine  power.  Since  powerplant  weight  per  horse¬ 
power  is  approximately  constant,  increasing  the  power  with  p  ■ 

■  const  results  in  increased  flight  weight  and  wing  area.  Let 
us  suppose  that  calculations  of  this  kind  made  for  existing  air¬ 
craft  of  the  same  class  have  shown  that  they  all  have 


-C  ss  cum 


(1.8) 


while  retaining  their  true  loads  per  square  meter. 

This  means  that  the  aircraft  dimensions  settled  upon  in  prac¬ 
tice  are  such  that  a  1  km/h  speed  increment  is  bought  at  the  cost 
of  a  C-kilogram  increase  in  flight  weight,  i.e.,  practice  itself 
has  established  equivalence  of  a  1-km/h  speed  increase  to  a  C-kg 
decrease  in  flight  weight. 

Then,  having  a  family  of  G  =  f(Vmax)  curves  for  a  new  air¬ 
craft  design  of  the  same  class,  e.g. ,  for  various  G/S  «  const  (Pig. 
1 .  it ) ,  we  can  find  points  on  these  curves  that  correspond  to  con¬ 
dition  (1.8);  obviously,  these  will  be  the  points  of  tangency  of 
straight  lines  drawn  at  an  angle  arc  tan  C  to  the  Vmax  axis. 

Using  the  above  method,  this  equivalence  of  AG  and  AVmax  can 
be  expressed  by  the  criterion 


Footnote  (1)  appears  on  page  16. 
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This  quantity  might  be  referred  to  as  the 
"reduced  speed:" 


From  the  maximum  of  this  quantity ,  or  from 
the  minimum  of  the  proportional  "reduced 

weight"  Figure  1.4.  In- 

Gup®* — KC—G — CVmax  (1.9')  fluence  of  speed 

on  takeoff 

we  can  find  a  variant  that  resolves  the  con-  weight . 

tradiction  between  Vjnax  and  G  provided  that 

it  is  certain  that  a  1-km/h  speed  increment  is  equivalent  to  a 
weight  reduction  of  C  kilograms. 

As  we  noted  above,  use  of  criteria  of  this  kind  requires 
knowledge  of  the  equivalent  values  of  either  the  relative  or  the 
absolute  increments  of  the  various  properties.  This  investiga¬ 
tion  requires  analysis  of  more  general  criteria.  When  the  equiva¬ 
lence  condition  is  not  satisfied,  the  optimum  combination  of  the 
contradictory  properties  and  parameters  is  selected  on  the  basis 
of  a  more  general  criterion  linking  these  properties.  Thus,  the 
problem  is  reduced  to  one  of  finding  general  criteria.  This  will 
form  the  content  of  the  next  two  chapters. 


FOOTNOTE 

Manu¬ 

script 

Page 

No. 

14  ^Borrowed  from  Ye.  I.  Kolosov. 
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Chapter  2 

GENERAL  PREMISES  FOR  CRITERION  USED  IN  EVALUATING 
A  NEW  AIRCRAFT  DESIGN 

§2.1.  CONDITIONS  FOR  FINDING  OPTIMUM  VERSION  OF  DESIGN.  GENERAL 
REQUIREMENTS  FOR  CRITERION  FOR  EVALUATION  OF  NEW  AIRCRAFT 
DESIGN 

In  §1<3j  we  pointed  out  the  need  for  use  of  a  criterion  that 
unifies  the  particular  requirements  made  of  the  new  aircraft  de¬ 
sign  and  its  parameters  in  order  to  arrive  at  the  optimum  techni¬ 
cal  requirements  for  the  design. 

In  addition,  it  is  necessary  to  find  limiting  relationships 
among  the  pr  perties  and  parameters  of  the  airplane.  These  rela¬ 
tionships  may  be  determined  by  the  real  construction  and  use  con¬ 
ditions  of  the  airplane,  the  level  of  technology,  and  physical  re¬ 
lationships.  Given  a  criterion  and  all  possible  limiting  rela¬ 
tions  between  the  airplane's  properties  and  nui-r.meters ,  the  fol¬ 
lowing  optimality  condition  can  be  formulated  for  the  technical 
requirements:  those  technical  requirements  and  parameters  that 
ensure  the  extreme  (minimum  or  maximum)  value  of  the  criterion 
with  observance  of  the  limiting  relations  will  be  optimal. 

The  criterion  must  be  quantitative  and  express  objectively 
the  degree  to  which  the  airplane,  in  the  particular  version, 
serves  its  purpose,  and  it  is  necessary  to  know  how  the  criterion 
depends  on  all  of  the  design  variables  that  influence  it. 

FTD-HC-2 3-753-71  17 


Since  there  are  many  variables  and  the  criterion  depends  on 
them  in  a  complex  manner,  the  method  used  to  find  the  optimum 
parameters  must  be  such  as  to  establish  an  absolute  extreme  of 
the  criterion  and  not  simply  relative  ones. 

When  it  is  remembered  that  the  performance  of  a  complicated 
object  is  influenced  by  an  enormous  number  of  variables  and  that 
many  of  these  variables  are  interrelated  in  rather  complex  fash¬ 
ion,  the  task  of  finding  the  optimum  design  appears  Impossible. 

In  practice,  however,  the  work  is  made  easier  by  investigating 
at  first  only  the  effects  of  the  basic  variables  and  also  by  the 
fact  that  many  of  them,  including  important  ones,  are  found  to 
be  constant  under  the  conditions  of  the  particular  assignment.  In 
aircraft  design,  constant  assigned  quantities  of  this  type  might 
be,  for  example: 

1)  all  engine  characteristics  if  the  engine  is  specified; 

2)  the  strength  according  to  the  "Strength  Norms"; 

3)  landing  speed  for  an  airplane  whose  weight  changes  little 
during  flight; 

4)  takeoff  run  for  an  aircraft  with  a  large  change  in  weight 
during  flight,  etc. 

Those  quantities  whose  quantitative  Influence  on  the  adopted 
criterion  cannot  be  determined  may  also  be  assumed  constant.  In 
consideration  of  the  effect  of  comfort  on  the  criterion,  an  ex¬ 
ample  of  this  may  be  found  In  the  condition  of  constant  percentage 
weight  of  passenger  equipment  and  space  per  passenger;  this  cor¬ 
responds  approximately  to  the  condition  of  constant  degree  of  com¬ 
fort. 

§2.2.  THE  GENERAL  CRITERION 

In  many  cases,  the  basic  advantage,  to  be  derived  in  the 
new  aircraft  design,  Is  subject  to  quantative  evaluation 
in  terms  of  its  "production"  during  a  definite  time  span. 
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The  development  and  operation  of  any  airplane  has  an  inevit¬ 
able  negative  effect  in  the  form  of  materials  and  live  labor 
over  the  same  period,  the  full  variety  of  which  can  be  expressed 
by  a  single  indicator  -  the  cost  B  expressed,  for  example,  in 
rubles/year. 

To  add  these  two  effects  algebraically,  the  positive  effects 
A  must  also  be  expressed  in  rubles/year.  This  is  possible  if 
there  is  a  monetary  equivalent  a  [rubles/ton-kilometer]  for  the 
unit  annual  production  N  [ton-kilometere/year].  For  a  transport 
aircraft,  the  average  tariff  for  a  one -ton-kilometer  haul  is  such 
an  equivalent.  Then  the  positive  effect  A  *  Na  [rubles/year]  and 
the  criterion  K  assume  the  form 


K=A—B. 


(2.1) 


Thus,  the  criterion  for  design  of  a  transport  aircraft  be¬ 


comes 


K=A-B^Na-B  =  P. 


(2.2) 


i.e.,  the  familiar  annual  profit. 


In  addition  to  the  two  basic  effects  A  and  B,  the  general 
criterion  also  covers  other  effects  with  their  signs  if  these  ef¬ 
fects  admit  of  evaluation  in  rubles/year. 

One  of  the  additional  effects  tnat  makes  its  appearance  in  the 
case  of  any  capital  outlay  is  the  influence  of  this  investment  on 
the  rest  of  the  economy.  The  annual  total  of  a  country's  capital 
investments  is  determined  by  its  balanced  budget,  and  an  invest¬ 
ment  of  D  rubles  for  the  construction  of  a  given  objective  diverts 
this  amount  from  the  remainder  of  the  economy.  Thus,  this  one¬ 
time  capital  investment  of  D  rubles  results  in  annual  losses  to  the 
remainder  of  the  economy  amounting  to  payD  rubles/year,  where  pav 
is  the  average  profit  per  rubie  of  investment  in  the  entire  na¬ 
tional  economy  or  that  branch  of  it  from  which  the  amount  is  drawn. 
From  the  government's  standpoint,  the  amount  p&.rD  must  appear  in 
the  form  of  an  additional  minus  term  in  the  evaluation  criterion 
for  the  project: 
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Pep •  DmA—B — pcpD^Na — B — pcpD. 


(2.3) 


Thus,  the  eo3t  of  manufacturing  the  new  aircraft  appears 
twice  in  its  criterion:  the  total  of  expenses  B  includes  the  cost 
of  material  wear  and  tear  (depreciation)  and,  in  addition,  the 
loss  PayD  tc  the  country’s  national  economy'.  This  must  be  taken 
into  account  in  comparing  different  versions  of  aircraft. 

Let  us  consider  3uch  an  example.  Two  versions  have  been 
drafted  for  an  airline  to  carry  N  ton-kilometers/year  at  the  same 
annual  profit  P  [rubles/year],  but  the  second  variant  requires  a 
larger  capital  investment.  This  might  occur  if,  for  example,  the 
more  expensive  hardware  of  the  second  version  has  a  service  life 
that  is  longer  by  exactly  enough  so  that  the  depreciation  and 
all  costs  B  and  the  profit  P  remain  the  same  as  in  the  first  ver¬ 
sion.  If  judged  on  the  basis  of  profit  P,  the  two  versions  are 
equivalent.  In  actuality,  however,  the  first  version  is  superior 
because  it  gives  an  additional  capital-investment  economy,  as  re¬ 
flected  by  the  criterion 

K-'P-PcpD. 

The  amount  p  D  [rubles/year j  is  sometimes  called  the  "con- 
struction  cost."  Placing  a  completed  plant  in  operation  also  re¬ 
quires  a  simultaneous  investment  of  working  capital.  This  capi- 
tal  must  be  added  to  the  cost  of  construction,  with  the  assumption 
that  the  sum  D  also  includes  the  working  capital;  then  p&v.D  may 
be  referred  to  as  the  "construction  and  start-up  cost." 

Another  additional  term  in  the  criterion  will  be  considered 
in  Chapter  3* 

In  selecting  the  optimum  version  of  a  design  on  the  basic  of 
maximum  criterion  K,  the  conditions  set  forth  in  the  plan  under 
which  the  particular  objective  is  being  designed  must  also  be  ob¬ 
served.  Such  conditions  include  the  capital  investment  D  allo¬ 
cated  for  construction  and  commissioning  of  these  objectives  and 
their  total  annual  product  N.  Two  particular  cases  are  possible: 
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const  and  N. 


2.  N  *  const  and  D_ 


max'  -*  "  - - min* 

Let  us  examine  the  general  criterion  more  closely  for  the 
case  in  which  only  one  element  —  a  new  airplane  for  an  existing 
airline  -  is  being  designed,  and  not  the  entire  carrier.  The  same 
expression  for  K  will  serve  as  the  criterio'n  for  evaluating  the 
aircraft-pool  variants: 

K  *»  P—pcpD  mi  Na—B—pepD, 

but  the  constant  elements  that  are  independent  of  changes  in  the 
airplane  can  be  dropped  from  the  sum  B  and  D;  B  will  now  represent 
the  annual  costs  that  depend  on  the  airplane,  and  D  the  cost  of 
the  entire  aircraft  pool  on  the  line.  Let  us  consider  the  first 
particular  case,  when  a  fixed  total  capital  investment  D  =  const 
is  allocated  for  the  line's  entire  aircraft  pool.  When  the  con¬ 
stant  term  p  D  can  be  dropped  from  the  criterion,  leaving  the 

8V 


annual  profit  P 


Na  -  B.  i.e. , 

<D—  const) — P\  •  W. 


where  P1  =  I^a  -  B1  is  the  annual  profit  per  airplane  a.'d  n  is  the 


number  of  airplanes  on  the  line, 
cost  of  one  airplane,  we  have 


Since  n  «  D/D, ,  where  Z  is  the 


K  —  ~  D. 
t>\ 


Since  D  =  const  we  may  take  as  our  criterion  in  this  case 

_py  N  ,a-B, 


K-P- 


n, 


(2,4) 


i.e.,  the  profit  per  ruble  invested.  Economists  have  also  sug¬ 
gested  that  this  quantity  be  used  as  an  effectiveness  factor  for 
capital  investments  in  new  technology  [15] •  The  "1"  subscripts 
can  be  dropped,  since  it  lakes  no  difference  whether  the  quanti¬ 
ties  N,  B,  and  D  are  considered  per  unit  or  for  the  entire  pool. 


We  obtain  the  second  particular  case  if  a  constant  annual 
cargo  volume  is  specified  for  the  line.  In  this  case,  the  first 
term  in  our  expression  for  the  criterion  wili  be  Na  =  const  and 
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mm 


urns 


can  be  dropped.  The  criterion  becomes  negative,  assuming  the  form 

/C«=B'=fl+/>epD. 

i.e.,  the  criterion  is  now  the  annual  cost  B',  in  which  the  on¬ 
line  expenses  B  are  added  to  the  "’construction  and  start-up”  costs 
PavD*  Reasoning  analogous  to  that  used  in  the  first  case  endows 
the  criterion  B'  with  the  form 


but  since  N  *  const, 


B' 


N, 


the  ratio 


a* 

N  • 


(2.5) 


can  serve  as  the  criterion.  Here  the  "1”  subscripts  have  been 
omitted  for  the  same  reasons  as  in  the  first  example. 


The  quantity  b'  is  the  first  cost  per  unit  product,  and  this 
indicator  is  also  used  frequently  to  evaluate  the  effectiveness  of 
the  airljne  or  airplane.  It  is  only  necessary  to  remember  that 
the  construction  and  start-up  costs  PayD  should  also  be  included 
in  the  cost  B'  to  obtain  a  more  complete  evaluation. 


x 


Figure  2.1.  Region  of  near- 
optimum  solutions. 


It  is  clear  from  these  two 
examples  that  criteria  in  the  form 
of  the  ratios  p  =  P/D  and  b'  * 

=  B'/N  are  quite  correct  for  evalu¬ 
ation  of  a  given  aircraft  if  for 
the  complex  consisting  of  these 
aircraft  we  omit  the  fixed  sum 
D  *  const  (criterion  p)  or  have  a 
prescribed  fixed  annual  production 
volume  N  =  const  (criterion  b'). 


It  must  be  remembered  that 

it  is  not  possible  in  all  cases  to  estimate  the  basic  positive  ef¬ 
fect  in  the  same  units  as  are  used  for  the  negative  effect;  in 
this  case,  reducing  to  equal  conditions  N  =  const,  we  obtain  a 
criterion  in  the  form  of  the  "net  cost  per  unit  production”  anc 
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the  variant  selected  will  be  optimum  only  for  this  particular  con¬ 
dition.  Certain  properties  do  not  admit  of  inclusion  in  the  gen¬ 
eral  criterion  at  all;  examples  are  the  political  significance  of 
the  new  design,  the  defense  value  of  a  nonmilitary  design,  the 
conservation  or  depletion  of  "uncharged"  natural  resources,  com¬ 
fort,  aesthetic  qualities,  etc.  In  this  case,  there  is  no  reason 
to  abandon  the  attempt  to  evaluate  the  project  on  the  basis  of  a 
general  criterion,  but  the  selection  must  be  "biased"  away  from 
the  criterion-optimum  variant  in  the  direction  of  support  for 
properties  not  incorporated  in  the  criterion.  Such  selection  will 
inevitably  be  subjective  and  less  precise.  If,  for  example,  the 
influence  of  the  smoothly  varying  quantities  A  and  B  on  the  cri¬ 
terion  adopted  for  evaluation  of  the  objective  is  analyzed  (Pig. 
2.1),  there  is  usually  a  rather  extensive  zone  P  in  which  the 
criterion  K  differs  little  from  its  extreme  value  in  the  neigh¬ 
borhood  of  the  optimum  parameter  values  (point  0).  If  it  was  not 
possible  to  include  certain  important  properties  in  the  criterion 
K,  it  is  advantageous  in  the  final  selection  of  A  and  B  to  move 
away  from  point  0  into  the  region  of  zone  P  in  which  the  values 
of  the  imponderable  properties  of  the  objective  are  more  favor¬ 
able.  Considerations  involving  proposed  future  modifications  of 
the  objective  may  also  dictate  regression  from  the  optimum  in  one 
or  another  direction. 

In  the  design  of  smaller  parts  and  components,  the  criterion 
may  be  the  increment  to  the  total  criterion  that  results  from  the 
presence  of  the  particular  part  or  component,  and  will  be  a  func¬ 
tion  only  of  the  properties  of  the  component. 

Suppose,  for  example,  that  the  criterion  K  is  a  function  of 
n  variable  properties  of  the  object: 

K=f(A,  B.C...N ), 

and  that  each  part  of  the  design  influences  only  l  of  these  prop¬ 
erties,  i.e.,  properties  A,  B,  C,  ...,  L. 


FTD-HC-23-753-71 


23 


We  write  the  total  differential  of  the  criterion  K  with  re¬ 
spect  to  the  l  variables  and  convert  from  the  differentials  to 
finite  increments: 

^“£^+l4fl+llC+---!r4£-  (2.6) 

In  this  ease,  the  quantity  AK  can  be  used  as  a  criterion  for 
small  parts.  Here  the  partial  derivatives  become  constant  coef¬ 
ficients  and  AA,  AB,  AC,  AL  become  the  changes  in  the  prop¬ 

erties  of  the  objective  resulting  from  the  presence  of  the  com¬ 
ponents  in  question. 

On  an  airplane,  for  example,  each  part  performs  its  function 
and,  in  addition,  has  a  weight  AG  and  a  cost  AD.  If  variants  of 
a  part  that  perform  their  functions  equally  well  (have  equal 
"functional  qualities")  are  compared,  there  remains  as  the  cri¬ 
terion  the  binomial 

l0+lr40- 

If  each  designer  has  such  a  polynomial  criterion  at  his 
disposal  for  selection  of  optimum  part  variants,  the  efforts  of 
the  entire  designer  staff  will  be  oriented  to  acquisition  of  the 
optimum  design  variant. 


2<l 
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EVALUATION  CRITERION  FOR  CIVIL  AIRCRAFT 


§3.1.  SPEED  AS  "QUALITY"  IN  HAULING 

It  was  shown  in  §2.2  that  a  carrier  can  be  evaluated  on  the 
basis  of  its  gross  revenue  with  allowance  for  construction  and 

start-up  costs"  PayD: 

K=Na—B—pcpD. 


Let  us  now  show  that,  as  applied  to  hauling,  the  criterion 
must  include  another  term  that  takes  account  of  speed  as  “quality 
in  hauling  operations. 

Let  a  load  of  value  K  in  rubles/ton  belonging  to  an  enter¬ 
prise  with  a  profit  margin  Pen[S]  be  hauled  by  a  carrier  at  the 
average  commercial  speed  V00m  [km/h].  If  one  ton  of  such  cargo 
remained  en  route  for  one  year,  It  would  be  out  of  circulation 
for  a  year;  similarly,  storage  of  the  cargo  in  a  warehouse  would 

result  in  a  loss 

P* p  °«i  rubles  t 
100  con* yr  ’ 


The  loss 
route  is 


incurred  when  the  ton  of  cargo  spends  one  hour  en 


Kpnv  _  Kpa  p  rubles 
c ”100^365^24” ~  876000’  ton*  yr  5 


(3-D 
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where  p  is  in  percent, 
en 


For  a  passenger,  the  coefficient  C  can  be  determined  as  fol¬ 


lows  : 


£•12 

+P  _ 

-A  1 

365-24' 

730  \ 

rubles _ 

passenger* hr  * 


(3.2) 


where  E  [rubles/month]  is  the  passenger’s  monthly  salary. 


Here  the  factor  in  parentheses  reflects  the  fact  that  each 
hour  spent  on  the  job  creates  value  greater  than  the  passenger's 
pay  by  the  value  of  his  production;  for  complete  evaluation  of 
the  passenger's  time,  therefore,  his  salary  must  be  increased  by 
his  employer's  annual  profit  P  divided  by  his  salary  Bsa^. 

Let  us  assume  that  the  passenger  and  his  baggage  weigh 


then 


G  -  100  kg; 
pas 


r—  C  —  ?r*c  I  1  .l  _JH_\ 

0,1  73  V1  h  fl,„  )  ' 


(3.  '■) 


The  cargo  or  passenger  spends  a  time  l/vcom  [h/km]  on  each 

kilometer  traveled  and,  consequently,  the  loss  per  ton-kilometer 

is  c/V  [rubles/ ton-km]  or,  in  one  year, 
com 

y  e  ruble  t 


where  c  is  determined  as  the  average  for  the  cargo  quota  of  the 
line  in  question. 

This  is  the  negative  term  that  must  be  added  to  the  criter¬ 
ion  of  a  transport  airplane  to  take  account  of  speed  as  hauling- 
porformance  quality;  then  the  general  criterion  takes  the  form 


K ■  -  Na  —  .9  -  pj)  \'~ 

rcV  I*- 


(3.4) 


where  p^-D  =  B^. 
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Evaluation  of  cargo  time  en  route  was  proposed  by  Prof.  M.M. 
Protod'yakonov  for  selection  of  optimum  railway  routes  [16].  As 
concerns  evaluation  of  passenger  time  en  route,  it  is  encountered 
in  the  foreign  literature. 

The  numerical  value  of  the  coefficient  C  for  passengers  and 
cargo  can  be  estimated  as  follows. 

Let  us  assume 

—-0,75, 

A3.11 


then 


73 


1,75  —  0.024E; 


for 


*-200  C-(MB4.aOO-43|^ig; 


Let  us  now  see  how  much  one  ton  of  cargo  belonging  to  an 
enterprise  operating  with  a  profit  margin  of  6%  must  be  worth  for 
the  coefficient  C  for  the  cargo  to  have  the  same  value: 


4.8  876  000  _7Q0Rnn  ruble-  ss700  rubles  . 

6  r  l'g 

Obviously,  it  will  seldom  be  necessary  to  convey  sucn  expen¬ 
sive  cargo  by  air,  while  passengers  earning  200  rubles  per  month 

will  be  quite  common. 

This  does  not,  of  course,  imply  that  air  cargo  is  unprofit¬ 
able;  after  all,  Nc/Vcom  is  only  a  small  correcting  term  to  the 
annual  outlay,  and  the  question  of  advantage  depends  on  the  entire 

criterion. 

The  correcting  term  Nc/Vcora  removes  a  certain  element  of 
fetishism  from  the  notion  of  transport  speed  and  permits  more 
comprehensive  and  objective  evaluation  of  the  importance  of  speed. 

This  evaluation  of  speed  does  not  apply  to  emergencies  in 
which  speed  of  delivery  is  of  prime  importance.  Such  cases  also 
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ffcejuire  special  delivery,  e.g. ,  by  "mercy  flight"  for  emergency 
aedifcal  assistance,  or  perhaps  even  a  helicopter,  which,  although 
it  is  slower  than  an  airplane,  is  not  as  restricted  in  its  choice 
of  landing  sites,  so  that  the  time  to  move  a  patient  by  automobile 
is  improved  upon. 

§3.2.  AIR  ROUTE  EVALUATION  CRITERION 


To  obtain  an  expanded  expression  for  this  criterion,  an  ex¬ 
pression  for  the  capital  investment  D  [rubles]  for  the  annual 
product  N  [ton-km/year]  of  the  air  route  and  the  annual  operating 
cost  B  [rubles/year]  must  be  substituted  into  formula  (3.*0. 


The  capital  investment  may  be  divided  into  two  parts: 

■**  ®e,ni 


(3.5) 


where  D  is  the  cost  of  ground  structures  and  D  is  the  cost 
g.s  °  a.p 

of  the  aircraft  pool;  the  corresponding  fractions  of  the  working 


capital  are  included  in  each  pert. 

The  annual  product  of  an  aiv’  route  is 


.V 


ton ‘km 


K 


(3.6) 


where  is  the  lead  factor  —  the  average  payload  of  the  aircraft 


expressed  as  a  fraction  of  its  maximum  capacity  G^,  G  is  the 
weight  of  the  airci’ft,  i  is  the  number  of  hauls  on  the  route  per 
year,  L  is  the  nonstop  distance  traveled,  Gpl  is  the  maximum  pay- 


load  for  a  given  weight  of  fuel  (for  a  given  range),  Si  ■  °pi/0 


is  the  payload  ratio  (the  relative  weight  of  the  payload),  T  is 
the  flying  time  on  the  route  per  year,  and  vcruisfe  is  the  schedule 
or  trip  speed  in  km/h. 

The  trip  speed  is  determined  from  the  formula 


f 
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Mi 


where  VJru^se  and  Lcj,uic,e  are  the  cruising  speed  and  distance  and 
t  *  is  the  time  to  take  off,  climb,  descend,  and  land. 

t-j. 


The  higher  tne  speed  and  altitude  of  flight  and  the  shorter 
the  range ,  the  greater  will  be  the  difference  between  trip  and 
cruising  speed. 


For  subsonic  passenger  aircraft  with  pressurized  cabins, 

vtrip  comes  to  75”85*  of  Vcruise * 

The  annual  expenses  in  B  [17]  consist  of  depreciation  and 
the  cost  of  major  repairs  to  the  aircraft  (B&)  ana  engines  (Ben), 
the  cost  of  fuel  and  lubricants  (Bf),  paying  the  crews  (Bcw),  the 


cost  of  technical  servicing  and  routine  maintenance  (Br m)»  and 


airport  expenses  (B.p).  Consequently, 


B— Bc-\-  Br  +  B- 4-  BT , 


(3.8) 


Phe  cost  of  repairs  to  the  airplane  can  be  determined  from  the 


formula 


& «  —Ml 

*  pcttc 


(  3 . 9 ) 


where  n  is  the  number  of  aircraft  on  the  route,  D&  is  the  cost  of 


one  airplane  (dry  and  without  engines),  M,a  is  the  total  time  (m 
hours)  logged  by  the  airplane  ever  its  entire  lifetime,  ka  is  the 
cost  of  one  major  overhaul,  expressed  as  a  fraction  of  the  cost 
of  the  airplane,  and  m,  is  the  number  of  mafor  overhauls.  It  can 


be  assumed  that 


daGdry  w/o  en 


(3-10) 


wherp  G  ,  is  the  weight  of  the  dry  airplane  and  its  equip- 

dry  w/o  en  .  .  .  the  drv 


dry  w/o  en  kilogram  of  the  dry 

ment  without  engines  and  d  io  tne  co.i  per 


airplane  without  engines;  for  present-day  transport  aircraft. 


d  «  10-30  [rubles/kg], 
a 


The  lower  limit  pertains  to  small  aircraft  of  mixed  con¬ 
struction,  and  the  upper  limit  to  all-metal  aircraft  with 
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pressurized  cabins. 

Statistics  indicate  that  the  lifetimes  of  aircraft  lie  in  the 

range 

Afe  1 0  000  -t-  25  000 

The  lower  limit  pertains  to  small  aircraft  used  on  local 
short  hauls,  and  the  upper  limit  to  large  long-haul  aircraft. 

For  medium  aircraft  of  the  LI-2  type,  M  =  15,000  h.  The  cost 

cl 

fraction  accounted  for  by  major  overhauls  is  k  =  0.15  for  small 

a 

short-haul  aircraft  and  kQ  =  0.10-0.12  for  long-haul  models. 

If  the  time  in  flight  hours  between  overhauls  H  [h/o'h]  is 

a 

known,  the  number  of  overhauls  is  determined  from  the  formula 


mc 


(3.H) 


The  next  smaller  whole  number  is  taken.  According  to  statistics. 


He  — 1500  2000 1HL. . 

o '  h 

The  expenses  for  the  engines  can  be  determined  from  the  formula 


1 


(3.12) 


where  z  is  the  number  of  engines  on  the  airplane,  D  ,  is  the  cost 
of  an  engine  together  with  its  propellers;  M£n  is  the  useful  life¬ 
time  of  an  engine,  kgn  =  0.2  is  tne  cost  of  one  overhaul,  express¬ 
ed  as  a  fraction  of  the  cost  of  the  engine,  and  rn  is  the  number 

en 

of  major  overhauls  per  engine. 

It  can  be  assumed  that  for  piston  and  turboprop  engines 

Dit  =  dN-N,  (3.13) 

where  N  is  the  rated  horsepower  output  of  the  engine,  d^  *  8 
rubles/hp  for  piston  engines,  and  dfJ  =  7-5  rubles/hp  for  turbo¬ 
props.  For  turbojet  engines, 
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(3.14) 


Dsot’=dp-Pt, 

where 

(JP= 8  rubles _ . 

kgf  of  thrust  * 

PQ  is  the  engine's  static  thrust  on  the  ground. 

Statistically,  the  total  lifetime  of  an  engine  depends  on  the 
degree  of  post-inception  refinement  of  the  specific  engine  type, 
lying  in  the  range 

A1„-  2000  50u0 , 


with  M  ~  4,000  for  piston  engines  and  M  «  2,000  for  turbojets 
en  en 

and  turboprops. 

The  number  of  major  overhauls  is  determined  from  the  formula 

(3.15) 


where  H  is  the  time  between  overhauls  and 
en 

//,„  tiOOn- 

o  'h 


If  no  specific  data  are  available,  it  may  be  assumed  that  Hen  = 

=  650  h/o'h  for  piston  engines  and  Hgn  =  500  h/o'h  for  turbojets 
and  turboprops.  The  cost  of  fuel  and  lubricants  is  determined  lor 
turbojets  by  the  formula 


Here  the  coefficient  1.1  takes  account  of  oil  consumption  and  the 
fuel  consumed  in  running  the  engines  up  on  the  ground,  in  the 
takeoff  runup,  and  during  the  climb' with  consideration  of  the 
fuel-consumption  decrease  during  descent  and  deceleration.  Cgp 
[kg/kgf of  thrust J  and  P  are,  respectively,  the  average  values  of 
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the  engine's  cruising  specific  fuel  consumption  and  thrust,  and 
x,  [rubler/kgj  is  the  cost  of  the  fuel.  For  kerosene,  *  0.0*15 
ruble/kg. 

In  more  accurate  determinations  of  runup  and  climbing  fuel 
consumption  with  consideration  of  the  lower  consumption  during 
descent  and  deceleration,  formula  (3*16)  takes  the  form 


fir  1,05.*, 


U  t.  .  Cy,40-C,,(fi-0,) 
- - - - 

y  V'peltc  3600 


(3.17) 


Here  the  coefficient  1.05  takes  account  of  fuel  consumed  in  rev¬ 
ving  the  engines  up  on  the  ground,  0  w  is  the  specific  fuel  con- 

S  p  •  1*1 

sumption  at  maximum  middle-alcitude  climbing  power,  the  term 

C  (G  “  Gp)  takes  account  of  the  fuel  saved  during  descent  and 
s  p  X 

deceleration,  aM =  vcruise  che  cruising  speed  in  m/s,  and  H 
is  the  cruising  altitude  in  meters. 

The  quant4 ties  H/aM  and  aM/9.8l  take  account  of  the  fuel  used 
in  climbing  and  in  the  takeoff  run,  respectively.  It  can  be  as¬ 
sumed  In  approximation  that 

Gf  a  0.30. 

The  same  formulas,  (3-16)  and  (3*37),  are  also  suitable  for 
propeller  engines,  but  P  must  be  replaced  by  the  average  cruising 
power  N  and  Co  is  taken  In  kg  of  fuel  per  horsepower-hour;  the 

6  3p 

expression 

c»,y<-  cv1  ((•  —  (>•,) 

3600 


is  replaced  by 


Cvl.V'  ~  Cy  I  (  (i.)  —  (O'  —  0,) 

3fi00-7.rT 1  '  '  200  000 

where  C  ..  is  the  specific  fuel  consumption  rate  at  maximum  mid- 
sp.M 

dle-altitude  climbing  power  per  horsepower-hour  and  Vcrulge  is  to 


t 
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be  taken  in  m/s. 


Crew  annual  cost  is  composed  of  the  monthly  base  pay  of  each 
crew  member  and  flight  pay.  In  addition,  1%  of  the  total  sum 
paid  to  crew  members  is  budgeted  by  the  line  for  life  insurance 
end  disability  compensation. 

fi«=1.07.|2n(2£)-H,07(2je)^  (3-l8) 

where  n  is  the  number  of  aircraft  on  the  line. 


Table  3*1 


Crew  member 

E, 

T--ubles/mo 

*, 

rubles/km 

Pilot 

210 

0.008 

Copilot 

176 

0.006 

Navigator 

l6l 

0.00b 

Flight  Engineer 

154 

0.0048 

Radar  Operator 

132 

0.0044 

Stewardess 

80 

0.0016 

The  monthly  salaries  E  include  bonuses  and  allowances;  x  is 
the  rate  of  payment  per  kilometer  flown.  Values  of  E  and  x  are 
given  in  Table  3.1;  the  sums  E  are  taken  for  the  entire  crew. 

The  number  of  stewardesses  is  determined  on  the  basis  of  one 
per  50  passengers. 

Usually,  the  copilot's  or  navigator's  seat  is  occupied  on 
50*  of  all  flights  by  a  higher-salaried  chief  pilot's  representa¬ 
tive;  for  this  reason,  70  rubies/rao  should  be  added  to  the  sum 
EE  and  0.002*1  ruble/km  to  Ex. 

The  annual  cost  of  technical  servicing  and  routine  mainte¬ 
nance  (according  to  studies  by  Engineer  V.P.  Gal ' kovskiy )  per 
flight  hour  can  be  assumed  proportional  to  the  cost  of  the  dry 
airplane  with  a  proportionality  factor  of  5  *  10  :> ,  so  that 


£t.0  -5-10-s(Dc  +  .>DJ 


IL 

^peAc 


(3.19) 
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rVirtf  fill* 


These  five  items  of  expenditure  exhaust  the  basic  so-called 
"direct*'  costs.  These  costs  are  usually  increased  by  about  an¬ 
other  7 %  to  take  account  of  the  total  of  minor  direct  expenses. 
The  cost  oi  training,  auxiliary,  and  service  flights  makes  up  a 
considerable  faction  of  these  expenses.  However,  these  flights 
may  be  regarded  as  a  certain  number  of  unpaid  flights,  i.e., 

"dry  runs"  with  the  load  factor  *  0,  and  this  must,  in  turn, 
be  taken  into  a  count  by  reducing  the  average  annual  load  fact'  • 
of  the  line.  We  shall  assume  that  the  coefficient  *  0.65 
also  takes  account  of  these  "unpaid"  flights. 

The  same  additional  7%  also  includes  the  cost  of  ground  en¬ 
gine  testing,  but  we  have  already  taken  them  into  account  with 
the  1.05  coefficient  applied  to  fuel  cost.  The  remaining  unac¬ 
counted  minor  direct  costs  can  be  discarded  as  insignificant. 


There  is  one  more  major  group  of  expenses  —  the  so-called 
"indirect"  costs,  which  amount  to  35?  or  more  of  the  "direct" 
costs.  They  include  depreciation,  repairs,  and  servicing  for  all 
ground  structures  and  equipment,  ground  servicing  of  aircraft, 
passengers  and  cargo,  administrative  overhead,  etc.  Following 
the  example  of  [17],  we  separate  from  these  indirect  costs  the 


airport  costs  associated  with  servicing  of  the  aircraft, 
gers,  and  cargo: 

d^j-j  =  40fl 0  +30IA.G,*. 


passen- 

(3.20) 


Here  G  and  0  ^  are  in  tons.  The  first  terra  expresses  the  depre¬ 
ciation  and  cost  of  repairing  and  cleaning  parking  areas  and 
cleaning  the  aircraft  themselves,  while  the  second  term  repre¬ 
sents  the  cost  of  servicing  passengers  ana  cargo  and  loading  and 
unloading  cargo.  The  coefficients,  40  rubles/ton-year  and  30 
rubles/ton- flight  may  be  lowered  if  cleaning  and  cargo  handling 
are  mechanized,  but  the  former  will  be  considerably  higher  if 
the  aircx'aft  are  stored  in  hangars. 


In  the  planning  work  on  an  air  route,  it  is  also  necessary 
to  take  all  remaining  indirect  costs  into  account,  since  they  all 


p 


t 
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depend  in  one  degree  or  another  on  the  plan  chosen  for  the  route 
and  influence  its  criterion  K. 

Thus,  in  planning  for  a  new  class  of  air  route  and  the  air¬ 
craft  to  service  it,  the  takeoff  and  landing  properties  of  the 
airplane  and  the  corresponding  runway  length  must  be  so  selected 
that  the  cost  of  the  aircraft  and  the  runways  will  minimize  the 
criterion  K.  Consideration  of  runway  cost  may  result  in  selec¬ 
tion  of  an  airplane  that  costs  more  but  uses  less  runway  in 
taking  off  and  landing. 

§3-3.  CRITERION  FOR  EVALUATING  A  PASSENGER  AIRCRAFT 


Since  an  extensive  network  of  air  routes  already  exists,  the 
problem  of  designing  an  airplane  for  an  existing  network  is  of 
great  practical  Importance.  In  this  formulation  of  the  problem, 
the  characteristics  of  the  air  routes  are  the  operating  condi¬ 
tions  for  the  new  aircraft  design,  knowledge  of  which  becomes  one 
of  the  aforementioned  conditions  that  are  necessary  for  arriving 
at  the  optimum  design  version  of  the  aircraft. 

Air  routes  vary  widely  in  length,  amount  of  passenger  and 


cargo  traffic,  airport  equipment,  runway  length,  terrain  relief, 
climate,  and  other  properties.  There  are  four  classes  of  airports 

act  1  1  cfpH  -In  Tah  1  p 


The  variety  of  air  routes  and  airports  has  as  a  consequence 
that  a  universal  aircraft  designed  for  all  routes  would  be  far 
from  the  optimum  in  any  particular  case.  It  is  more  advantageous 
to  design  an  airplane  for  a  whole  group  of  routes  that  di  ffer 
little  from  one  another  in  traffic  flow  and  runway  length,  e.g. , 
an  intercontinental  or  transcontinental  "liner,"  an  aircraft  for 
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trunk  airways  with  1000-2000-km  nonstop  distances,  an  airplane  for 
500-1 ,000-km  local  routes  and,  finally,  an  airplane  for  the  very 
shortest  local  routes.  It  is  necessary  to  specify  for  each  of 
these  aircraft  types  the  appropriate  airport  class  and  the  annual 
passenger  and  cargo  flow  N  [tons-km/year] ,  -which  is  planned  on 
the  basis  of  an  average  N  for  routes  of  the  particular  type  with 
room  for  future  adjustment. 

Having  a  statement  of  this  type,  we  can  derive  a  criterion 
for  evaluation  of  the  aircraft.  Since  the  ground  structures  and 
equipment  of  air  routes  of  an  existing  group  remain  unchanged 
when  a  new  aircraft  is  designed  for  them,  the  cost  of  these  items 
will  remain  practically  unchanged  on  a  change  in  aircraft  de¬ 
sign.  As  a  result,  all  indirect  costs  may  be  assumed  constant  and 
discarded  in  formula  (3./0  for  the  air-route  criterion,  leaving 
only  the  costs  expressed  by  formulas  (3-8)— (3-20).  Moreover,  as 
we  showed  earlier,  the  condition  N  =  const  enables  us  to  change 
from  the  polynomial  criterion  of  formula  (3.*0  to  a  criterion  in 
the 

the 
the 
the 
the 


form  of  a  ratio,  i.e.,  costs  per  ton-kilometer. 

Finally,  T  =  iL/Vtrip,  i.e.,  the  number  of  hours  flown  on 
route  per  year,  cancels  in  the  numerator  and  denominator  of 
resulting  ^atio;  we  then  obtain  the  criterion  as  the  ratio  of 
hourly  cost  per  single  airplane  to  the  hourly  productivity  of 
single  airplane. 


For  a  jet  aircraft,  this  formula  takes  the  form 


k'  w 

.3_  _ 

c/n  r  j 

1  +  ^\Hm  | 

A  -  J  — 

A»c  ) 

l 

p«ftc 

*3  n*«c 

1  f  1  zCy  i 

n  xL  X 

1.07. 

l5. 

Oi  Om  l 

pefic 

^  3 

dnjihl 

- p 

'•ad',,.. 

40fi 

Pc |>  (&c.  4  (  C 

*a^n 

.M 

+  L  1 

d'ru'  l  L  V  pc 

d  G 

w/o 

and 

D 

-  d  P . 

a  dry 

en> 

er 

:  en 

'  It1. Up  IK' 


(3.21) 


A  similar  formula  applies  for  aircraft  with  propeller  en¬ 
gines,  but  C  N  must  be  substituted  for  CP,  with  recognition 
°  5  sp  ^P 

of 
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Djp = dfpN\ hum- 


Let  us  consider  a  particular  example: 


G  =  42  tons, 

“dry  w/o  en  *  22  tons" 

GP1  =  ^  t0nS> 

xt  =  0.65, 

Vtrlp  =  790  km/h> 

1,  =  i/n  =  200  trips/air¬ 
plane-year 

L  =  1,500  km, 

d„  *  25  rubles/kg, 

a 

D„  »  25  ‘  22,000  = 

a 

=  550,000  rubles, 

Ma  =  23,000  hours, 
ka  =  0-12, 

raa  =  7’ 
z  =  2 


PQ  =  6,000  kgf , 


Den  =  8  •  6,000  -  48,000  rubles, 

Men  =  2 *500  hours, 

k  =  0.2, 

en 

m  =3, 
en  * 

C  =0.8  kg/kg  of  thrust, 
sp 

P  =  2,000  kgf, 

xf  =  0.045  rubles/kg, 

£  =  990  rubles/aircraft-month, 

£  =  0.033  rubles/km-aircraf  t , 

D  +  zD  =  550,000  +  2  • 
a  en  * 

*  48,000  =  646,000  rubles, 

P  =0.06, 
av  * 


c  =  4.8  rubles/ton-hour, 
dp  =  8  rubles/kgf  of  thrust. 


K  -  '  V  ben  *  bf  +  bc„l  +  bcw2  *  br.m  +  bAPl  +  bAP2  + 

+  b  +  b  or,  in  figures, 

a.  •  p  •  • 


K-6'  =  0, 02144  0,0299 -r  0,0771  -|-  (0,0163  |  0,0136) 


40,0157+  (0,0022  +  0,020)  40,0496-1  0,0061  =0,2519 


rubles  _ 
ton*  km 


•=25,2 


ton*  km 


With  the  Indirect  costs,  this  comes  to 


s'=  1,35 .25,2-34  kO£_ _ , 

t on • km 


It  is  also  possible  to  obtain  another  crit  rl  on  for  evalua¬ 
tion  of  a  passenger  aircraft  that  is  also  a  ratio  of  an  advantage 
to  cost,  namely:  "profit  per  ruble  of  investment,"  which  econo¬ 
mists  recommend  for  evaluation  of  new  technology  and  which,  as 
we  showed  above,  proceeds  from  the  condition  of  constant  total 
capital  Investment  D  =  const.  In  practice,  a  criterion  of  the 
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form  p  *  P/D  is  less  suitable,  since  the  condition  D  *  const  is 
usually  not  observed  and  allocations  for  the  construction  of  a 
given  version  of  the  aircraft  may  continue  from  year  to  year,  de¬ 
pending  on  the  results  from  operation  of  the  early  series. 

§3- ^ .  CRITERION  FOR  EVALUATION  OF  A  PART  OR' COMPONENT  OF  A  PASSEN 
GER  AIRCRAFT 

The  properties  of  any  part  of  an  air  :raft  influence  the  prop 
erties  of  the  aircraft  and  the  criterion  for  its  evaluation.  The 
whole-airplane  criterion  may  serve  as  ;ne  criterion  for  a  major 
component  of  the  aircraft,  with  exclusion  of  those  terms  of  the 
criterion  that  do  not  change  when  the  part  being  evaluated  change 
For  smaller  parts,  the  increment  in  the  airplane's  criterion  ow¬ 
ing  to  the  presence  of  the  planned  part  on  it  may  serve  as  the 
criterion . 

Any  part  of  an  airplane  has  a  cost  and  a  weight  and  performs 
certain  functions,  exhibiting  a  certain  functional  quality  in  the 
process;  it  may  also  influence  frontal  drag,  lift,  safety,  sta¬ 
bility,  controllability,  comfort,  and  the  like. 

Let  us  consider  a  case  in  which  a  part  has  three  inevitable 
properties:  cost,  weight,  and  functional  quality,  and,  in  addi¬ 
tion,  has  a  frontal  drag  or  influences  frontal  drag.  We  shall 
assume  the  functional  quality  of  the  component  to  be  constant. 
This  must  be  done  either  because  the  quality  must  in  fact  remain 
unchanged  or  because  the  exact  dependence  of  the  aircraft  cri¬ 
terion  on  the  functional  quality  of  the  component  is  unknown. 

When  this  assumption  is  used,  the  component  will  influence  the 
criterion  only  in  virtue  of  its  cost,  weight,  and  frontal  drag. 

Examples  of  such  components  are  antennas,  ram  air  intakes, 
landing-gear  pods,  etc. 

Let  us  assume  that  the  type  and  number  of  the  engines  have 
been  decided  upon,  along  with  the  layout,  parameters,  and  basic 
dimensions  of  the  airplane;  in  addition,  the  aerodynamic  design 
and  weight  calculations  have  been  carried  out  and  all  quantities 
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appearing  in  formula  (3-*0  for  the  net  cost  per  ton  kilometer  have 
been  selected  or  calculated  with  the  accuracy  possible  at  this 
stage  in  the  design  work. 

A  number  of  cases  will  be  considered,  as  functions  of  those 
properties  of  the  airplane  that  are  assumed  constant. 

1.  Cruising  Altitude  and  Speed  Constant 

Installation  of  a  component  costing  AD  rubles,  we* jhing  AG 
kgf,  and  having  a  frontal  drag  AQ  kgf  to  perform  a  certain  func¬ 
tion  on  the  airplane  increases  the  airplane's  weight  by  an  amount 
AD&  and  reduces  its  payload  by  AG^,  which  is  equal  to  the  avia¬ 
tion  weight  of  the  component: 

AG«  AG4-~^Q. 

2cv 


The  Increase  in  b'  due  to  the  presence  of  the  additional  com¬ 
ponent  (as  a  result  of  the  increase  in  D&  and  the  decrease  in  G  .  ) 
is  found  by  the  general  method,  by  writing  the  total  differential 

of  b'  with  respect  to  D  and  G  ,  and  replacing  the  differentials 

3.  pi 

with  finite  increments: 


\a' 


l> c  ' 


(3-22) 


Here  AGp-^  appears  with  the  minus  sign,  sine?  the  weight  AG  and 
frontal  drag  AQ  of  the  component  lower  the  payload  G^  by  an 
amount  equal  to  the  aviation  weight  Q, 


! 


Let  us  evaluate  the  influence  of  the  weight,  cost,  and  frontal 
drag  of  the  component. 

We  substitute  the  numbers  from  the  example  given  earlier  and 
the  quantity  irX  „/2c  =  26.^.  We  obtain  as  a  result 

6i  y 
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Ae'=-  10  6  -  0,1 4 AZ> + 0,0565 (AG + 26.4AQ)  == 

- 10-»  •  0, ! 4 \D + 0,0565AG  + 1 ,49  AQ  £ . 

ton*  km 


Here  AD  is  in  rubles  and  AG  and  AQ  in  tons.  To  make  the  coeffi¬ 
cients  more  commensurable,  we  express  AG  and  AQ  in  kgf  and  Ab*  in 
kopecks fton-km. 


Ad'=0,000014A/3 +0,00565AG  +  0, 149AQ  £££__ . 

ton*  km* 


(3.23) 


A  more  convenient  criterion  for  the  component  is  the  quantity 

K{  838  0^0M  *D~M00AG-t  10600AQ.  (3*24) 


which  is  proportional  to  Ab*. 


As  we  see,  frontal  drag  has  the  dominant  influence  on  the 
increase  in.  the  net  cost  of  cargo  hauling,  weight  is  next,  and 
the  cost  of  the  component  last.  In  deriving  (3-24) ,  w°  assumed 
G  =  const,  although  the  weight  actually  appears  in  the  term  bApp  * 
=  40  G/A^Gp1iL  and  G  increases  by  26.4AQ  when  the  component  is 
removed  from  the  airplane.  However,  the  ratio  G/Gp^  remains  prac¬ 
tically  unchanged. 


However,  other  circumstances  related  to  the  increase  in  air¬ 
craft  and  payloads  weights  are  important.  The  former  is  detri¬ 
mental  to  the  airplane’s  takeoff  and  landing  characteristics, 
while  the  latter  requires  space  in  the  fuselage.  Consequently, 
use  of  (3-22)— ( 3- 24)  presupposes  the  presence  of  available  space 
in  the  fuse  lap e  and  that  a  certain  deterioration  of  takeoff  and 
landing  is  acceptable. 


2.  Constant  Payloa.l  and  Variable  Trip  Speed 

In  this  case,  the  presence  of  tne  component  on  the  airplane 
Increases  D&  and  lowers  Vtr>1  . 

Using  the  same  method,  we  obtain 
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Afl'  =  (  *£. + X0. 
\nc  •  dc  ...  7/)Ib  ! 

■  (a'—  eikl  —  tftK2  —  «xni  —  «Ani ~  ac ,,) 


Abpellc 

bpellc 


(3-25) 


Assuming  Vtrip  to  be  proportional  to  Vcruise>  we  can  fiSure 


that 


^pfilc  ^^kpciic 


^peHc  ^Kpettc 


We  determine  Avcrulse/Vcruise  by  the  formula  derived  for 
AVmax/Vmax’  takin®  instead  of  dp/dV 

t^>KpeHo _ dPmM 

(tv  ~  dv  '  pmt*  " 


Assuming  for  the  aircraft  used  in  the  example 


cx«  ,,  dPitvMc  o  t1 

-  2,o7,  — ——  3,41 , 

c ..  rfv 


44  peSc 


4peflc 


—  1,18 


■1',* 

o 


(3.26) 


and  substituting  the  quantities  for  the  particular  example  into 
(3.25),  we  obtain 


Afl'  =  10-c-0,  14aD  +  0, 


jPt, rubles. 
b'penc  ton ‘km 


Here  we  substitute 

fte—  —  h  — *  A(?W 0,0281  (AO  +  26.4AQ) 

Vp»iie  42  ’  2fp  / 

and  obtain  finally 

A«'  =  1  o  « •  0, 1 4 AD  +  0,00427  ( AG  +  26,4A<? )  - 

-  10  «  •  0,14 \D 4-0, 00427AG  +0.1  l28AQ?iLLi!l2.. 

t  on*  Vm 

Again  expressing  Ab’  in  tcopecks/ton-km  and  AG  and  AQ  in  kgf, 
we  find  that  the  cost,  weight,  and  frontal  drag  of  the  component 


m 
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increase  the  net  cost  per  ton-kilometer  by 

Atf' = 0,0000 1 4 AD + 0.000427AG 4  0,0 1 1 28A0  £££__ •  ,  „ 

vuon*Km  (3.27) 

Dividing  Ab’  by  0.009014,  we  obtain  the  criterion  for  the  compo¬ 
nent,  which  is  proportional  to  Ab’: 

'f,“5^rr“iD+30a0+8004<?-  (3*28) 

As  we  see,  in  this  case  the  same  component  has  much  loss  ef¬ 
fect  on  the  net  cost  per  ton-kilometer,  because  the  coefficients 
of  AG  and  AQ  are  reduced  by  a  factor  of  13*  However,  frontal  drag 
is  still  the  dominant  factor  in  this  case. 


3 .  Payload  of  Trip  S peed  Constant 


In  this  case,  the  increase  in  weight  and  frontal  drag  due 
to  the  presence  of  the  component  on  the  airplane  increases  the 
required  thrust  P: 


P 


Cxa$q 


AG i 
‘  Sq 


by  an  amount  AP: 


AP  -ArlVS<H-^  AG  =  AQ 
Sq 


-22laO«aQ  aC, 

i,  n>  ^ 


Where 

Increasing  the  thrust  increases  fuel  consumption: 


hl.y.dy,  AP  ^  2cy 

■  r  "p  "  p  n** 


where  the  aviation  weight  of  the  component  is 


4 -p*±Q. 

2c„ 

The  change  in  thrust  also  changes  specific  fuel  consumption 
and  engine  life  and,  if  these  changes  are  known,  they  can  also 
be  taken  into  account.  If  these  secondary  effects  of  the  thrust 
change  are  disregarded,  the  presence  of  the  additional  component 
«x.id  the  airplane  will  in  this  case  increase  b’: 


42 
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*T  le.o 
Dt  t-  /£>-, 


)*+$■£(*’ 


2c» 


For  cur  numerical  example,  we  obtain 

1O-MU410+ 10-*0,76l  (AG  +26,4aQ)--= 
-  10'4-0,14aD  r  10-*-0,761aC  +  !(T«-20.2aQ 

(here  AO  and  AQ  are  in  kgf)  or 


A#'  =  10-<t0. 14iD  -4-0,761  A G  +  20,2aQ)  HP)?.-,--. 

ton*  km 

Dividing  by  0.14  *  10"\  we  ret 

**  ^-A/>+5.44AC4-,44,3AQ. 


(3.30) 


(3.31) 


ii .  Fuel  Weight  Plus  Payload  Constant 

Installation  of  an  additional  component  on  the  airplane  re 
quires  that  the  fuel  load  be  increased  by  an  amount 


aGt 


CjiL 

'ptltc 


SlzL.  —CJL.  r 

'7pe#c 


Since  the  sum  of  the  weights  and  the  payload  remains  constant, 
it  is  necessary  to  reduce  the  payload  by  the  same  amount: 

AGn.i=AG7. 


Then,  using  the  coefficient  of  Ga>c  obtained  in  the  first 
place,  we  determine  one  more  term  in  the  expression  for  Ab  . 


l®  —aAns  Cl 


~  8 KX\i~  5»p) 


Cyit-  2c  V 


^pellc^nji  *1*#$ 


G.... 


For  our  numerical  example,  this  term  equals 


o^^s-jfOOg  10-«.3,25G, 

790-26,4 

With  allowance  for  this  term,  we  obtain 
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i ' iM'il  ill - 


A«»'“O1OOOOI'!A0+  (0,0000761  +0.000325 

-0,000014AD+0100040IAO+0,01059AQli2E__. 

ton* km 


(3-32) 


After  dividing  Ab*  by  the  coefficient  of  AD,  we  obtain 

Ki~SD+ 28, GAG  +  756, 4AQ.  '  (3*33) 

In  this  case,  it  is  necessary  to  have  space  available  for  the 
additional  weight  of  fuel;  the  takeoff  weight  and  distance  re¬ 
main  unchanged,  but  the  landing  weight  and  landing  speed  will  be 
lowered  slightly.  It  must  also  be  recognized  that  an  increase  In 
the  weight  of  fuel  in  the  wing  and  a  decrease  in  the*  fuselage  pay- 
load  will  increase  the  strength  margin  of  the  wing. 


5 .  Comparison  of  Cases  Considered 

We  see  from  the  cases  considered  above  that  the  criterion 
for  evaluation  of  an  aircraft  component  varies  depending  on  which 
characteristics  of  the  airplane  are  assumed  constant. 


Now  which  criteria  should  be  used?  First  of  all,  it  is  evi¬ 
dent  from  comparison  of  (3.2*1),  (3*28),  (3. 31),  and  (3*33)  that 
the  relation  between  the  effects  of  weight  and  frontal  drag  is 
the  same  in  all  formulas,  i.e.,  the  same  as  in  the  expression  for 
aviation  weight: 

Gan=AO’  +  26,4A^ 

and  a  1-kgf  decrease  in  Q  may  give  a  weight  increase  up  to  2 6  kg. 

Comparing  these  last  two  terms  with  the  cost  of  the  component, 
we  see  that  AG  and  to  an  even  greater  degree  AQ  influence  the  cri¬ 
terion  b*  much  more  strongly  in  the  first  criterion  than  in  the 
others . 

Selection  of  each  aircraft  component  on  the  basis  of  the 
minimum  K1  resuxts  in  the  greatest  lowering  of  the  net  cost  per 
ton-kilometer. 

Use  of  numerous  similar  criteria  with  cabulated  numerical 
coefficients  guides  the  efforts  of  the  entire  designer  staff  to¬ 
ward  the  optimum  "‘r craft  design. 
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The  following  procedure  can  be  recommended  for  use  of  these 
criteria. 

When  the  plan  has  been  worked  out  with  application  of  the 
criterion  to  all  components,  the  design  weight  and  the 

frontal  drag  Gn  are  adjusted;  these  quantities  are  compared  with 
2 

their  values  Gv  and  Qn  from  the  preceding  approximation.  Then 
K1  °1 

the  change  in  payload  weight  is  determined: 

-  Gk,  ^  <  Vo,  -  Vo ) 

If  tGpj  >  0,  the  payload  is  to  be  increased  by  this  amount, 
while  the  takeoff  weight  is  increased  by  -  Qq  )/2cy. 

Since  there  may  also  have  been  errors  in  the  other  weights 

in  the  calculation  of  the  preceding  approximation,  it  is  better 

to  determine  AG  ,  as  follows: 

Pi 

C,,H 


where  Gd  *  (G  -  G?1);  here  we  take  Gpi  from  the  preceding  approx¬ 
imation. 

If  we  obtain  a  AGpl  <  0  (this  may  result  from  the  inaccuracy 
of  the  preceding  approximation) ,  Gpl  must  be  reduced  by  AGp2  in 
order  to  maintain  the  specified  cruising  regime.  It  wil"  be  re¬ 
called  that  irX  _(Qn  -  Qn  )/2c  expresses  the  increase  in  takeoff 
g i  u  ^  Up  y 

weight  and  that  this  increase  Is  acceptable  if  takeoff  is  not  af¬ 
fected  unacceptably,  while  an  increase  Jn  payload  by  AGd1  Is  ad¬ 
missible  If  there  is  space  in  the  fuselage.  If  payload  requires 
additional  equipment  (for  example,  passenger  seats),  some  of  the 
weight  goes  into  the  additional  equipment  and  AGpl  will  be  smaller. 

If  there  is  no  available  space  in  the  fuselage  and  the  detri¬ 
ment  to  takeoff  is  unacceptable,  the  criteria  K  and  are  used; 
if  there  is  space  j.n  the  fuselage  but  the  takeoff  weight  cannot  be 
increased,  criterion  is  applied. 


FTD-HC-2 3-75 3-71 


Many  of  the  components  of  the  airplane  have  no  frontal  drag, 
hut  only  cost,  weight,  and  functional  qualities;  hence  the  expres 
sion  for  the  increments  of  b*  or  the  criterion  K  become  binomial: 


\a'  -  Cd±D4-  Ca$G, 

A 4G. 

w> 

6.  C03 1  of  Weight  Reduction 

These  binomial  criteria  can  be  used  to  solve  the  practically 
interesting  problem  of  the  limiting  and  optimum  cost  of  a  weight 
reduction. 

Any  component  may  carry  excessive  weight  that  can  be  removed 
at  additional  cost  with  no  detriment  to  the  functional  quality 
of  the  component.  The  change  in  b'  that  results  from  component 
weight  reduction  is  expressed  thus: 

±e=CDAD~~CG±G. 


Obviously,  if  the  weight  reduction  is  so  expensive  that  there 
is  no  decrease  in  b '  (Ab1  =  0),  the  weight  reduction  should  not 
be  undertaken;  this  limiting  cost  per  kg  of  weight  reduction  is 


When  the  weight  reduction 
makes  it  possible  to  increase  pay- 
load  (in  our  example). 


and  in  the  case  of  a  given  payload 
and  an  increase  in  trip  speed 


Figure  3.1.  Cost  of  weight 
reduction. 


i.e.,  it  is  much  lower. 


But  which  weight  reduction  should  be  decide  upon?  Let  U3 
assume  that  in  its  initial  state,  the  component  has  excessive 
weight,  but  that  as  the  weight  is  removed  its  removal  becomes  more 
expensive  as  the  amount  of  remaining  excessive  material  becomes 
smaller;  assume,  for  example,  that  the  cost ’AD  of  the  weight  re¬ 
duction  is  an  accelerating  increasing  function: 

A D-/(AO). 

Figure  3>1  shows  the  variation  of  Ab'  as  a  function  of  the 
initial  '.tate  and  AG.  The  term  C^AG  causes  b'  to  decrease  lin¬ 
early,  while  the  term  C^AD  =  CDf(AG)  increases  b',  diverting  the 
b'  curve  upward  from  linear  (curve  1).  The  largest  decrease  in 
the  net  cost  per  ton-kilometer  is  obtained  at  AGopt,  and  the 
limiting  weight  reduction,  which  gives  no  increase  in  b1,  at 

AG  :  at  AG  „  .  all  of  the  excess  material  has  been  removed  in  an 
pr  max 

operation  that  is  now  totally  unproductive. 

In  approximation,  we  may  assume  an  optimum  weight  reduction 
equal  to  1/2  or  the  limit. 

The  dashed  lines  on  the  figure  illustrate  two  more  cases. 

In  which  the  cost  of  the  weight  reduction  is  proportional  to  the 
weight  removed.  Line  2  corresponds  to  the  case  in  which  all  of 
the  excessive  material  must  be  removed,  and  line  3  to  the  case  in 
which  none  of  it  should  be  removed. 

§3.5.  CRITERIA  FOR  EVALUATION  OF  OTHER  CIVIL  AIRCRAFT 

The  structure  of  the  criterion  for  an  air  freighter  will  be 
the  same  as  that  for  a  passenger  aircraft,  although  it  may  differ 
greatly  from  the  latter  in  layout,  construction,  and  equipment. 

It  will  probably  be  necessary  to  change  the  average  tariff 
a,  the  numter  of  trips  i  per  year,  and  the  coct  of  the  time  to 
haul  the  cargo  C  [rubles/ton-h] ,  in  which  it  may  be  necessary  to 
Include  losses  of  perishable  cargo  en  route,  and  to  change  certain 
other  quantities.  Otherwise  the  analogy  with  the  passenger  air¬ 
craft  will  be  complete. 
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Criteria  for  other  civil  aircraft  can  be  drawn  up  in  similar 
fashion.  If,  for  example,  the  "work"  or  "product”  N  of  a  given 
airplane  during  a  given  time  can  be  evaluated  quantitatively  (in 
hectares  of  treated  acreage,  in  square  kilometers  of  protected 
forest,  etc.),  a  "net  cost  per  unit  product"  criterion  b  *  B/N 
can  be  obtained  easily. 

If,  in  addition,  the  cost  a  of  processing  a  unit  product  is 
also  known,  it  is  possible  to  obtain  a  "profit  per  ruble  invested" 
criterion  p  =  (Na  -  3)/D  and  an  "income "-type  criterion  for  a 
given  period: 

K=Na—B—pcvD. 

If  the  advantage  cannot  be  evaluated  quantitatively,  we  may 
follow  the  general  rule  for  such  eases  and  assume  it  to  be  con¬ 
stant.  This  constancy  can  be  ensured  if  all  of  the  properties  of 
the  airplane  on  which  this  effect  depends  (payload,  speed,  alti¬ 
tude,  range  or  endurance,  takeoff-and-landing,  and  other  proper¬ 
ties)  are  assumed  constant.  This  reduction  to  a  set  of  constant 
properties  is  also  frequently  applied  even  when  the  advantage  can 
be  evaluated  quantitatively.  Then  the  criterion  consists  only  of 
the  negative  effect 

K^B+p^D 

and  the  optimum  version  of  the  design  is  found  by  minimizing  it. 

It  must  only  be  remembered  that  the  preliminary  design  will  be 
optimal  only  for  the  assigned  values  of  the  airplane's  properties. 

The  optimum  preliminary  version  based  on  the  minimum  of  the 
negative  part  of  the  criterion  is  very  close  to  the  optimum  vari¬ 
ant  for  minimizing  the  cost  of  the  entire  airplane,  and  the  cost 
of  the  airplane  is  approximately  proportional  to  its  takeoff 
weight.  Thus  we  may  use  an  even  simpler  criterion  -  the  cost  of 
the  airplane  or  its  takeoff  weight  —  for  a  given  set  of  aircraft 
properties . 

The  fixed  values  of  the  airplane's  properties  appear  in  the 
designated  technical  specifications.  Designing  from  TC  and  from 
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minimum  takeoff  weight  requires  the  designer  not  only  to  lighten 
the  structural  weight  of  the  aircraft  to  the  greatest  possible  de¬ 
gree,  but  also  to  select  engine  characteristics  anvi  aircraft 
aerodynamics  such  that  all  items  in  the  TS  are  conformed  to  at 
minimum  aircraft  weight. 

Designing  from  TS  does  not  eliminate  the  need  for  the  use  of 
a  criterion,  but  the  criterion  will  become  a  narrow  one  of  economy; 
it  will  be  the  cost  per  unit  time  or,,  more  simply,  the  cost  of  the 
airplane,  or,  still  more  simply,  its  takeoff  weight. 

Determining  the  quantitative  dependence'  of  the  general  cri¬ 
terion  on  engine  characteristics  and  on  the  geometry,  weight,  and 
other  parameters  of  the  airplane  with  consideration  of  the  con¬ 
fining  relationships  between  them  is  a  complex  preliminary-design 
task.  Because  of  the  complexity  of  these  relationships,  the  prob¬ 
lem  is  solved  by  successive  approximations  and  comparison  of  the 
various  versions  with  the  general  criterion,  with  selection  of 
the  variant  having  the  optimum  criterion  value.  For  selection  of 
the  optimum  parameters,  the  parameters  are  varied  smoothly  within 
their  ranges,  i.e.,  at  equal  intervals,  and  the  optimum  combina¬ 
tion  will  be  the  one  for  which  the  general  criterion  has  its  ex¬ 
treme  value.  The  optimum  combination  of  the  TS  is  found  by  the 
same  manner  and  the  same  method  of  successive  approximations.  As 
a  rule,  the  parameters  characterizing  the  design  are  first  deter¬ 
mined  statistically  for  each  of  the  sets  of  technical  specifica¬ 
tions  to  be  investigated,  the  layout  of  the  airplane,  the  type  of 
the  engine  and  its  characteristics  are  chosen,  its  dimensions  and 
aerodynamic  characteristics  are  evaluated,  the  weight,  size,  and 
operational  and  economy  indicators  of  the  aircraft  are  calculated, 
and  the  value  of  the  general  criterion  is  computed.  Then  the 
aerodynamic  characteristics  are  determined  for  the  selected  lay¬ 
out  and  the  dimensions  found  for  the  airplane  for  the  various 
versions  of  the  design  parameters,  and  the  flight-engineering 
properties,  weight,  geometrical,  operational,  and  economy  indi¬ 
cators  and  the  general  criterion  are  adjusted. 
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Approximations  are  computed  until  the  value  of  the  general 
criterion  and,  with  it,  the  set  of  technical  specifications  ceases 
to  change  (by  more  than  a  predetermined  amount).  The  result  is 
one  "point"  on  the  curve  of  the  general  criterion  as  a  function  of 
the  set  of  technical  specifications  and  the  aircraft  parameters 
characterizing  the  design. 

After  thus  analyzing  various  combinations  of  technical  speci¬ 
fications  and  design  parameters,  the  dependence  of  the  general 
criterion  on  these  combinations  can  be  found.  The  optimum  combi¬ 
nation  of  technical  specifications  and  design  parameters  is  that 
for  which  the  general  criterion  has  its  optimum  value. 

To  perform  the  above  task,  it  is  necessary  to  know  the  ef¬ 
fects  of  various  design  parameters  on  the  flight-engineering 
properties  of  the  airplane  and  its  weight,  operational,  and 
economy  characteristics.  It  is  also  necessary  to  know  how  the 
scheme  will  be  affected  by  changes  in  tactical  and  technical 
properties,  the  principle  followed  in  laying  out,  balancing,  and 
developing  the  structural  frame  of  the  aircraft,  and  the  method 
of  determining  the  takeoff  weight  and  size  of  the  airplane. 

All  these  steps  are  also  necessary  in  designing  to  given 
technical  specifications.  The  material  is  the  subject  of  Parts 
II  and  III. 
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Part  II 


1 

* 

t 

3 

| 


PLIGHT  CHARACTERISTICS  OP  THE  AIRCRAFT,  ITS  Sr;  TY, 
AND  HOW  THEY  ARE  INFLUENCED  BY  ITS  PARAMETERS 


Chapter  4 

EQUATIONS  OP  MOTION.  FORCES  ACTING  ON  THE  AIRPLANE 
§4.1.  EQUATIONS  OF  MOTION 

As  a  rule,  the  spatial  motion  of  the  airplane  is  not  analyzed 
In  preliminary  design,  but  its  motion  is  investigated  in  vertical 
and  horizontal  planes. 

In  analyzing  the  motion  of 
the  airplane  in  the  vertical  plane, 
it  is  most  convenient  to  use  equa¬ 
tions  written  in  the  wind  system 
of  axes,  in  which  the  OX  axis  is 
directed  along  the  velocity  vec¬ 
tor  and  the  OY  axis  perpendicular 
to  the  former  in  the  plane  of  sym¬ 
metry  of  an  airplane  flying  with¬ 
out  slip. 

The  arrangement  of  the  axes  and  the  forces  acting  on  the 
airplane  as  a  material  point  are  shown  in  Fig.  4.1. 


y\ 


Figure  4.1.  Forces  acting 
on  the  airplane.  System  of 
axes . 
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t  ifmi  r 


Projecting  the  forces  acting  on  the  airplane  on  the  axes  Ox 
and  Oy  and  performing  simple  transformations,  we  obtain  the  equa¬ 
tors  of  motion 

~  -  —  \P cos (« -f  sp)— Q- G  sin 

?/>)-Gcos6], 


(4.1) 

(4.2) 


where  is  the  angle  between  the  thrust  vector  and  the  wing 
chord . 


Since  the  angle  $p  is  generally  small,  we  may  set  cos 
(a  +  4>p)  *  1  for  flight  at  small  angles  of  attack  and  neglect  the 
term  P  sin  (a  +  <j!p)  in  (4.2).  With  these  assumptions,  expres¬ 
sions  (4.1)  and  (4.2)  become 


dV  _ 

g  ( 

'p-«-slns). 

(4.3) 

dt  ~ 

s  \ 

,  a  r 

dl  _ 

g 

{  Y  A 

(4.4) 

dt  ~ 

V 

(--  cos  •)  . 

Figure  4.2.  System  of 
axes . 


Since  Y/G  is  the  normal  acceleration 
ny  and  (P  -  Q)/G  -  n^  Eqs.  (4.3) 
and  (4.4)  can  be  rewritten 


~~~  ~d(r‘x  sin 0), 

if  t 

— (nv  —  cos  6). 
dt  V-  ' 


(4.5) 

(4.6) 


These  equations  must  be  supplemented 
by  the  obvious  kinematic  relations 


,;H 

--  V  sin  8  I 

and 

dt 

l  (4.7) 

dL 

—  V'  cos  9.  1 

Since  d6/dt  =  V/r  ,  Eq.  (4.6)  yields  an  expression  for  the  radius 

y 

of  curvature  of  the  trajectory,  r  : 
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IQ 

g(ny  —  cos  6) 


(4.8) 


ry- 


To  consider  curvilinear  motion  in  the  horizontal  plane,  we 
take  a  system  of  axes  in  which  Ox  is  directed  along  the  velocity 
vector,  Oy  perpendicular  to  it  and  in  the  vertical  plane,  and  Oz 
in  the  horizontal  plane  (Pig.  4.2). 

With  the  assumptions  adopted  above  and  the  coordinate  system 
in  Fig.  4.2,  we  obtain 


and 


ITT *-"slnv 


gnvs\n  v 


(4.9) 


(4.10) 


where  <J>  is  the  turn  angle  of  the  velocity  vector  horizontal  pro¬ 
jection  and  y  is  the  roll  angle  of  the  airplane.  Since  n  =  1/cosy 

«y 

in  a  horizontal  term,  Eqs .  (4.9)  and  (4.10)  can  also  be  written 


JL.  tjjrv 
dt  v  ' 


V'8 


"  1  "l- 


(4.11) 

(4.12) 


These  equations  of  motion  in  the  vertical  and  horizontal  planes 
are  used  extensively  in  preliminary  design,  both  to  determine  the 
flight  properties  of  the  airplane  and  for  analysis  of  the  effects 
of  various  parameters  on  them,  recognizing  that  the  aerodynamic 
forces  and  the  g- factors  that  they  determine  depend  on  these  param 
eters . 


§4.2.  LIFT 

The  expression  for  the  lifting  force  of  an  airplane  is 
familiar: 


Y  -  -  0,7r „Spb\-. 


(4.13) 
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If  the  pressure  in  the  atmosphere  is  taken  in  mm  Hg  instead 
2 

of  kgf/m  ,  we  have 

y=9,55cySpM3.  (4.14) 

The  dependence  of  c  on  angle  of  attack  is  .linear  for  aircraft 

J 

wings  of  large  aspect  ratio.  Violation  of  linearity  indicates 
that  local  flow  separation  has  occurred  on  the  wing.  At  subsonic 
speeds,  c**  *  dc  /da  is  a  function  of  the  geometrical  aspect  ratio, 
sweep,  and  taper  of  the  wing,  while  at  supersonic  speeds  it  de¬ 
pends  basically  on  the  Mach  number  M. 

The  smaller  the  wing  aspect  ratio  and  the  larger  M  when  the 
latter  exceeds  unity,  the  smaller  is  c  and  the  smaller  ca  for  a 

y  y 

given  a. 

Plow  separation  occurs  on  the  wing  at  a  certain  angle  of  at¬ 
tack,  and  dc  /da  decreases.  In  the  case  of  unswept  trapezoidal 
wings  with  aspect  ratios  A  <  5-7  with  large  Reynolds  numbers  (Re), 
a  very  small  increase  in  angle  of  attack  is  sufficient  to  lower 
c  as  a  result  of  separation.  In  addition,  separation  usually 

V 

develops  asymmetrically  on  the  left  arid  right  wings  for  this  wing 
type,  giving  rise  to  a  strong  moment  that  rolls  the  airplane  onto 
one  wing.  For  strongly  swept  wings  of  small  aspect  ratio,  such 
as  are  used  on  supersonic  aircraft,  separa  ion  occurs  first  on 
small  segments  of  the  wing.  It-  causes  buffering  of  the  airplane, 
but  no  substantial  rolling  moment.  A  slower  increase  of  c  is  ob- 

J 

served  as  the  angle  of  attack  is  increased  further. 

At  a  certain  angle  of  attack  a  ,  the  value  of  c  reaches 
c  or  y 

its  maximum.  The  c  at  which  buffeting  begins  < c  )  and  c 

y  ’  ybf  ymax 

decrease  with  increasing  M.  Buffeting  at  c  <  c_  should  be 

y  ymax 

regarded  as  helpful,  since  it  is  not  dangerous  in  itself  and  tells 

the  pilot  that  the  airplane  has  reached  a  c  near  c  .  The 

y  ymax 

coefficients  c  and  c  depend  nor  cniy  on  M,  but  also  on  Re, 
ybf  ymax 

increasing  with  It. 
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Figure  4.3.  a)  cy  as  a  function  of  a; 

b)  c  ,  c  ,  and  c  determined 
ybf  ymax  ybal 

by  maximum  stabilizer  deflection  as 
functions  of  M. 


In  certain  cases  of  flight,  the  maximum  value  of  cy  is  de¬ 
termined  on  the  basis  of  longitudinal  balance  with  the  largest 
possible  deflection  of  the  elevators  or  stabilizer. 

This  is  done  because  above  a  certain  M,  with  the  elevators 
or  stabilizers  at  maximum  deflection,  the  sum  of  the  longitudinal 
moments  vanishes  at  cy^  ^  <  cy^>  and  Cybf  iS  n0t  1>eached  in  eX 


tended  steady  flight. 

Figure  4.3  shows  the  nature  of  cy  as  a  function  of  angle  of 

attack  and  of  c  ,  c 
ybf  y 


Knowing  c 


and  c  as  functions  of  M. 

max  ybal 

as  a  function  of  M  (see 


'max 


Fig.  4.3b),  we  can  calculate  the  maximum 
lift  that  the  pilot  can  obtain  for  any 
altitude  and  Mach  number  and  find  the  maxi¬ 
mum  normal  acceleration.  Obviously, 


Y 


0JrvSpW, 


man 


’  f'lHSX 


(4.15) 

(4.16) 


For  straight-line  level  flight,  a  certain 
speed  corresponds  to  each  value  of  cy,  and 


Figure  4.4.  c^  as 

a  function  of  a  at 
the  ground  and  at 
high  altitudes. 


is  the  larger  the  smaller  e  . 

y 


The  lowest  speed  in  level  flight  will  be  obtained  in  flight 


at  c 


ymax 

Low  landing  (V^  )  and  takeoff  (vtj<0)  speeds  are  especially 
Important  for  an  airplane.  For  this  reason,  special  high-lift 
devices  that  increase  a  at  the  landing  and  takeoff  wing  angles 
of  attack  are  used  on  the  wing  to  increase  cy  during  landing  and 
takeoff. 


It  must  be  remembered  that  the  ground  effect  increases  c  by 

J 

another  0.15-0.20  at  takeoff  and  landing.  Figure  4.4  shows  how 
c  depends  on  a  under  landing  and  takeoff  conditions  (6^  *  60°). 

y 

Methods  of  increasing  c  will  oe  discussed  in  greater  de- 

yldg 

tail  in  the  section  on  landing  the  aircraft. 

§4.3.  FRONTAL-DRAG  FORCES 

The  frontal  drag  Q  of  an  airplane  depends  on  its  frontal  drag 
coefficient  cx,  wing  area,  and  ram  pressure: 

Q  —crSu~-  OJr  .Sp  M-\  (4.17) 


The  quantity 


where  c  is  tne  coefficient  of  profile  end  parasite  drag  at  c  * 
X0  ,  y 

=  o  and  c  =  Acf  is  the  coefficient  of  induced  drag. 
xi  y 

At  constant  M,  A  =  const  in  a  broad  range  of  angles  of  attack. 


< ,  dr. 


(4.18) 


The  coefficient  c  is  composed  of  frictional  drag  and  pressure' 

x0 

drag.  The  latter  includes  the  ea/e  drag,  which  makes  its  appear¬ 
ance  at  M  >  M#  .  M*  ! 3  the  Mach  number  at  which  a  compression 
cr  cr 

shock  forms  as  a  result  cf  local  supersonic  velocities  in  the  flow 
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past  the  body  and  cx  begins  a  rapid  increase  (c^  increases  by 

more  than  1*  when  M  is  increased  1<).  c  is  a  function  of  the 

0 

Reynolds  and  Mach  numbers  Re  and  M.  With  increasing  rte,  the 
value  of  c  decreases  as  a  result  of  a  decrease  in  the  coeffi- 

x0 

clent  of  friction.  An  increase  in  M  above  M«r  results  in  a 
sharp  rise  of  cY  ,  but  at  an  M  greater  than  1.1-1. 4,  the  increase 

in  cx  gives  way  to  a  decrease  owing  to  a  decrease  in  the  coef¬ 
ficient  of  wave  drag,  which  varies  in  approximately  lnv*rs*  prJ“ 
portion  to  Ml  -”l.  At  M  greater  than  2.5,  the  value  of  M2  -  1  ■ 
„  M  and,  consequently,  the  wave  drag  becomes  proportional  not  to 
M2,  but  only  to  M.  As  will  be  shown  below,  this  is  a  highly  im¬ 
portant  fact . 

Wave  drag  is  proportional  to  the  square  of  the  profile  thick 
ness  ratio  c.  At  M  <  Mjr,  an  increase  in  profile  thickness  also 
Increases  c  ,  but  not  strongly. 

x0 

An  increase  in  wing  sweep  causes  an  increase  in  M*r- 


Figure  4.6.  Coefficient  A  as 
a  function  of  M. 


Figure  4.5  shows  the  nature  of .  c  as 
wings  of  various  planforms  with  the  same  p 


a  function  of  M  for 
l-o file  thickness. 
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c  is  the  sum  of  the  wing  (c  ),  tail  (c  ),  fuselage 

0  °wg  °tl 

<c  ),  and  engine-nacelle  (c  )  drag  coefficients  and  those  of 
xf  xe.n 

other  elements: 


cx,  ~fx, 


•tip 


e  t  Sum  CrAi  ex  S*r 
"on  [  c  i  M.r 

r>  *  o  *  C 


(4.19) 


We  note  that  (4.19)  implies  a  decrease  in  c  on  an  increase  in 

0 

wing  area,  although  the  frontal  drag  Qq  increases  at  the  same 
time . 

The  coefficient  A,  which  determines  ox^,  is  inversely  pro¬ 
portional  for  subsonic  speeds  to  the  wing  effective  aspect  ratio: 

*  1  (4.20) 


jiX, 


•4> 


In  turn. 


\  -r 


where  S  „  is  the  wing  area  occupied  by  the  fuselage  and  engine 

ci  •  I  ^ 

pods  and  X  is  the  geometrical  aspect  ratio  of  the  wing.  At  K  > 

>  1.8, 


1  V.M2-I 


(4.21) 


Figure  4.6  shows  how  A  depends  on  M.  Unlike  the  coefficient 
of  wave  drag,  which  is  inversely  proportional  to  /FT  -  1  at  large 
M,  the  quantity  A  is  directly  proportional  to  /M*  - T,  so  that 

c  increases  rapidly  with  increasing  M  at  a  constant  c  . 
xi 

The  family  of  polar  curves  for  the  airplane  for  various  M 
takes  the  form  indicated  in  Fig.  ^.7. 


We  find  the  expression  for  the  maximum  lifv/drag  ratic 


K„ 


•"£) 


from  the  condition 


tcu+My 
fv  \  "  , 


Hence  it  follows 
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Figure  4.7.  Polar 
curves  of  aircraft 
as  function  of  M. 

that  at  the  optimum  angle  of  attack 


Figure  4.8.  K|#ax 
function  of  M. 


as  a 


Cx,  —  C*t‘ 


<V, 

K 


“T 


(4.22) 

(4.23) 


igure  4.8  shows  how  the  airplane's  Kjnax  depends  on  M.  K  - 
,  const  at  small  M.  In  the  range  M  -  0.8-0. 9  to  1.2-1. 4,  ^ 
lecreases  sharply  owing  to  the  increased  A  and  c^.  At  higher 

5,  Kmax  changes  little,  since  the  product  Ac^  remains  almost 

jonstant . 

Various  methods  are  used  to  solve  the  problem  of  the  K 
Increase  at  high  supersonic  and  subsonic  speeds.  At  superson  c 
speeds,  the  most  effective  way  to  increase  Kmax  is  to  lower  c^, 

this  is  done  primarily  by  reducing  the  profile  thickness  ratio. 
However,  the  designer  can  adjust  the  coefficient  A  only  in  a 
row  range.  At  subsonic  speeds,  he  can  not  only  reduce  c^, 

also  increase  the  wing  aspect  ratio  to  lower  the  value  of  A.  How¬ 
ever,  a  large  increase  in  wing  aspect  ratio  makes  it  necessary 
(ln  order  to  avoid  an  excessively  heavy  wing)  to  use  thicker  wing 
profiles  and  thus  increase  c^,  which  ultimately  reduces  e 

feet  from  the  increase  in  wing  aspect  ratio. 
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Under  the  conditions  of  horizontal  straight-line  flight,  a 
definite  cy  corresponds  to  each  speed  and  altitude: 

■  2li  O 

jSV’i  “  QJSpM  ’ 

and,  consequently,  we  also  have  c  *  Ac2.  The  frontal  drag  in 

ih  y 

level  straight-line  flight  is 

OF 


Qr-Qo-r 


Q,r=cx.Se 


in  ,  2CP-A 
2  ^  SqV-  ' 


(4.2 


or  when  the  pressure  in  the  atmosphere  is  substituted  for  the 
density 

O.O.WoM*-'  J5SJ-  •  (». 

Prom  this  we  see  that,  while  Qq  is  directly  proportional  to  p,  M2, 
and  S,  the  value  of  Qih  is  inversely  proportional  to  these  quan¬ 
tities.  As  we  noted  earlier,  Qq  is  approximately  directly  pro¬ 
portional  to  M  at  M  >  2. 


Figure  4.9-  a)  as  a  function  of  speed  and 
altitude;  b)  as  a  function  of  M  and  altitude. 

The  family  of  Qh  =  Qh(V)  curves  for  various  flight  altitudes 
is  referred  to  as  Zhukovskiy  curves  or  required-thrust  curves. 
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Figure  4.9  shows  the  characteristic  trends  of  the  s.  *  vv>  and 


VM> 

Since 


curves. 


q  —SL 
vr  K  . 


(4.27) 


Qh  will  occur  at  Kjn^x>  i.e.,  at  c 
min  '  c 


The  flight  speed  at 


this  point  is  also  called  the  optimum  speed.  In  the  absence  of 

wave  drags  and  with  constant  cy  and,  consequently,  constant  lift/ 

drag  ratio,  Qh  remains  constant  with  increasing  flight  altitude, 

and  with  ascent  from  the  ground  to  altitude  H,  flight  speed  should 

be  increased  by  a  factor  /l/b  (A  ■  pu/p  is  the  relative  air  den- 

»  0 

sity) . 


In  the  range  of  Mach  numbers  in  which  the  maximum  lift/drag 
ratio  is  independent  of  M,  Qq  ■  Qlh  rid  Qh  *  2Qq  in  flight  at 
the  optimum  speed.  On  the  other  hand,  in  the  M  range  in  which 
lift/drag  ratio  decreases  with  flight  speed  in  flight  at  c 

yopt 

owing  to  deviation  of  the  level-flight  polar  curves  from  the 
second-degree  parabola,  Qih  is  slightly  larger  than  Qq. 

At  any  constant  M  In  flight  at  the  altitude  at  which  cy  « 

*  c  ,  Q.  will  equal  2Qfl.  Figure  4.9  indicates  that  flight  at 
yopt 

speeds  greater  than  the  optimum  in  the  subsonic  range  is  accom¬ 
panied  by  a  sharp  increase  in  Q^,  while  the  same  relative  speed 
Increase  at  large  M  results  only  in  a  small  increase  in  Q^.  The 

explanation  for  this  is  that  at  subsonic  speed,  Qn  is  directly 

2  u  2 
proportional  to  M  and  Qih  inversely  proportional  to  M  ,  while 

at  high  supersonic  speeds  QQ  is  proportional  to  M  and  Qih  is  in¬ 
versely  proportional  to  M. 

For  example,  doubling  the  speed  over  VQpt  increase  Qh  by  a 
factor  of  2.125  in  the  subsonic  range,  but  only  by  a  factor  of 
1.25  in  the  high  supersonic  range.  This  is  why  it  is  especially 
important  to  have  a  large  Kmax  for  the  supersonic  airplane  at 
high  supersonic  speeds,  together  with  aircraft  parameters  with 
which  high-altitude  flight  takes  place  at  a  lift/drag  ratio  near 
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Figure  4.10.  Nr  as  a  function 
of  speed  and  altitude. 


the  maximum. 

Another  characteristic  flight  speed  apart  from  the  optimum 
is  the  speed  at  which  the  ratio  Qh/V  is  minimal.  This  is  usually 
known  as  the  cruising  speed. 


In  the  absence  of  wave  drag3, 


cruise 


1.31V 


opt . 


At  a  cruising  speed  corresponding  to  M  <  M*r,  c  *  1/3  c^, 
r  =-±r  Sjl.  and  KV  are  maximal  and  K  =  0-^6Kmax> 

”  3  cx 

A  third  characteristic  flight  speed  is  the  economy  speed, 
which  requires  minimum  power  (Pig.  4.10): 


.V 


n 


QrV 
75  ’ 


(4.28 


In  the  absence  of  wave  drags,  Vgc  *  vopt/1.31.  At  the  economy 
speed,  cx  —  3r.to,  c, .  = —  ls  maximal  and  *  -  °-861W 

‘  Cx 

Figure  4.11  shews  the  positions  of  the  characteristic  speeds 
on  the  curve  of  Qh  =  Qh(V)  and  the  characteristic  cy  on  the  polar 
curve  of  the  airplane.  To  construct  a  lainily  of  curves  ‘f  = 
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m  4®  ex 

Figure  4.11.  a)  Positions  of  character* 
istic  level-flight  speed  on  curve  of  Qh  ■ 

*  Qh(V)j  b)  Positions  of  characteristic 
c  on  aircraft  polar  curve. 

y 

s  Qh(M),  it  is  necessary  to  have  the  relation  c^  =  and 

A  =  A(M)  (see  Figs.  4.5  and  4.6).  Applying  (4.26),  we  can  plot 
q  q  and  Qh  as  function  of  M  (Fig.  4.12)  for  a  given  flight 
altitude,  e.g,“  H  =  11,000  m.  Since  Qq  is  directly  proportional 
to  the  atmospheric  pressure  p  and  Qlh  is  inversely  proportional 
to  it,  we  obviously  have  for  any  altitude 


<?r=Go..-  +  Gir„*7 

Pll  P 


(4.29: 


Formula  (4.29)  was  derived  without  consideration  of  the  effect  of 
altitude  on  cx  through  Re. 

It  is  easy  to  introduce  the  influence  of  Re  on  e  into  the 

calculation.  For  this  purpose,  c  is  calculated  for  several 

0 

altitudes  and  becomes  dependent  on  the  coefficient  KRe  -  cXq  xQ1 
which  varies  with  altitude. 

In  this  case,  Qh  is  determined  from  the  following  expression 
for  any  altitude: 
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Figure  *1-1^.  Example  ol  Maeh- 
number  curves  of  QQ11,  hll, 

and  Qu1,  . 


-H— I  0,6 


?fL_l _ U.  I 

iiLlj.T.'-i  i- 


0,6  U,S  W  t.2  /,*  _£y  06  :,0  1,2  /.*  1,6  _V_ 


Figure  *4.13.  a)  Plot  of  K  =  K/'K^.  x  vs. 

c  / c  ;  b)  plot  of  K  *  K/Knax  v:-’* 

y  ^opt 

V/V  .  . 
opt 


Qr  =  QonA'Be-£-4Q,  rlA*' 

Pm  P 


In  analytical  calculations  of  Qf  for  subsonic  speeds,  it  is 
more  convenient  In  many  cases  to  determine  it  not  with  (*4.26), 
but  by  dividing  the  weight  by  the  lift/drag  ratio,  which  depends 
on  the  maximum  lift/drag  ratio  and  the  ratio  of  actual  speed  to 
optimum  speed 


It  is  easily  shown  that  (Pig.  4.13) 

- - 


(4.31) 


K  K. 


(4.32) 


“(£HW 

Thus,  having  calculated  the  optimum  speed 

-i  (4.33) 

V  e5^; 

and  K  for  any  speed,  we  find  the  lift/drag  ratio  from  (4.32) 
and,  dividing  the  weight  by  it,  determine  Qh-  This  method  is 
highly  convenient  in  that  it  permits  easy  allowance  for  the  in¬ 
fluence  of  changes  in  aircraft  weight  and  on  Qh  without  plot¬ 
ting  the  entire  dependence  of  Qh  on  flight  speed. 

Assuming  for  high  supersonic  flight  speeds  that  Qq  is  pro¬ 
portional  to  M  and  that,  as  a  result  of  the  variation  of  A,  Qih 
is  inversely  proportional  to  it,  we  find  that 

K_K  _____ i _ .  <4-34) 

^  max  \r  \  /  \ 


i  V  \ 

'  Wtm  \ 

l  l  Ham  ' 

v  1 

This  reiation  is  less  exact  than  (4.31)  or  (4.32),  since  the 
maximum  lift/drag  ratio  usually  decreases,  if  slowly,  with  ,n- 

creasing  N*. 

511.4.  THRUST  OP  TURBOJET  AND  TURBOFAN  ENGINES  (TJE  AND  TFE) 

The  thrust  of  a  TJE  depends  on  its  thermodynamic  and  design 
parameters,  its  speed,  the  flight  Mach  number,  and  the  air  tern- 
perature  and  pressure . 

A  decrease  in  engine  rpm  caused  by  reduced  fuel  delivery  re¬ 
sults  in  a  sharp  drop  in  thrust.  Near  its  maximum,  thrust  is  ap¬ 
proximately  proportional  to  the  fourth  power  of  rpm. 

With  increasing  M,  the  thrust  of  a  TJE  first  drops  by  12-1W 
at  maximum  rpm.  A  thrust  minimum  occurs  at  M  ■  0.2-0.  . 
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further  increase  in  M,  the  thrust  Increases.  The  rapidity  of  the 
thrust  buildup  depends  primarily  on  the  compressic.;  rat4o  of  the 
air  in  the  compressor.  The  higher  the  compression  ratio,  the  more 
rapidly  does  thrust  increase  with  M.  When  the  airplane  reaches 
certain  Mach  numbers,  which  depend  on  a  whole  series  of  factors 
(a  temperature  ahead  of  turbine,  compression  ratio,  air-intake 
characteristics,  etc.),  the  thrust  of  the  TJE  reaches  its  maximum 
value,  and  a  further  increase  in  M  results  in  a  sharp  thrust  de¬ 
crease  (Pig.  4.14a). 


fr 

It 

12 

8 

v 

a 


a) 


b) 


Figure  4.14.  a)  Thrust  of  TJE  as 
function  of  M  and  altitude.  Solid 
line:  engine  thrust  without  augmen¬ 
tation;  dashed  line:  with  augmenta¬ 
tion;  b)  thrust  of  TJE  with  augmen¬ 
tation  as  a  function  of  M  and  alti¬ 
tude.  Solid  line:  strength  limita¬ 
tions;  dashed  line:  thrust  without 
these  limitations. 


If  the  engine  is  fitted  with  an  afterburning  system,  there 
may  be  no  decrease  in  thrust  in  the  range  of  small  M,  and  the 
trust  increase  with  M  may  take  place  much  more  rapidly  (see  dashed 
curve  on  Fig.  4.14a).  Hence  the  thrust  increase  gained  with  the 
afterburner  increases  with  flight  speed. 

For  many  present-day  TJE's,  engine  thrust  3hows  a  character¬ 
istic  faster-than-rrcportional  rise  with  Mach  number  when  the 
engine  is  operated  at  full  augmentation  and  supersonic  speeds. 

Use  of  ejector  nozzles  contributes  greatly  to  fast  TJE  uhrust 
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buildup  with  increasing  speed. 

For  geometrically  similar  engines,  thrust  is  proportional 
to  the  square  of  engine  diameter. 

The  thrust  of  a  TJE  depends  on  the  temperature  and  pressure 
of  the  ambient  air.  At  constant  air  temperature,  thrust  is  di¬ 
rectly  proportional  to  pressure.  This  describes  the  decrease  in 
thrust  with  increasing  altitude  in  the  stratosphere.  The  law  is 
approximate  because  the  Reynolds  number  at  which  the  compressor 
blades  are  operating  decreases  with  increasing  pressure  at  con¬ 
stant  temperature,  so  that  compressor  efficiency  is  lower, 
presence  of  a  regulator  that  ensures  constant  temperature  ahead 
of  the  turbine  this  causes  the  thrust  of  the  TJE  to  drop  ofl 
somewhat  more  rapidly  in  the  stratosphere  than  in  proportion  to 
the  pressure  change.  This  effect  is  disregarded  in  most  calcula¬ 


tions. 

A  decrease  in  air  temperature  increases  thrust.  As  a  result 
TJE  thrust  decreases  more  slowly  than  air  density  in  the  trcpc 


sphere  at  constant  speeds  and 


Figure  4.15*  Thrust  of  TJE 
operated  with  augmentation 
as  a  function  of  M  and  alti¬ 
tude  Solid  line:  effective 
thrust;  dashed  line:  tnrust 
without  losses  at  entry  of 
air  into  diffuser. 


rpm. 


P.kRf 


Figure  4.16.  Thrust  of  TFE 
as  function  of  M  and  alti¬ 
tude  (with  and  without  pri¬ 
mary  and  duct  afterburning) 
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The  altitude  curve  of  thrust  depends  on  engine  setting*  but 
for  most  engines  at  "V  «  const  below  H  =  11  km  it  is  closely  ap¬ 
proximated  by 


Ph  =  PoA". 


(4.35) 


For  TJE,  n  =  0.7-0. 8. 


At  M  greater  than  unity,  the  drop  in  thrust  with  altitude  is 
slower. 

As  flight  altitude  increases  to  11,000  m,  the  Mach  number  at 

which  thrust  reaches  its  maximum  value  (Mp  )  increases.  Mp 

max  *max 

remains  unchanged  in  the  stratosphere  at  constant  air  temperature. 

.Because  of  strength  limitations,  the  maximum  delivery  of  fuel 
to  an  engine  operating  with  augmentation  is  limited  at  heights  be¬ 
low  11,000  m  at  M  <  Mp  ,  and  the  P  =  15(M)  curve  assumes  the  form 

max 


shown  in  Fig.  4.14b.  For  most  TJE's,  Mt 


in  augmented  operation 


max 


exceeds  the  highest  M  at  which  engine  performance  is  stable.  Ac¬ 
tually,  therefore,  Mp  *  Mpim  (see  Fig.  4.14b), 

*  max 

At  M  below  1.1-1. 3,  the  losses  at  entry  of  the  air  into  the 
TJF  are  relatively  small-  If,  however,  the  engine  is  used  on  an 
airplane  capable  of  flight  at  Mach  two  and  faster,  proper  profil¬ 
ing  of  the  inlet  diffuser  becomes  very  important.  At  i.  given 
pressure  recovery  factor  in  the  diffuser’  and  the  diffuser  de¬ 
sign  Mach  number,  which  usually  equals  the  thrust-lowering 

losses  in  the  diffuser  are  small  at  the  design  altitude,  which  is 
11,000  m  for  many  TJE's.  As  M  is  lowered  from  M^pjn  to  M  *  1,  the 
losses  increase.  They  increase  especially  rapidly  at  M  > 

At  altitudes  above  11  km,  they  decrease  in  proportion  to  the 
thrust  decrease.  Diffuser  losses  increase  rapidly  below  11  km. 

TJE  augmented  thrusts  for  several  altitudes  are  indicated  by 
the  solid  lines  in  Fig.  4.15,  with  consideration  of  losses  In  the 
diffuser  and  the  restrictions  on  fuel  delivery  to  the  engine’s 
afterburners . 


FTD-HC-23-753-71 


68 


In  computing  the  flight  characteristics  of  an  airplane,  the 
thrust  value  used  should  be  that  actually  developed  by  the  engines 
with  consideration  of  the  diffuser  and  ejector-nozzle  losses. 

These  thrust  values  are  referred  to  as  effective  thrusts. 

For  some  engines,  maximum  delivery  of  fuel  to  the  after¬ 
burners  at  maximum  rpm  and  M  *  M^m  is  permitted  beginning  at  an 
altitude  higher  than  11,000  m.  In  this  case,  the  decrease  in 
thrust  with  altitude  is  proportional  to  atmospheric  pressure  only 
beginning  at  this  altitude. 

Turbofan  engines  (TFE)  have  now  come  into  extensive  use. 

They  are  more  economical  than  TJErs  in  unaugmented  flight  at 
subsonic  spe'  is.  Without  augmentation,  the  thrust  of  these  er,- 
gines  decreases  steadily  with  increasing  speed  in  the  subsonic 
range.  It  does  not  increase  with  Mat  large  Mach  numbers,  as  it 
does  in  the  TJE,  but  simply  drops  off  somewhat  more  slowly  (Fig. 
4.16). 

If  fuel  is  afterburned  in  both  ducted  and  turbine  air,  the 
augmented  thrust  increases  even  more  rapidly  with  increasing  M 
than  in  the  case  of  the  TJE.  On  the  whole,  given  equal  tempera¬ 
tures  ahead  of  the  turbine  and  in  the  afterburner  and  equal  engine 
weights,  the  augmented  thrust  of  a  TFE  may  exceed  that  of  a  TJE 
at  high  supersonic  speeds.  At  the  same  time,  the  TFE  has  a  larger 
frontal  area  than  the  TJE,  but  it  is  shorter. 
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Chapter  5 


PLIGHT  SPEED  AND  ALTITUDE  .RANGES,  RATE  OP  CLIMB,  AND  THEIR 
VARIATIONS  WITH  AIRCRAFT  AND  ENGINE  PARAMETERS 


§5.1.  TOP  SPEED  AND  ITS  VARIATION  WITH  ALTITUDE  FOR  SUBSONIC  AND. 
TRANSONIC  TJE  AIRCRAFT 


We  shall  call  aircraft  for  which  M _ „  <  M*  subsonic,  and 

max  er 


those  f.or  which  M*  <  M  <  1-1.1  transonic. 

cr  max 


Equation  (4.3)  implies  that  the 
frontal  drag  Qh  and  the  thrust  of  the 
engines  must  equal  one  another  in  level 
flight  at  constant  speed. 


Obviously,  the  greater  the  thrust 
of  the  engines,  the  higher  will  be  the 
speed  at  which  this  equality  is  attained. 


Figure  5.1.  Deter¬ 
mination  of-V  of 

TJE  aircraft  from 


Consequently,  flight  at  Vmax  will  be 


curves  of  Qh  -  Q^(V) 


flight  at  maximum  engine  thrust.  On  the 
curves:  of  available  and  required  thrust, 
top  speed  is  determined  by  the  Intersec- 


=  P  and  P  =  P(V) 
r 


tion  o.i  the  curves  of  ^  (V)  and  P  = 


»  P(V)  (Fig.  5.1).  The  thrust  of  TJE’s 
is  taken  at  maximum,  rpm  and,  for  augmented  engine  operation,  also 
for  maximum  fuel  delivery  into  the  afterburner. 


It  follows  from  the  above  that  at  top  speed 
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cxS 


zCS~T--Pu 

*t  IQ  ■ 


and 


V  e'r“ 


wher- 


fJr  —  Ci,JrC*i  r* 


For  present-day  aircraft,  however,  cxi  h  comes  to  he  a  substan¬ 
tial  fraction  of  e  only  at  altitudes  approaching  the  ceiling. 

V 

At  low  and  medium  altitudes,  c  is  determined  by  s  at  V, 


max 


h  “0 

for  a  given  altitude  (a  given  A)  depends 


This  means  that  the  Voax 
on  the  relation  between  Pmax  the  Product  cx  S: 


cxS  -  -}-  cx^S+  -f  cXaj[S*.f 

The  larger  P/S  and  the  smaller  c  ,  the  larger  the  value  of  V :nax • 

0 

From  the  first  airplane  flight  to  the  present  day,  the  de¬ 
velopment  of  aviation  has  been  accompanied  by  a  continuous  in¬ 
crease  in  maximum  flight  speed;  this  has  been  brought  about  both 
as  a  result  of  increasing  P/S  and  decreasing  cx^ 

The  values  of  P/S  were  increased  by  increasing  thrust  and 
reducing  wing  area.  Smaller  wing  areas  gave  increased  loads  per 

square  meter  of  wing. 

Let  us  briefly  discuss  the  measures  that  have  lowered  the 
value  of  cx  to  a  fraction  on  the  present-day  airplane  —  from 

c  *  0.07-0.075  for  the  1915/1917  biplane  fighter  to  c  -  0.011 

Xq  u 

0.016  for  the  modern  interceptor  operating  at  M  <  M*r. 


a)  in  the  case  of  the  modern  airplane,  only  the  wing,  fuse 
lage,  control  surfaces  and,  in  a  few  cases,  engine  nacelles  are 

swept  by  the  free  stream. 
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Stiff*  The  weapons  systems  of  many  aircraft  are  enclosed;  this  ap¬ 
plies  not  only  to  bombs,  but  also  to  guided  rocket  missiles. 

Spy-"-'  - ...  -.  .  * 

Use  of  nonretracting  landing  gear,  struts,  braces,  and  ten- 
is'  i’^ion  bands  is  permissible  only  for  aircraft  for  which  higher  top 
'  speed  is  less  important  than  other  requirements;  c 

.  b)  in  virtue  of  its  special  planform,  set  of  profiles,  and 
high-llft  devices,  the  wing  of  the  modern  airplane  is  capable  of 

.  ■  combining  a  small  c  with  a  relatively  large  c  .  A  high- 

■•i  ■  0  Jldg 

-  tef'  VIg 

-lift  device  consists  ef  a  singly  or  multiply  slotted  flap  designed 
for  boundary-layer  blowing  or  a  flap  or  turndown  on  the  leading 
'  edge  of  the  wing  that  produces  the  same  effect.  It  has  recently 
t  become  possible  to  change  the  sweep  angle  of  the  wing  in  flight. 
This  approach  will  undoubtedly  be  used  with  increasing  frequency 
in  the  fat -ire; 

c)  an  indlspensible  requirement  for  the  modern  airplane  is 
that  the  wing,  fuselage,  and  tail  assembly  be  smooth; 

d)  the  design  and  manufacturing  technology  of  the  airplane 
prevent  the  entry  of  air  into  the  wings,  tail  assembly,  or  fuse¬ 
lage  and  its  circulation  inside  them,  since  this  would  cause  a 
substantial  increase  in 

Let  us  turn  to  the  influence  of  flight  altitude  on  top  speed. 


We  first  consider  a  TJE  airplane  for  which  M  <  M*r  at  Vraax 
regardless  of  altitude,  sc  that  there  are  no  wave  drags. 

Since,  according  to  (4.35),  the  thrust  of  a  TJE  ac  V  =  const 
decreases  more  slowly  with  altitude  than  the  relative  air  density 
A,  the  ratio  P/A  will  increase  for  Vmax>  Thus,  P/A  is  approxi¬ 
mately  1.4  times  larger  at  11,000  m  than  it  is  on  the  ground. 


At  the  same  time, 
flight  altitude,  since 
square  of  a i r  do n s i 1 y • 


0  will  also  increase  with  increasing 
x, 

n 

C  is  inversely  proportional  to  the 
xih 
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For  most  TJE  aircraft  operating  below  11,000  m,  P/Ac^  andl 


consequently,  also  V  increase  with  altitude  (Fig.  5.2);  only 

llu  _  _ n  k  n  fn  rt 


» —  max -  . 

for  those  aircraft  that  have  very  large  c  can  Vfflax  begin  t 


crease  with  altitude  below  11,000  m.  Above.  11,000  m,  always 

mu *4  A/MSfif  atlf 


*** v  —  -  -  r>  - 

decreases  with  increasing  altitude,  since  P/A  remains  constan 


and  c  increases. 


To  calculate  the  change  in  V  with  altitude,  Qg  is  calcu 


1U  VOibUlovv  wi.%.  Hid  A  O 

lated  and  Zhukovskiy  curves  plotted  for  several  altitudes.  The 

—  1.1.  Jk.  /tuvnrAO  n  f  P  St 


laiea  ana  iiiiuftuvonxj  * —  * - 

Intersection  of  the  curves  or  Qh  -  9h(V)  -1th  the  curves  of  P  - 


P(V)  will  determine  the  value  of  V] 


max 


Tcp-speed  flight  at  M  <  K*r  Is  possible  only  for  aircraft 
with  lo-  thrust/welght  ratios,  e.g.,  trainers  and  light  sport  air¬ 
craft,  and  for  multiengined  Jet  aircraft  -1th  one  or  more  engines 
out.  The  Mach  number  calculated  on  the  assumption  of  sero  -ave 
drag  is  found  to  exceed  MJr  for  military  and  even  passenger  air¬ 
craft  -ith  TJE' s  and  TFE's,  if  not  on  the  ground,  then  at  high 


altitudes  at  V] 


max 


*U 

In  unaugmented  operation  of  TJE's  on  any  modem  aircraft. 
Including  most  interceptors,  P/S  is  such  that  My^  Is  only  a 

little  larger  than  M;r  and  does  not  exceed  unity. 


Since  the  speed  cf  sound  decreases  with  increasing  altitude 


oxnct;  ~ -  - 

up  to  H  •  11,000  m,  the  critical  flight  speed  VJr  -  aMcr  above 


up  w  »*  -  • 

which  wave  drag  appears  also  decreases  with  altitude. 


in  addition,  M*r  may  be  lowered  sligntly  as  a  result  of  the 


in  aaaiwiwi,  n-  i  *.**.„*£> 

increased  c  .  The  net  result  is  that  the  Vcr  at  n,000-m  altitude 

V 


Will  be  about  15-17*  below  the  V»p  on  the  ground. 


...  aim-nip  M  at  H  *  11,000  m 
If  V  did  not  vary  with  altitude,  My 
XA  max  max 


maA  - 

would  be  found  larger  than  the  Mv  on  the  gr°Und’  *  ’  ~ 

.  .  ...  n  -  4  «  4*1 


17*.  If  M—  •  M.r  or  exceeds  It  on  the  ground,  the  rule  Is  that 
vmax 


max  x  oir.ni Tnp's  c  owing  to  increased 

the  relative  increase  in  the  airplan  Xq 


wave  drag  will  exceed  the  Increase  of  P/A  due  to  higher  flight 
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mmmum 


altitude.  This  is  why  V„„v  cannot  remain  constant,  but  decreases 
Ifl owl y  with  increasing  altitude^ 

ij|s  altitude  of  flight,  the  l&fger and  the  difference" 

■  vmax  . 

<V  -  v*  ). 

«  *  N>nv  An  ' 


Figure  5-3.  Top  speed  of 
transonic  airplane  as  a 
function  of  flight  alti¬ 
tude  . 


Figure  5.2.  Variation  of 
maximum  flight  speed  with 
altitude  for  a  subsonic 
airplane . 


On  the  whole,  transonic  aircraft  are  characterized  by  the 

altitude  c  eve  of  V  shown  in  Fig.  5-3« 

max 

It  follows  from  the  above  that  the  magnitude  and  variation 

of  v  with  altitude  are  determined  basically  by  V*  Tor  a  tran- 
max  ,  *  .. 

sonic  aircraft .  Wo  note  that  My  increases  with  altitude  for 

vmax 

all  transonic  aircraft  because  of  the  increase  in  P/A. 

The  difference  V  -  V#^  cannot  be  calculated  analytically, 
me.  x  o  2? 

since  a  rapid  increase  in  c  takes  place  at  M*  <  M  <  1 . a .  It 

x0 

can  only  be  stated  that  trie  larger  P/S  and  the  thinner  the  wing 
profile,  the  larger  will  be  ~  V*r<  This  difference  will  be 

,man«r  for  an  airplane  with  an  unswept  trapezoidal  wing  than  for 
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.?  tEfinsfthic  airplane,  and  to  construct  a  family  of  3h  *  Q|j(M)  curves 

fbitseveral  altitudes. 

; -  t  ■  ,  tfee  *&>ve  implies  that  the  designer  wishing  to  increase  the 
. top  sp&ad  fcf  a  new  transonic  aircraft  design  must  give  the  ve¬ 


hicle  the  largest  possible  M*r. 


Jt§  increases  as  a  result  of: 

cr 


a)  a  decrease  in  wing  profile  thickness; 


b)  use  of  special  "M-stable”  wing  profiles; 

c)  sweeping  the  wing. 

A  decrease  in  profile  thickness  from  12*  to  6*  increases  M*r 
by  about  0.08-0.10. 

For  a  wing  with  a  quarter-chord  sweep  of  35° >  M*r  increases 

by  about  15*  over  that  for  an  unswept  wing. 

increasing  the  sweep  to  45°-55°  produces  little  increase  in 

M*  but  the  rate  of  increase  of  c  drops  off  markedly  at  M  >  M*r. 
cr*  0 


§5.2.  TOP  SPEED  AND  ITS  ALTITUDE  VARIATION  FOR  PARTIALLY  AND 
FULLY  SUPERSONIC  AIRCRAFT 


Use  of  thin  profiles  and  increased  sweep  angles  reduce  the 
rate  of  increase  of  c  at  M  >  M*r« 


murn^mm 

liHl'iH 

Egfealsssl 
gssKUlllSH 


'oT'Ot  0,6  C,6  !,°  hi  ’.•>  M 
a) 


Figure  5.4.  a)  Typical  Mach-number  curves  of  Qh 
and  P  for  partially  supersonic  airplane;  'exc 
as  a  function  of  altitude  and  M  for  partially 
supersonic  aircraft. 
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0,6  0,3  1,0  U  M 

Figure  5>5«  Mach 
number  as  a  func¬ 
tion  of  altitude 

at  V  for  par- 
max  ^ 

tially  supersonic 

airplane. 


Use  of  an  afterburner  increases  P/S. 

H,  to _ _  The  net  result  is  that  the  My  on  the 

max 

ground  has  come  to  exceed  M*r  by  a  sub¬ 
stantial  margin. 

Increasing  the  altitude  from  H  «  0 
to  H  -  11,000  m  increases  P/A  by  a  factor 
of  about  1.4.  For  a  thin  wing  profile, 
this  increase  in  P/A  can  increase  top 
speed  very  sharply,  even  into  the  super- 
0,6  0,3  j,o  Kt  m  sonic  range.  Such  a  case  is  shown  in 

Figure  5.5*  Mach  Figs.  5.4  and  5.5- 

number  as  a  junc¬ 
tion  of  altitude  por  an  airpiane  whose  Zhukovskiy 

at  V  for  par— 

max  curves  take  the  trend  shown  in  Fig.  5.4 

tially  supersonic 

airplane.  at  11,000-m  altitude,  there  is  a  char¬ 

acteristic  rapid  decrease  in  the  excess 
thrust  ?ex0-11  *  Pu  -  «011  -  h  u  with  the  approach  to 

As  altitude  increases  above  11  km,  the  difference  P  -  Qq  will  de¬ 
crease  in  proportion  to  the  air  density.  Moreover,  Pexc  will 
also  decrease  owing  to  the  larger  Q.  ^ .  The  rapid  decrease  of 

p  with  altitude  (see  Fig.  5-4b)  causes  a  rapid  decrease  in 
0  X  c 

M  and  the  airplane  will  be  flying  at  transonic  speed  at  its 

VmaX  a  , 

ceiling  (see  Fig.  5.4b).  As  a  result,  supersonic  speeds  are 
reached  only  in  a  certain  altitude  range  for  an  aircraft  char¬ 
acterized  by  the  Qh  *  Qh(M)  and  P  =  P(M)  curves  shown  in  Fig.  5.4 
However,  flight  at  the  ceiling  and,  as  will  be  shown  below,  at 
maximum  rate  of  climb  must  take  place  at  M  smaller  than  or  only 
slightly  greater  than  M*r-  We  shall  refer  to  such  airplanes  as 
partially  supersonic. 

Use  of  ejector  nozzles  and  higher  afterburner  temperatures 
gives  a  greater  increase  in  thrust  with  increasing  M  and,  as  we 
have  noted,  the  thrust  output  of  many  modern  TJF's  increases  more 
rapidly  wi  t.h  speed  than  it  would  if  thrust  Increased  In  propor¬ 
tion  to  H.  F-  during  the  we '  of  the  :  has  also  maev  it 
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Figure  5-6.  a)  Typical  Mach-number  curves  of  Q,_ 

h 

and  P  for  fully  supersonic  airplane;  b)  P 

6XC 

as  a  function  of  altitude  and  M  for  fully 
supersonic  airplane. 

possible  simultaneously  to  increase  P  and  the  ratio  P/S.  As  a 

result,  TJE's  came  to  deliver  thrusts  in  excess  of  in  flight 

at  M  *  1.3-1. 4  at  11,000  m.  At  larger  Mach  numbers,  however,  Q 

p  n 

varies  at  a  rate  proportional  to  M  instead  of  M  .  The  net  result 
is  that  Pexc  has  begun  to  increase  rather  than  decrease  at  M  >  1.3- 
1.4  (Fig.  5-6). 


With  this  trend  of  the  available-  and  required-thrust  curves, 
equality  of  P  and  is  attained  only  at  the  Macn  number  at  which 
the  increase  of  thrust  with  speed  begins  to  slow  down  rapidly. 

For  TJE's  with  afterburners,  the  rule  is  that  these  Mach  rum- 
bers  exceed  the  M^m  at  which  engine  performance  is  stable  (with¬ 
out  surge).  Hence  the  maximum  thrust  P  corresponds  to  the 

max 

limiting  Mach  number  Mlim  for  which  the  inlet  diffuser  is  designed. 

In  some  cases,  the  decrease  of  excess  thrust  begins  at  a 
Mach  number  just  belcw  M^m. 

With  the  curves  of  P  =  P(M)  and  =  Q^(M)  shown  in  Fig.  5.6a, 
P  c  varies  with  altitude  and  M  as  shown  in  Fig.  5.6b,  and  My 

max 

as  shown  in  Fig.  5-7.  We  see  that  the  highest  flight  altitude 
(the  ceiling)  corresponds  to  flight  at  M  =  It  will  be  shown 

below  that  the  per-kilometer  fuel  consumption  will  also  be  mini¬ 
mal  in  flight  at  M  *  Miim'  The  rate  of  also  reaches  its 
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maximum  at  M  =  M, .  , 
lira 

Aircraft  having  characteristics  similar  to  those  shown  in 
Pig.  5.7  will  be  referred  to  as  fully  supersonic,  since  all  of 
the  most  important  flight  regimes  (top  speed,  maximum  rate  of 
climb,  ceiling)  are  reached  at  supersonic  flight  speed3. 

Turning  to  foreign  aircraft-design  experience,  we  see  that 
all  supersonic  aircraft  were  partially  supersonic  during  a  certain 
period  of  the  development  of  aviation,  but  that  such  aircraft  are 
now  selaom  manufactured  in  quantity  and  have  been  replaced  by 
fully  supersonic  types. 

The  abandonment  of  long-run  production  of  partially  super¬ 
sonic  airplanes  is  explained  by  the  following  factors.  Such  air¬ 
planes  n.ust  have  thin,  low-aspect-ratio  swept  wings.  As  a  result, 
they  have  low  maximum  lift/drag  ratios  at  subsonic  speeds  and 

small  /.t  the  same  time,  a  partially  supersonic  aircraft, 

which  has  the  disadvantages  of  the  fully  supersonic  aircraft,  can 

reach  supersonic  speeds  only  in  a  relatively  narrow  altitude 

range,  and  the  value  of  My  will  Itself  depend  strongly  on  the 

max 

temperature  in  the  stratosphere,  since  even  a  small  decrease  in 
Ppxo  owing  to  a  decrease  in  the  thrust  of  the  TJE  lowers  My 

max 

sharply  (see  Fig.  5.4b). 

For  the  airplane  to  become  fully  supersonic,  the  relation 

etween  the  TJE's  thrust  and  c  S  must  be  such  that  considerable 

X0 

excess  thrust  is  available  at;  M  =  at  11,000  meters  of  alti¬ 

tude  and  that  the  product  P  V  at  H  -  11  km  and  M  =  1.2-1. 3  be 

O  j k  c 

smaller  than  the  product  P  V  at  the  same  altitude  and  M  "  M. .  . 

1  axe  lim 

We  shall  discuss  the  c  3  relation  for  the  fully  supersonic 

0 

airplane  in  greater  detail  below  ir  our  discussion  of  the  super¬ 
sonic  ceiling. 


For  all  supersonic  aircraft ,  flight  at  My  =  is  at- 

max 

'J  , £  ’ c  in  augmented  operation.  If  the  T  IE  is  not 


fcained  with 


augmented,  the  variation  of 


with  altitude  is  the  same  for  most 
supersonic  airplanes  as  for  tran¬ 
sonic  types. 

For  a  fully  supersonic  air¬ 
plane  at  altitudes  below  the  super¬ 
sonic  ceiling  but  higher  than  11,000 
m,  the  curves  of  P  *  ?(M)  and  Ph  » 


H.-p 


•  Qh(M)  take  the  trends  shown  in 


Pig.  5.6a.  We  see  that  thrust 
equals  frontal  drag  not  only  at 
M  -  Mlim  (H  =  17  km) ,  but  also  at 
M  <  M]im  (H  =  15  km).  Thus,  the 
thrust  of  the  TJE  determines  not 
only  the  supersonic  top  speed,  but 
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Figure  5.7.  M  at  V _  as 


max 

a  function  of  altitude 
for  a  fully  supersonic 
airplane. 


also  the  lowest  supersonic  speed,  below  which  horizontal  flight 
can  be  executed  only  with  deceleration,  since  >  P.  This  speed 
may  be  referred  to  as  the  minimum  supersonic  speed. 

The  altitude  variation  of  both  the  top  speed  and  the  minimum 
supersonic  speed  can  be  obtained  by  plotting  a  family  of  curves  of 
P  *  P(M)  and  Qh  =  Q^(M) .  However,  for  altitudes  above  11,000  m, 
at  which  the  TJE's  thrust  varies  in  proportion  to  air  pressure  at 
constant  air  temperature  and  M  =  const,  there  is  a  very  simple  and 
more  convenient  analytical  method  for  calculating  the  maximum  and 
minimum  level-flight  supersonic  speeds.  The  essentials  of  this 
method  are  as  follows.  The  engine  thrusts  at  11,000  m  and  H  > 

>  11,000  m  are  related  by  the  expression  PH  =  Pn(pH/Pii)  •  Since 
the  thrust  PH  equals  QR  at  Vmax  and  the  supersonic  V^,  we  have 

according  to  ( h . 29 ) 


P~—Qm  p-*+Q/r 

Pn  Pn  PH 

Solving  the  equation  for  pH»  we  find 
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Ph^Ph 


V — 

V  Pu-I 


(5.1) 


Assigning  a  series  of  values  to  M,  we  calculate  Qqjj  and 

Q,  .....  for  them  and  determine  the  TJE's  thrust  at  11,000  m  with 
l  n  11  • 

consideration  of  diffuser  losses.  We  use  (5.1)  for  each  M  to 
determine  pH-  Knowing  the  pH,  we  refer  to  the  standard-atmosphere 
table  to  find  the  altitudes  corresponding  to  each  of  the  chosen 
M.  Thus  we  obtain  the  relation  between  Mach  number  and  altitude. 
Mach  numbers  smaller  than  Mc^  ,  which  is  very  close  to  Mlim,  will 
be  those  of  flight  at  the  minimum  supersonic  speeds.  Mach  num¬ 
bers  M  >  Mclg  will  correspond  to  Vmax. 

In  the  above  method  of  calculating  the  altitude  variation  of 
the  steady  level-flight  maximum  and  supersonic-minimum  speeds  for 
each  M,  we  determined  the  altitude  at  which  the  TJE’s  thrust  P 
equals  the  frontal  drag  of  the  airplane  in  level  flight  (Q^).  At 
higher  altitudes  and  the  same  M,  flight  at  constant  speed  is  im¬ 
possible,  since  Qj  >  P.  Consequently,  each  point  of  the  curves  of 

Vmax  =  Vmax(H)  and  the  3UPersonic  Vmin  =  Vmin(H)  is  a  maxlmum~ 
altitude  point,  i.e.,  a  point  of  the  ceiling  for  the  particular  M. 

For  this  reason,  the  altitude  curves  of  the  supersonic  Vmax 

and  V  .  are  sometimes  called  ceiling  curves, 
nun 

If  the  numerator  and  denominator  of  the  radicand  in  (5*1) 
ai’e  divided  by  the  product  of  the  ram  pressure  and  S,  the  result 


i  /  Acl„ 

p"  V  ^ 


.S  0,7p[iM'J  V  cPn  c.u 


(5.2) 


If  the  TJE's  thi'ust  decreases  more  rapidly  than  in  proportion  to 

pressure  at  altitudes  above  11,000  m,  the  altitude  of  flight  at 

the  supersonic  Kt,  and  M.r  can  be  determined  from  expression 
'max  mil. 

(5.1)  oi  (5.0' •  T"; v  this  purpose,  is  calculated  or  the 
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assumption  that  the  TJE's  thrust  is  proportional  to  air  pressure. 
We  then  figure  the  percentage  by  which  the  thrust  at  the  resulting 
celling  altitude  is  smaller  than  that  which  would  be  developed  in 


the  pressure-proportional  case,  reduced  P..  or  cn  by  the  same 

11  P11 


percentage,  and  repeat  the  calculation. 

It  must  be  remembered  that,  for  certain  engines,  thrust  be¬ 


comes  more  closely  proportional  to  pressure  with  decreasing  M. 
While  the  proportionality  is  hardly  in  evidence  at  M  »  3,  it  is 
quite  important  at  M  *  2,  especially  at  altitudes  above  15,  <00  m. 
Correct  calculation  of  the  ceiling  curve  therefore  requires  know¬ 
ledge  of  the  deviation  of  the  thrust  from  what  it  would  be  if  it 
were  proportional  to  pressure  for  a  series  of  flight  speeds. 

In  most  cases,  the  designer  places  limits  on  the  maximum  per¬ 
missible  flight  speeds. 

If  the  speed  limits  (V^im)  are  greater  than  the  level-flight 
top  speeds  over  the  entire  altitude  range,  the  values  of  Vlim  will 
obviously  be  determined  only  by  the  maximum  diving  speed  of  the 
airplane.  If  the  speed  limit  is  below  top  speed  at  all  altitudes 
or  at  certain  altitudes,  the  speed  limit  must  obviously  be  re¬ 
garded  as  the  practical  top  speed.  In  flying  at  this  speed,  the 
pilot  will  not  make  full  use  of  the  engine's  thrust. 

Flight-speed  limits  are  established  from  strength  considers 
tions  or  with  allowance  for  the  influence  of  structural  deforma¬ 
tion  on  the  controllability  of  the  airplane.  In  this  case,  the 
designer  states  maximum  permissible  ram  pressures 


InptA 


(5-3) 


Speed  limits  may  also  be  established  on  the  basis  of  ensuring 
stable  engine  performance  or  with  a  view  to  the  influence  of  air 
compressibility  on  the  stability  and  controllability  of  the  air¬ 
plane. 

is  established. 


In  this  case,  a  maximum  permissible  Macn  number 
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If  the  limiting  ram  pressure  ( Q i )  is  stated,  airspeed  will 
vary  with  altitude  In  accordance  with  the  law 

(5-4> 

and  will  increase  with  altitude  in  proportion  to  sm. 


Figure  5.8.  a)  Speed  limit  of  transonic 
airplane;  b)  Mach-number  limit  for  super 
sonic  airplane. 


As  a  rule,  the  speed  limit  stat'd  on  the  basis  of  qllm  limits 
the  top  speed  from  the  ground  to  a  certain  altitude  (Fig.  5* 8a). 

At  high  altitudes,  the  speed  is  limited  by  which  aoes  not 

vary  with  altitude  (see  Fig.  c  • 8b). 

When  the  tor  ope ad  is  stated  on  the  basis  of  a  maximum  per¬ 
missible  value  Mijm,  we  obtain  Vlim  =  aMliK|. 

In  this  case,  the  top  speed  at  the  constant  M];Jm  will  vary 
with  altitude  like  the  speed  cf  sound,  ' .e. ,  it  will  decrease  up 
to  11  km  and  then  remain  constant. 

M  ,  is  of  ruirticular  importance  for  modern  fully  supersonic 
1  i  in 

TJE  aircraft,  since  it  determines  more  than  the  speed  limit.  As 
a  rule,  the  larger  Mllm,  the  higbe -  is  the  ceiling,  the  higher 
the-  airplane's  maximum  rate  of  climb  at  supersonic  speeds,  and 
the  lower  the  minimum  per-ki  lorn;:  t-  •  r  fuel  consumption  at  these 
speeds . 


At  the  ceiling  in  this  case 


PH 

n  p 

“ HOT  *11  —  —  -I 

Pll 


Consequently, 


whence 


P II  A'ni»x 

__  P\\(< 

1 1 


(5-5) 


Averaging  the  thrust  at  11,000  m  over  the  H  range  from  0.6  to  0.9 
and  determining  K  =  (/uX  „/c  )/2,  we  can  apply  (5-5)  to  cal- 


and  determining  K  =  (/uX  f/c  )/2,  we  can  apply  (5-5)  to  cal- 

max  g i  x q 

culate  the  pressure  at  the  ceiling  and  thus  find  its  altitude  with 
almost  the  same  accuracy  as  in  a  ceiling  calculation  by  construc¬ 
tion  of  Zhukov  sidy-  curves  or  calculation  of  the  Mach-number  varia¬ 
tion  of  altitude  by  means  of  (5-1) • 

This  method  of  calculating  the  ceiling  can  be  recommended  for 
determination  of  the  maximum  flight  altitude  of  a  multiengined 
turbojet  airplane  in  flight  with  one  or  more  engines  out  or  for 
airplanes  with  TJE's  having  low  thrust  loadings. 

At  the  ceiling  of  a  transonic . airplane ,  the  Mach  number  usu¬ 
ally  ranges  from  0.7  to  0.9.  At  these  Mach  numbers,  the  thrust 
of  a  TJE  without  augmentation  varies  little  with  speed  at  high 
altitudes.  As  a  result,  the  point  of  tangency  of  the  thrust  and 
frontal-drag  cv.vv.-s  is  close  to  the  optimum  speed  (see  Pig.  5.9b). 


l'n  thi 


s  case,  however, 


calculated  without  considera¬ 


tion  of  wave  drag 


Obviously , 


/'  I  Alio -L 

P"n>n  f'nK,, o  ‘ 


(5.6) 


The  ceiling  altitude  of  a  transoni  airplane  can  be  calculated 
only  appr  jximaiei  v  by  (5.6),  si  nce  the  value  of  remains  un¬ 


known  . 
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It  can  be  assumed  for  approximate  calculations  that 
WW  ’  °'85  -0.95  for  a  transonic  airplane. 

Celling  can  be  determined  more  accurately  for  transonic  air¬ 
planes  by  plotting  altitude  as  a  function  of  M  in  accordance  with 
(5.1) •  The  ceiling  for  a  oartially  supersonic  airplane  is  com¬ 
puted  in  a  similar  fashion.  lor  such  an  airplane,  usually  lies 

in  the  range  from  0.95  to  1.1.  At  these  M,  the  thrust  of  an 
augmented  TJE  rises  rapidly  with  speed.  As  a  result,  the  curves 
of  P  *  P(M)  and  Qh  =  Qh(M)  intersect  at  speeds  greater  than  the 
optimum  (see  ^ig.  5.9c).  Under  these  conditions,  even  though  for¬ 
mula  (5.6)  remains  valid,  we  cannot  use  it  to  calculate  the  ceil¬ 
ing  of  a  partially  supersonic  airplane,  since  P^  and  *clg  are 
unknown . 

As  expressions  (5*5)  and  (5.6)  imply,  the  ceilings  of  sut - 
sonic,  transonic,  and  partially  supersonic  airplanes  are  deter¬ 
mined  primarily  by  the  thrust/weight  ratio  of  the  airplane,  Pn/<3, 
and  the  lift/drag  ratio  in  flight  at  the  ceiling,  which  is  equal 
or  nearly  equal  to  KmaJ[. 

As  a  result,  increases  in  thrust/weight  ratio  and  K  ob- 

Hid  X 

tained  by  increasing  the  wing  aspect  ratio  and  reducing  c  are 

x0 

highly  effective  in  raising  the  ceiling.  If  wave  drags  that 
lower  the  maximum  lift/drag  ratio  occur  at  ceiling  altitude,  it 
becomes  advantageous  to  lower  the  load  per  square  meter  of  wing, 
since  it  lowers  the  optimum  flight  speed  and,  consequently,  the 
ceiling  speed,  with  the  result  that  the  wave  drag  vanishes. 

Accordingly,  a  high-altitude  transonic  airplane  mu.  have  a 
high  thrust/weight  ratio,  a  small  load  per  square  meter,  and  a 
large  wing  aspect  ratio. 

As  we  indicated  above,  flight  of  a  fully  supersonic  airplane 
at  its  ceiling  takes  place  at  the  largest  permissible  Mach  number 
(Mnm)  or  at  an  M  close  to  it,  with  maximum  thrust  from  the  '  3. 

This  is  because  the  thrust  of  the  TJE  increases  rapidly  with  in¬ 
creasing  M,  while  Qh  changes  little  with  increasing  M  at  the 


FTD-HC-23-753-71 


85 


altitude  of  the  supersonic  ceiling*  The  relative  positions  of  the 
curves  cf  F  =  F(M)  atpd  =  Qh(M)  at  the  ceiling  of  a  fully  super¬ 
sonic  airplane  are  indicated  in  4?ig.  5*6a  (H  *  X7»CpO  m)*  It  is 
found  that,  as  thrust  decreases  or  increases,  Mc^g  remains  almost 
constant,  beginning  to  decrease  only  on  a  sharp  decrease  in  thrust. 
We  shall  return  again  to  the  question  of  the  value  of  M„, 


At  the  selling, 


p  ^ffam _ q  & 


whence 


.  _ _ Pljh _ 

PWbot  p,  im  #fn 


(5.7) 


The  value  of  is  taken  for  Mfilg  ~ 

Let  us  discuss  the  value  of  K  in  flight  at  the  ceiling. 

As  P,,  increases,  ?u  decreases,  flight  altitude  increases, 
11  Hclg 

and,  consequently,  e  increases  at  constant  M.  At  a  certain 

y  clg 

value  of  ?11S  which  we  shall  arbitrai-ily  call  the  optimum,  flight 

at  the  ceiling  will  take  place  at  the  optimum  cy  and  Kclg  will 

become  equal  to  K  .  Let  us  show  that  P-.  ■,  equals  twice  the 

max  11  opt 

profile  and  parasite  drags  in  flight  at  an  altitude  of  11,000  m: 


Under  the  conditions  of  flight  at  the  ceiling  with  M  *  ^clg‘ 

/■>..  ~cr  0,7  Spi,  1  M2. 

Wii«t  ri;gv  ’  '  "noi  ->T 

But  P  =  P1XPH  /Pn-  Using  this,  we  get 
11  clg  '  clg 


n  _"»ix -~r  0.75  xn-  M2 

*  !1  ~  c*noi  ’  thA<n  «o' 


and  the  condi vlon  of  flight  at  the  ceiling  imi-ly  the  equality 
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(5.8) 


If  flight  at  the  ceiling  takes  place  with 
c,  =c-  ,  we  have  f*, 

and 

Py^C Pi I^n«.  ~  -^0!  1  ’ 


(5.9) 


Q.E.D. 

Dividing  left  by  left  and  right  by  right  members  of  (5.8) 
and  (5.9),  we  obtain  a  highly  important  parameter: 


p_  P"  _  P»  _ 


i o,ot  2<?an  2<a.  ' 


(5-10) 


If  the  airplane's  polar  curve 
is  a  second-degree  parabola,  then 
no  matter  what  the  values  of  c 

x0 

and  A,  the  sarae  ratio  K/Kmax  will 

correspond  to  a  given  value  of  the 

ratio  c  /2c  .  Thus,  for  example, 

x  xQ 

in  flight  at  c  ,  irrespective 

„  .  yoruise 

of  c  ana  A, 

x0 


f  r  ,*  C*.  * 


^KpeHc  _ 

2e.~ 


Knpcuc 


-0,86. 


The  universal  dependence  of  h/Kmax 

=  p  appears  in  Pig.  5*10. 


Figure  5*10*  K  =  ^/^max  as 


on  cx/2cx 


a  function  of 


0 


Py 

2Qou 


Jx 

:  1c. 


<0 


It  is  convenient  for  use  in  cal¬ 
culation  of  K  ,  and  determination 

of  the  celling  altitude  from  expression  (5.7).  To  this  end,  we 

!(J11  for  K  =  Mclg  =  M  lB.  Doubling 

Knowing  P,  we  refer  to  Fig.  5.10  to 


compute  the  values  of  Kmax  and  Qf 


Q  ,  we  find  the  ratio  P 
oStam  the  ratio  Kol?/KmM  and  multiply 
tain  the  unknown  Kq1  •  Knowing  Kclg  and  app 
mind  pu  and  the  altitude  of  the  supersonic  ceiling. 

Hclg 
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This  method  of  calculation  is  quite  accurate.  It  is  possi¬ 
ble  to  calculate  pH  in  the  same  manner  by  using  (5*1)  and  tak- 

clg 

ing  the  values  of  Pn,  Qon,  and  h  X1  at  Mclg  £  MUm. 

Let  us  consider  the  factors  on  which  the  supersonic-ceiling 
altitude  depends. 

It  follows  from  (5*7)  that  an  increase  in  thrust  lowers  p» 

"clg 

and  raises  the  ceiling  altitude.  As  long  as  P-q  <  2Qqt -j  ,  increas¬ 
ing  the  thrust  moves  c  closer  to  c  end  increases 

yclg  yopt 

At  P,x  greater  than  2Qon,  flight  at  the  ceiling  takes  place 

with  c  >  c  .  Under  these  conditions,  an  increase  in 
yclg  yopt 

will  lower  K  ,  instead  of  increasing  it. 


Substituting 


+  Ac*  for  c 

y 


in  (5*8),  we  get 


*  V  A  (  0.7Sp"mjBI)T  Cx‘) 


(5.11) 


It  follows  from  (5.11)  that  c  and,  consequently,  Kcl 

y  clg 

do  not  depend  on  the  weight  of  the  airplane,  but  are  determined 
primarily  by  Pn/S. 

Likewise,  it  is  easily  found  that 


Cn  -  -  C  n 
*»10T 


1  ^-1. 


(5.12) 


We  have  shown  that  at  the  supersonic  ceiling,  c  may  be 

■'clg 

either  smaller  or  larger  than  the  optimum,  i.e.,  *  CyQp^ 


when  Pn  <  2Qq11  and  cy 


K  when  pn  >  2Qoir 

•'opt 


If  p  =  p  /2Qq11  <  0.8,  it  will  be  possible  for  Mclg  to  dif¬ 
fer  appreciably  from 

In  this  case ,  it  is  recommended  that  the  ceiling  altitude  be 
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i 


determined  by  calculating  the  ceiling  curve  by  expression  (5*1) 
or  (5.2). 


It' follows  from  (5.2)  that  a  given  ceiling  altitude  for  M  * 

a  t*  can  be  obtained  with  a  large  wing  a>’ea  (small  0/S  .and  small 
lim  v 

cp  )  or  with  a  small  wing  S  (large  G/S  and  large  Cp  >. 

P11  11 

Foreign  aircraft-engineering  experience  has  shown  that  the 

second  alternative  is  preferable  to  the  first.  This,  in  turn, 
is  explained  by  the  fact  that  an  increase  5n  S  reduces  the  dif¬ 


ference  cp  -  c  .  When  this  difference  is  small,  it  decreases 
P  xQ 


sharply  even  in°response  to  a  small  decrease  in  thrust,  such  as 
might  result  from  a  rise  in  air  temperature.  As  a  result,  the 
airplane's  summer  supersonic  ceiling  is  found  to  be  much  lower 
than  the  winter  ceiling  altitude. 


Further,  as  Will  be  shown  below,  a  small  value  of  cp 


11 


-  c  lengthens  the  time  needed  to  reach  supersonic  speeds  and 
x0 


increases  fuel  consumption. 

According  to  (5.2),  the  pressure  at  ceiling  altitude  is 
directly  proportional  to  the  airplane's  weight  G  at  constant 
?i;L,  S,  and  M. 


An  increase  in  MUm  is  accompanied  by  an  increase  in  the 


altitude  of  the  airplane's  supersonic  ceiling 


This  is  understand¬ 


able.  As  we  have  indicated,  an  increase  -.n  lead,  only 


slight  decrease  in  the  maximum  lift /drag.  At  the  same  time,  the 
thrust  of  a  TJE  with  afterburning  always  riser,  rapidly  with  flight 
speed.  At  a  large  MUm,  therefore,  it  is  easier  to  obtain  a 
larger  value  of  the  product  PuKclg  and  thereby  lower  PH< 

it  is  at  small  M. 


than 


clg 


‘lim* 


§5.4.  CLIMBING.  FLIGHT  WITH  ACCELERATION 

Rate  of  climb  is  an  important  characteristics  of  an  airplane 
High  rates  of  climb  are  especially  important  for  interceptors. 


8o 


Ti in  in  i  i 
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It  follows  from  (4.3)  that 


p-Q, 


I  dV 


a 


g  di 


-sin  6, 


(5.13) 


and,  consequently,  in  the  presence  of  a  thrust  excess  (P  -  Qh)  >  0, 
the  pilot  can  accelerate  (dV/dt  >  0)  or  climb  (0  >  0)  or  accom¬ 
plish  both  simultaneously. 

Multiplying  the  right  and  left  sides  of  (5.13)  by  V,  we  find 
that,  at  constant  speed  on  a  trajectory  (dV/dt  *  0) 


V’*  ^  V '  sin  6  =  1£.  -  <?r)  r  =  n V . 
*  O 


(5.14) 


The  rate  of  climb  at  V  =  const  has  been  denoted  by  V*.  It  is 
easy  to  obtain  an  expression  for  when  speed  changes  along  the 
trajectory  from  (5.13): 


V 


r* 

V 


v 


(5.15) 


g  tiH 


Hence  we  see  that  the  more  rapid  increase  in  speed  on  the  tra¬ 
jectory  with  altitude  and  the  higher  the  trajectory  speed  V  itself, 
the  greater  will  he  the  difference  between  V  and  V*. 

y  y 

A  flying  airplane  possesses  an  energy  E  composed  of  its  kin- 

2 

etlc  E.  =  mV/2  and  potential  E_  =  GH  energies.  The  energy  per 
k  p 

kilogram  of  aircraft  weight  is  characterized  by  the  energy  alti¬ 
tude  H  : 


h,^hk+h-^+h. 
*6 


(5.16) 


Multiplying  the  right  and  left  sides  of  (5.13)  by  ds,  where  s  is 
the  path  length,  and  recognizing  that  sinSds  =  dH,  we  get 

<tV2 


2  g 


-f-  dH  —  nxds  —  clHt, 


which  Implies  that 


dh\ 
(It  ' 


=nxv=\ 


(5.17) 


Thus,  V*  characterizes  the  rate  of  change  of  the  airplane's  energy 
alti tude . 
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Figure  5.11.  a)  V»  as  a  function  of  altitude  and 
speed  for  transonic  and  subsonic  aircraft,  b)  /* 

as  a  function  of  altitude  and  M  for  a  fuller 
sonic  airplane. 


:voer- 


The  energy  altitude  concept  is  extremely  helpful  in  all  cases 
,n  which  flight  speed  changes  simultaneously  with  a  change  in 

iltitude . 


It  follows  from  (5*16)  that 

V  —  V  '2gH*  —  Ti. 


(5-18) 


[nowing  H  and  He,  we  can  always  find  the  flight  speed  by  applying 

(5.18). 

It  follows  from  (5-17)  that  the  energy  altitude  increases  in 
the  presence  of  a  thrust  excess  (nx  >  0)  and  decreases  when  thiu^t 
is  deficient.  At  V*  -  0,  Hg  is  constant,  but  this  does  not  mean 
that  flight  altitude  is  also  constant.  The  latter  may  increase 
on  a  decrease  in  speed  or  decrease  when  speed  increases. 

The  importance  of  the  dependence  of  V*  on  altitude  and  speeo 
is  evident  from  all  of  the  foregoing.  The  nature  of  this  depen¬ 
dence  (Fig.  5.11a)  is  approximately  the  same  for  subsonic  and 


i 

I 


4 

) 

i 

» 
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V*  is  shown  in  Pig.  5-llb  as  a  function  of 

J 


transonic  aircraft. 

M  and  altitude  for  a  fully  supersonic  airplane. 


The  speed  at 


which  V*  is  maximal  is  of  particular  interest  for  each  altitude. 

J 


Figure  5.12.  a)  V*  as 

ymax 

a  function  of  altitude 

for  a  subsonic  airplane; 

b)  V  as  a  function  of 
clb 

altitude  for  a  subsonic 
airplane. 


Figure  5*1^.  V* 

J 


as  a 


max 


function  of  altitude  for 
a  fully  supersonic  air¬ 
plane  . 

For  a  fully  supersonic  airplane 
thrust  with  speed  becomes  more 
of  M,  and  Qh  begin,  to  increase 


Figure  5.13*  Vclb  as  a 

function  of  altitude  for 
a  transonic  airplane. 

For  subsonic,  transonic,  and 

partially  supersonic  aircraft, 

V*  decreases  with  altitude  ow- 
ymax 

ing  to  the  decrease  in  P  - 

(Fig.  5.12a).  The  rate  of  climb 

V  corresponding  to  V*  rises 
CiD  ymax 

with  altitude  for  the  subsonic 

airplane  (see  Fig.  5.12b).  For 
the  transonic  and  partially  super¬ 
sonic  aircraft,  it  increases  to 
a  point  near  V*p.  At  high  alti¬ 
tudes,  the  speed  on  a  climbing 

trajectory  with  V*  makes  a 

ymax 

close  approach  to  V*p  (Fig.  5*13)' 
,  the  increase  in  augmented  engine 
rapid  beginning  at  certain  values 
approximately  in  proportion  to  V 
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rather  than  V  .  As  a  result,  V*  stops  decreasing  with  increasing 

V 

M  and  begins  to  rise.  The  result  is  a  second  maximum  of  V#,  which 
corresponds  to  M  =  M^m  or  to  Mach  numbers  close  to  M^m  at  alti¬ 
tudes  above  11,000  m  (see  Fig.  5*llb). 


At  the  second  maximum,  V*  has  its  largest  value  at  11,000  m. 
Above  this  altitude,  it  decreases  with  increasing  altitude  (see 
Fig.  5.11b).  The  net  result  is  that  V*  has  its  subsonic  maximum 
at  the  ground  and  its  supersonic  maximum  at  an  altitude  of  11,000 
m  (Fig.  5-14). 

If  full  fuel  delivery  to  the  afterburner  is  permitted  begin¬ 
ning  not  at  11,000  m,  but  at  a  higher  altitude,  it  is  at  precisely 
this  altitude  that  V*  reaches  its  maximum. 

y 

For  most  modern  aircraft  capable  of  climbing  at  high  speed, 
the  climbing-trajectory  speed  should  be  determined  with  considera¬ 
tion  of  the  influence  of  dV/dH  on  V  and,  consequently,  on  the 

J 

time  to  climb. 


Figure  5.15.  Diagram  for  calculation 

of  V  as  a  function  of  altitude  to 
clb 

ensure  fastest  climb  to  energy  alti¬ 
tude  . 


It  follows  from  (5*17)  that  the  time  (t)  to  climb  to  the 


energy  altitude  is 


(5- 19) 
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Determination  of  the  altitude  variation  of  speed  along  the  tra¬ 
jectory  that  minimizes  t  is  a  complex  variational  problem.  How¬ 
ever,  it  is  not  necessary  to  solve  it  in  preliminary  design  of  the 
aircraft.  Prof.  I.V.  Ostoslavskiy  and  A.  A.  Lebedev  proposed  an 
approximate  method  for  computing  time  to  climb.  It  assumes  con¬ 
ventionally  that  the  acceleration  ;i  ■  1  during  the  climb.  In 
this  case,  the  variational  problem  becomes  degenerate  and  reduces 
to  determination  of  the  speed  and  altitude  at  which  V*  has  its 
maximum  value  at  each  energy  'Altitude  (He). 

If  a  family  of  V*  =  const  curves  [2.3]  is  plotted  on  the  V  » 

=  V(H)  diagram  for  constant  H  ,  the  points  of  tangency  of  the  * 

e  y  < 

=  const  curves  with  the  curves  of  He  =  const  give  the  altitude 

variation  of  speed  for  which  the  maximum  of  H  will  be  reached  in 

e 

the  shortest  time  (Fig.  5.15).  For  a  fully  supersonic  airplane, 

the  diagram  similar  to  that  shown  in  Fig.  5.15  will  always  have 

a  segment  of  motion  with  acceleration  and  descent  at  H  *  const. 

e 

It  is  reasonable  to  replace  it  by  acceleration  along  an  approxi¬ 
mately  level  trajectory,  since  no  great  altitude  loss  will  occur 
on  exact  solution  of  the  problem  with  consideration  of  ny.  Plot¬ 
ting  of  the  lines  V*  *  const  requires  many  calculations;  another 
method  for  computing  the  minimum  time  to  climb  and  accelerate  can 
therefore  be  recommended.  The  speed  variation  of  1/V*  is  com¬ 
puted  for  a  series  of  altitudes.  is  determined  for  each  speed, 

and  the  plots  of  1/V*  =  1/V*(H  )  are  plotted  on  the  same  diagram 

y  y  “ 

for  all  altitudes.  Then  the  envelope  is  drawn  to  these  curves 
as  indicated  by  the  dot-dash  line  in  Fig.' 5*16. 

The  shaded  area  on  Fig.  5*16 

gives  the  time  required  to  change  Hg 

from  H  to  H  .  Calculating  the 
eini  efin 

speeds  corresponding  to  points  A,  B, 

C,  ...  on  the  curves,  we  obtain  the 
altitude  variation  of  the  speed  V  along 
the  climbing  trajectory. 
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Figure  5.16.  Diagram 
for  calculator  of 
shortest  time  to  climb 
to  energy  altitude. 
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This  method  must  be  used  to  calculate  the  time  to  climb  for 


fully  supersonic  airplanes. 


For  transonic  and  partially  supersonic  aircraft  climbing  w3th 
augmented  thrust,  it  is  permissible  to  assume  the  climbing  speed 


constant  and  close  to  V*  for  the  11,000-meter  altitude.  If  the 

cr 


airplane  has  a  modest  thrust/weight  ratio,  .it  can  be  recommended 


that  V  be  calculated  for  V* 

*  n 


at  the  ground  and  that  the  speed 


Vcib  on  the  trajectory  be  taken  as  the  mean  between  Vclb  from  the 


at  the  ground  and  the  V*  at  11,000-meter  altitude.  V* 


is  calculated  for  speeds  computed  by  this  method  for  several  alti¬ 
tudes.  Its  altitude  curve  is  plotted,  and  the  time  to  climb  is 
determined,  adding  to  it  the  time  to  accelerate  after  takeoff  to 
the  ground  value  of  V  lb>  Since  the  variation  of  Vy  with  alti¬ 
tude  is  nearly  linear  from  the  ground  to  H  =  11,000  m  and  beyond 
11,000  m  (but  with  a  different  slope),  and  Vy  =  0  at  the  ceiling. 


it  is  quite  permissible  to  find  V  at  the  ground  and  at  11,000  m 

«7 


in  plotting  this  relationship. 


If  we  assume  a  linear  variation  of  from  the  ground  to  the 


ceiling  altitude  H,  the  time  to  climb  from  the  ground  to  altitude 
can  be  calculated  with  the  expression 


(5-20) 


If  it  Is  necessary  to  make  only  rough  calculations  of  the  time  to 
climb  and  the  rate  of  climb  for  a  fully  supersonic  airplane,  the 
following  procedure  is  admissible. 

The  time  to  climb  to  11,000  in  is  calculated  by  the  method 
described  above.  Then  the  time  to  accelerate  from  V*r  to  the 
speed  corresponding  to'Mllm  is  determined,  and  this  is  followed 
by  calculation  of  the  time  to  climb  to  the  required  altitude  at 


Mw_. 

11m 
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Chapter  6 

PLIGHT  RANGE  AND  ITS  VARIATION  WITH  AIRCRAFT  AND 
ENGINE  PARAMETERS 

§6.1.  ENGINE  FUEL  CONSUMPTION 


We  shall  consider  first  the  influence  of  altitude  and  Mach 


number  on  the  specific  fuel  consumption  Csp  for  turbojets  and 


turbofans  operated  at  marimum  rpm  without  augmentation  (Figs.  6.1 
and  6.2).  The  speoific  consumption  in  this  case  will  be  denoted 


by  C’p  to  distinguish  it  from  the  value  for  a  throttled-back  TJE. 


At  all  Mach  numbers,  increasing  the  altitude  to  11,000  m  results 

The  altitude  change  from  11,000  to  15,000  m  has 
It  increases  appreciably  on  a  further 


in  a  lower  C'.  , 
sp 

almost  no  effect  on  C'  . 

sp. 

increase  in  altitude.  Increasing  the  Mach  number  of  flight  causes 


specific  fuel  consumption  to  rise. 


Figure  6.3  shows  C<p  as  a  function  of  M  and  altitude  for 


augmented  operation  of  turbofan  and  turbojet  engines.  Up  to 

Above 


11,000  m,  altitude  Increase  at  constant  M  lowers  C’  . 

O  p 

11,000  m,  climbing  increases  appreciably,  especially  above 
15,000  m,  and  this  increase  Is  stronger  at  low  Mach  numbers  than 


at  high  ones.  All  TJE's  are  characterized  by  a  weaker  dependence 


Of  C'  on  Mach  numbers  M  >  1.2-1. 5. 
sp 


It  must  be  remembered  that  C'  depends  appreciably  on  the 

sp 


parameters  of  the  TJE.  In  unaugmented  operation,  turbofans  have 
lower  specific  fuel  consumptions  than  turbojets  at  subsonic  speeds. 
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Figure  6.1.  Specific  fuel 
consumption  of  unaugmented 
turbojet  as  a  function  of 
M  and  altitude. 


Figure  6.2.  Specific  fuel  con 
sumption  of  unaugmented  turbo 
fan  as  function  of  M  and  alti 
tude . 


Figure  6.3.  Augmented  specific  fuel  consump¬ 
tion  as  a  function  of  M  and  altitude:  a)  TJE ; 
b)  TFE. 

The  per-hour  fuel  consumption  equals  the  product  of  the 
thrust  by  Cg  :  =  C  P.  Since  thrust  decieases  with  increasing 

ixtitude  and  increases  with  increasing  M,  the  per-hour  fuel  con¬ 
sumption  will  decrease  rapidly  with  increasing  altitude  and  in¬ 
crease  with  M.  This  is  particularly  strongly  manifest  in  aug¬ 
mented  operation  of  TJE's. 

In  supersonic  flight  at  altitudes  below  the  design  altitude 
of  the  engine  air  inlet  diffuser,  the  effective  thrust  Pgf  of  the 
engine  is  much  smaller  than  the  engine  thrust  obtained  without 
consideration  of  the  additional  entry  losses,  while  the  per-hour 
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consumption  remains  unchanged.  Hence  the  effective  specific  con¬ 
sumption  referred  to  the  effective  thrust  will  be  larger  than  the 
original  specific  consumption. 


Figure  6.4.  Influence  of  engine  throttling 
on  specific  fuel  consumption  in  operation: 
a)  without  augmentation;  b)  with  augmenta¬ 
tion. 

In  the  quite  frequent  cases  in  which  a  definite  thrust 
smaller  than  the  maximum  must  be  obtained  from  the  engine  at  given 
M  and  altitude,  fuel  delivery  is  reduced  (the  engine  is  throttled 
back),  whereupon  engine  speed  decreases  in  unaugmented  flight  and 
even  in  augmented  flight  for  certain  TJE's.  The  throttling  ratio 
is  characterized  by  P/P'  (the  ratio  of  the  thrust  of  the  throttled- 
back  engine  P  to  its  thru3t  P'  at  full  delivery  of  fuel  at  the 
same  altitude  and  Mach  number) . 

We  shall  denote  the  specific  consumption  of  che  throttled- 
back  TJE  by  Then  the  influence  of  throttling  of  the  TJE  on 

Cgp  will  be  given  by  the  dependence  of  Cgp  *»  Csp/Cgp  on  p/pl* 

Figure  6.4a  shows  the  nature  of  this  curve  in  unaugmented  engine 
operation;  it  is  determined  to  a  substantial  degree  by  the  param¬ 
eters  of  the  TJE,  the  altitude,  and  the  Mach  number.  The  effect 
of  throttling  of  the  TJE  on  Cgp  is  small  for  many  TJE’s  at  high 
altitudes,  Mach  numbers  from  0.8  to  0.95,  and  P/P’  greater  than 
0.6,  and  it  may  be  assumed  that  Cgp  =  0.95-0. 97C^p.  If  the  TJE 


FTD-HC-23-753-71 


98 


is  throttled  far  back  (P/P*  =  0.25-0.35),  as  may  be  required  for 

level  flight  at  low  altitudes  with  M  «  0.5-0. 7,  Cgp  will  exceed 

C'  substantially  and  may  reach  values  of  1. 4-1.5  or  even  larger 

sp 

ones. 


Figure  .».  4b  snows 


C  /C'p  as  a  function  of  P/P'  in 


augmented  flight.  We  see  that  in  this  case  throttling  the  TJE 
tack  causes  a  substantial  decrease  in  specific  fuel  consumption. 
This  decrease  will  be  larger  at  lower  Mach  numbers. 

§6.2.  PER-KILOMETER  AND  PER-HOUR  FUEL-CONSUMPTION  RATES  OF  TJE 
AND  TFE  AIRCRAFT  AT  SUBSONIC  AND  TRANSONIC  SPEEDS 


The  amount  of  fuel  consumed  during  the  time  taken  by  the  air¬ 
plane  in  flying  a  distance  of  one  kilometer  with  resr  o  the 

ground  at  constant  altitude  and  speed  is  called  the  k.  .  kilometer 
fuel  consumption  q. 

When  the  wind  is  calm  and  the  true  speed  V  ( the  airplane’s 
airspeed)  equals  its  ground  speed,  the  per-kiloraeter  consumption 


(6.1) 

In  (6.1),  speed  is  expressed  in  meters  per  second.  In  sle>  ‘y- 
speed  level  flight,  the  rpm  of  a  TJE  must  that  at  which  the 
thrust  developed  by  the  engine  equals  the  level-flight  frontal 
drag  Qh  of  the  airplane.  Then,  since  Qh  =  G/K,  the  per-hour  and 
Der-kilometer  fuel  consumption  rates  will  be 


(6.2) 


(6.3) 


GCyn 


If  substantial  thrust  losses  occur  at  the  engine  intake,  the  ef¬ 
fective  specific  consumption  should  be  used  in  expressions  (6.2) 

and  (6.3)* 
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We  shall  first  consider  the  influence  of  speed  on  the  per- 

kiloneter  consumption  in  unaugmented  flight  at  M  below  M#  . 

cr 

In  high-altitude  flight,  the  engine  is  run  at  almost  full 

throttle,  and  at  P/P*  >  0.6,  the  Influence  of  P/P*  on  C  is  in- 

sp 

significant  (see  Pig.  6.4a).  Under  these  conditions,  we  may  as¬ 
sume  with  a  certain  approximation  that  C  is  independent  of 

sp 

flight  speed. 

Since  q  *  Ch/3.6V  =  Csp^h^'  ^ *s  obv;*-ous  that  at  con¬ 
stant  Cgp,  q  will  change  with  speed  in  the  same  way  as  the  ratio 

Vv- 

It  was  shown  in  §4.3  that  Qh/V  is  minimal  at  the  so-called 
cruising  speed,  which  exceeds  the  optimum  speed  by  a  factor  of 
1.31*  At  this  speed,  the  product  KV  is  smallest  and  K  »  0.86K 

max 

Consequently,  the  airplane  should  be  flown  at  cruising  speed 
under  conditions  such  that  Cgp  depends  little  on  speed  and  the 
throttling  of  the  TJE  in  order  to  obtain  the  lowest  per-kllometer 
fuel  consumption.  This  speed  is  easily  found  graphically  on  the 
Zhukovskiy  curve  of  Qh  =  Q^(V)  by  drawing  a  tangent  to  it  from 
the  origin. 

For  low-altitude  flight,  the  engine  must  be  throttled  down 

considerably  at  cruising  speed.  Under  these  conditions,  there 

is  a  rapid  increase  in  Cgp.  Thus,  at  the  cruising  speed,  the 

ratio  C  /KV  is  not  minimal  because  of  the  larger  C  ,  even 
sp  °  sp 

though  the  product  KV  is  maximal.  Hence  the  minimum  per-kilom- 
eter  consumption  will  be  obtained  in  flight  near  the  ground  at 
a  speed  higher  than  cruising.  Obviously,  the  more  rapid  the  in¬ 
crease  in  C  as  the  TJE  is  throttled  back  (as  P/P'  is  reduced), 
s  p 

the  greater  the  margin  by  which  the  speed  of  minimum  per-kilom¬ 
eter  consumption  will  exceed  cruising  speed. 

With  increasing  altitude,  cruising  flight  will  occur  at 

steadily  increasing  values  of  P/P’.  This  is  because  the  thrust 

of  the  TJE  in  maximum-rpm  operation  decreases  with  increasing 

altitude,  while  Q,  remains  constant  at  a  constant  c  .  With 

h  y 
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increasing  altitude,  therefore,  the  difference  between  the  speed 
for  minimum  per-kiloraeter  consumption  and  cruising  speed  will 
diminish. 


Figure  6,5.  Flight  speed  for  minimum  per-kilora- 
eter  fuel  consumption  as'  a  function  of  altitude 
in  unaugmented  flight,  a)  Transonic  airplane  with 
wing  aspect  ratio  larger  than  6;  b)  supersonic 
airplane  vim  wing  aspect  ratio  smaller  than  3-1*. 


The  cruising  speed  is  a  speed  with  constant  cy.  It  there 
fore  increa.es  with  altitude  in  proportion  to  /ITa.  The  speed 
for  minimal  per-kilometer  fuel  consumption  increases  somewhat 
more  slowly  with  altitude  (Fig.  6.5a;. 


The  cruising  speed  will  be  higher,  the  larger  the  load  oer 
square  meter  of  wing  and  the  smaller  the  wing  aspect  ratio.  As 
a  result,  the  cruising  speed  calculated  on  the  assumption  01  con¬ 
stant  c  is  found  to  exceed  V#r  even  at  altitudes  of  the  order 
x0 

of  6,000-10,000  m  for  transonic  aircraft  with  large  wing  loads 
per  square  meter  and  small  wing  aspect  ratios.  It  will  be  re¬ 
called  that  cx  Increases  rapidly  at  V*r  owing  to  the  appearance 

of  wave  drag.  °An  excess  of  speed  over  V*v  lowers  the  lift/drag 

ratio  and  increases  per-kilometer  consumption.  For  this  reason, 

V*  should  be  taken  as  V  (see  Fig.  6.5b).  Since  V£r  de- 
cr  qmin 

creases  with  altitude,  the  speed  for  minimal  per-kilometer  con¬ 
sumption  does  not  increase  with  altitude  at  the  altitudes  for 
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f 

I 

which  V  =  V*  ,  but  decreases  slowly,  becoming  nearly  constant 
4min 

above  11,000  m. 

For  supersonic  aircraft  in  cruising  flight  at  low  altitudes, 

the  engine  must  be  throttled  back  very  sharply,  so  that  V  is 

^min 

considerably  larger  than  vcriHSei  at  high  altitudes,  V  =  V* 

4min  cr  . 

and  stops  increasing  with  altitude  (see  Fig.  6.5b). 

Let  us  consider  the  effect  of  flight  altitude  on  per-kilom- 
eter  fuel  consumption.  With  increasing  altitude,  the  speed  at 
which  the  per-kilometer  consumption  is  minimal  increases.  The 
lift-drag  ratio  at  Vq  increases  with  altitude,  since  the 

closer  the  approach  to  cruising  speed,  the  larger  does  this  ratio 

become.  Specific  fuel  consumption  decreases  primarily  owing  to 

increased  throttle  given  the  TJE  and,  consequently,  the  smaller 

C  .  On  the  other  hand,  the  increase  of  C'  due  to  the  increase 
sp  J  sp 

in  speed  with  altitude  is  offset  by  a  decrease  resulting  from 
the  altitude  increase.  On  the  whole,  the  higher  the  altitude, 
the  greater  the  decrease  in  per-kilometer  consumption. 

For  modern  aircraft,  a  change  in  altitude  from  zero  to 
10,000-12,000  m  results  in  a  decrease  in  per-kilometer  consump¬ 
tion  by  about  half.  It  might  be  assumed  that,  owing  to  the 

relatively  small  change  in  V  for  aircraft  with  small  aspect 

qmin 

ratio  wings,  an  increase  in  altitude  should  not  lower  the  per- 

kilometer  consumption  so  sharply.  However,  this  is  not  the  case, 

since  per-kilometer  consumotion  rises  considerably  at  low  altitudes 

as  a  result  of  the  larger  C  ,  and  flight  at  a  speed  far  above  cruising 

sp 

lowers  the  value  of  KV. 


Obviously,  the  minimum  per-kilometer  fuel  consumption  will 


occur  at  the  altitude  at  which  C  /KV  is  minimal.  This  altitude 


is  slightly  higher  than  that  at  which  V  ,  determined  at  con- 

^min 


stant  c  ,  becomes  eoual  to  V*.  The  smaller  the  load  per  square 
x0 


meter  of  the  airplane's  wing,  the  larger  its  wing  aspect  ratio 
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q,  kg/km 


iio  boo  900  m  I'km/h  0  *  *  ?mi«  kg/km 

a)  b> 

Figure  6.6.  a)  Influence  of  speed 
and  altitude  cn  per-kilometer  fuel 
consumption  in  unaugmented  flight ; 
b)  variation  of  minimum  per-kilom¬ 
eter  consumption  with  altitude  in 
unaugmented  flight. 

tnd  the  larger  V*r,  the  closer  is  the  altitude  of  minimum  per- 

cilometer  consumption  to  the  airplane’s  ceiling. 

The  per-kilometer  fuel  consumption  cannot  be  minimal  in 

\  r>  t  a-t-  f’uii  throttle  is  larger 

flight  at  the  ceiling  because  a)  Csp  ceil_ 

than  the  C  of  a  slightly  throttled-back  engine,  b)  a,  the  c 
than  th  product  of  lift/drag  ratio  by 

lng  in  flight  at  V  near  \cr»  ''uc  v 

speed  is  smaller  than  it  is  at  altitudes  tele*  the  ceiling. 

Modern  aircraft  have  minimum-q  altitudes  2,000-1,000  m-cers 
below  ceiling. 

Figure  6.6a  shews  the  variation  of  per-kilometer  fuel 

sumption  with  altitude  and  speed  in  unaugmented  flight,  and  g. 

6.6b  the  altitude  variation  of  Qmin- 

Aircraft  for  which  low-altitude  flight  takes  place  with  the 

engine  throttled  far  hack  and  V  much  higher  than  Vulse  owing 

.  thrust/weight  ratios  have  a  characteristically  indis- 

to  large  thruet/we  g  boih  the  product  VK 

tinct  speed  minimum  of  o-  ihis 

.  „  1n  2)  decrease  simultaneously  on  an  increase,  in  .pee. 

and  Csp  1  v  ro  that  the  dependence  of  q  on 

in  the  speed  range  above  ^cruise> 


flight  speed  becomes  weaker. 
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Let  us  consider  the  influence  of  speed  and  altitude  on  the 
per-hour  fuel  consumption  in  flight.  Per-hour  consumption  reaches 
a  minimum  at  a  speed  very  close  to  that  at  which  the  airplane 
flies  at  minimum  rpm  and,  consequently,  with  the  TJE  throttled 
farthest  hack.  The  ratio  Cgp/K  is  minimal  at  in  expres¬ 
sion  (6.2)  for  hrain 


Since  V_  is  close  to  V  . ,  V_ 
C  opt’  C. 


increases  with  alti- 


min  min 

tade  in  proportion  to  /1/A.  The  higher  the  altitude  of  flight. 


the  less  is  the  engine  throttled  back  at  Vr 


and  the  smaller 


is  Cop;  since,  despite  the  speed  increase,  decreases  with 

altitude,  C  =  C  C  will  also  be  smaller. 

’  sp  sp  sp 

At  a  constant  lift/drag  ratio  very  close  to  Kmax,  the  de¬ 
crease  in  C  vr  1  lower  the  minimum  per-hour  consumption  as  alti- 

O  P 

tude  increases.  C,  reaches  its  minimum  value  at  about  the  alti- 

h 

tude  at  which  the  engine  is  throttled  back  to  the  point  at  which 
Cgp  reaches  its  minimum.  This  statement  will  hole  provided  that 

at  this  altitude  the  V~  calculated  for  constant  c  is  smaller 

^h  ,  0 

min 

than  V*  ,  which  is  true  in  most  cases.  This  altitude  is  just  be¬ 
low  the  airplane's  ceiling. 

For  present-aay  airplanes,  per-hour  fuel  consumption  near  the 
ceiling  is  lower  than  the  minimum  per-hour  consumption  at  zero 
altitude  by  a  factor  of  1.5-1 .8. 


If  V  -  V*  at  high  altitude,  as  Is  typical  for  modern 
^max  cr 

supersonic  airplanes  with  small  aspect  ratio  wings,  the  speeds 
with  minimum  per-hour  and  per-kilcmeter  fuel  consumption  will  be 


closely  similar  and  flight  at  V 


will  not  greatly  increase  the 


per-hour  consumption.  For  the  same  airplanes,  the  speed  V  at 

ur.in 

the  ground  will  be  more  than  1.8  times  ,  and  flight  v'*th 

ri  . 
min 

V  will  take  olace  with,  a  C.  considerably  larger  than  C. 
a  .  n 
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The  per-kilometer  fuel  consumption  at  flight  speeds  bhlow  V*r 
Is  most  conveniently  calculated  as  follows. 

The  values  of  the  optimum  lift/drag  ratio  and  the  optimum 
flight  speed  are  determined.  The  ratio  V/vopt  is  found  for  the 
speed  V  of  interest.  Expression  (4.32)  is  used  to  calculate  K, 
followed  by  determination  of  Qh  =  G/K  and  P/P'  = 

Using  the  relation  Csp  =  Csp(P/P' )  (see  Pig.  6.4a),  we  find 

C  «  c  C'  and  the  per-kilometer  consumption 
°sp*  sp  sp  sp 

Q.Cy , 

q~  3,61'  ’ 

For  low-altitude  flight,  knowledge  of  the  relation  Csp  =  Cgp(P/P') 
is  indispensable  for  calculation  of  q,  since  Csp  may  be  several 
tens  of  percent  higher  than  C£  .  In  computing  the  per-kilometer 
consumption  at  altitudes  greater  than  8-10  km,  it  may  be  assumed 
in  the  first  approximation  that  Csp  -  0 .9n--0 .97r-sp* 

Calculation  of  qmin  is  complicated  by  the  fact  that  we  do  not 

know  the  speed  at  which  q  assumes  its  minimum  value.  For  flight 

nt  low  and  zero  altitudes,  it  is  necessary  to  calculate  q  for 

several  speeds,  l.e.,  for  Vorulse  -  1.31V„pt  and  higher.  We  find 

q  and  V  by  plotting  q  as  a  function  of  speed, 

min  ^min 

For  high-altitude  flight,  it  is  necessary  to  calculate  Vcruise 
and  inspect  to  determine  whether  it  exceeds  V*r-  If  not,  Vq^ 

and  q  ,  are  found  as  described  above,  but  h  voruiSe  >  Vcr5  the 
speed^f  minimum  per-kilometer  fuel  consumption  will  be  practical¬ 
ly  equal  to  V*r-  It  is  for  this  speed  that  qmin  should  be  calcu¬ 
lated,  assuming  zero  wave  drag. 

As  we  indicated.,  the  lowest  per-kilometer  fuel  consumption 
Is  obtained  at  an  altitude  2,000-3,000  m  below  ceiling.  Per-kilom¬ 
eter  consumption  varies  slowly  with  altitude  in  this  altitude 
range.  If  qmin  has  been  calculated  for  an  altitude  2,000  m  below 
ceiling,  it  need  not  be  calculated  for  other  altitudes. 
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The  maximum  range  of  flight  at  suoi'onio  speeds  is  proportion¬ 
al  to  fuel  weight  and  inversely  proportional  to  the  average  value 
of  the  minimum  per-kilometer  consumption.  Per-k  Home  ter  eonsunp- 


Q  <  V*  will  be  lowered  to  some  degree  by  increasing 
4min 


tion  at  V 

( 

the  cruising  speed  and  K  QV,  since  K 


max' 


cruise  -  °‘®^max 


and  K, 


max 


It  follows 
that  V 

cruise 


from  the  analytical  expression  for  o 

,/h  ^cruise 

is  inversely  proportional  to  ,  and  that  K  is  directly  pro- 

1/2  max  i/p 

portional  to  X  f  and  inversely  proportional  to  c  .  Thus,  given 

A0 

equal  Increases  .in  lift/drag  ratio  through  c  and  through  A  _  for 

x0  el 

subsonic  airplanes,  it  will  be  more  advantageous  from  the  stand¬ 
point  of  q  .  to  increase  K  ,  which  lowers  c  ,  rather  than  in- 
min  max  Xq 

creasing  A 


ef ' 

If  V  z  V*  ,  then  A  will  not  influence  V 
n  .  cr’  ef  q  . 

min  Mmin 

only  the  effect  of  Ag<,  on  lift-drag  ratio.  Then 


,  leaving 


oc,i 


•3 .«kv%  ' 


(6.H) 


At  V  <  V*  ,  an  increase  in  the  load  cer  square  meter  of 
qmin  Gr 

wing  at  K  =  const  increases  and  reduces  o  ^  .  At  V  s' 

qmin  qmin 

=  V*  ,  it  will  be  more  advantageous  from  too  standpoint  of  lower¬ 
ing  q  to  have  a  wing  load  .it  which  V*  f  13  gin,  occurs  with  K  ~  K 

C  r  ID3.X 

at  an  altitude  2,000-3,000  m  below  celling.  At  the  same  time,  it 

is  obvious  that  if  v  s  y*‘  ,  per-k '  lometer  consumption  will  be 

qmin 

lowered  as  a  result  of  ail  of  the  measures  that  increase  V*r  and 

do  not  ]ower  K  appreciablv.  For  example,  this  explains  why 
max 

30°-35°  swept  wings  (at  1/4  chord),  which  have  a  large  V*r  at 

wing  aspect  ratios  from  6.5  to  7-5  and  a  M  =  m#  around  0.82- 

qmi.n 

0.84,  have  come  into  extensive  use  on  modern  transonic  passenger 
aircraft. 

Per-k  Home  ter  consumption  is  directly  proportional  to  C  . 

At  high  altitudes,  as  we  indicated,  Csp  is  nearly  equvi  to  C^p. 
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Thus,  lowering  specific  consumption  in  engines  operated  at  maxi¬ 
mum  power  helps  increase  range.  For  many  types  of  military  air¬ 
craft,  it  is  important  to  secure  low  per-kilometer  consumptions 
in  zero-altitude  flight.  Ir.  flight  at  cruising  speed  at  these 
altitudes,  fuel  consumption  per  kilometer  i’s  very  high,  chiefly 
because  the  engine  is  throttled  far  back  under  these  conditions 
and  CSp  is  very  high.  As  a  result,  not  only  small  values  of  Csp, 

but  also  the  smallest  possible  increase  in  C  on  throttling  far 

sp 

back  are  important  for  low-flying  airplanes. 

The  turbofan  engine  is  particularly  suited  for  zero-altitude 

flight.  This  is  because  the  TJE  has  a  smaller  and  a  smaller 

increase  in  C  when  throttled  down.  Moreover,  the  thrust  of  a 
s  p 

TFE  operated  without  augmentation  does  not  increase  with  speed, 
but  decreases.  As  a  result,  it  does  not  have  to  be  throttled  back 
as  far  in  zero-altitude  flight  at  V 

^min 

Aircraft  that  have  high  rates  of  climb  and  high  ceilings  as 
a  result  of  large  thrust/weight  ratios  in  unaugmented  flight  have 
higher  values  of  Qm^n  at  the  ground.  This  is  because  of  the  need 
to  fly  at  a  speed  considerably  higher  than  cruising  (to  permit 
opening  the  throttle  to  lower  Cgp) ,  and  this  results  in  a  smaller 
KV. 

Low-level  range  at  high  speeds  rather  that  at  V  is  impor- 

4min 

tant  for  many  airplanes,  such  as  fighters. 

In  this  type  of  flying,  a  rapid  rise  of  per-kilometer  con-  . 

sumption  begins  at  a  Mach  number  higher  than  M*p.  As  a  result, 

an  Increase  in  M#  will  help  lower  consumDtion  per  kilometer.  If 
c  r* 

the  airplane  must  fly  at  1,200-1,300  km/h  at  zero  altitude,  per- 
kilometer  consumption  can  also  be  lowered  by  using  the  thinnest 
possible  profile  on  strongly  swept  wings. 

In  zero-altitude  flight  at  the  speed  of  sound,  induced  drag 
is  very  small.  As  a  result,  a  reduced  wing  area  will  lower  Qh 
and  thus  q.  At  high  zsro-altitude  speeds  approaching  Vmax,  the 
ratio  P/P'  is  large  and  Csp  close  to  (Tp.  The  smaller  C^p, 
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therefore,  the  lower  will  be  the  consumption  per  kilometer  per 
ton  of  weight. 

§6.3.  PER-KILOMETER  FUEL  CONSUMPTION  OF  TJE  AND  TFE  AIRCRAFT  AT 
SUPERSONIC  SPEEDS 

For  the  overwhelming  majority  of  aircraft,  supersonic  flight 
Involves  augmenting  the  thrust  of  the  TIE.  In  this  cese,  thrott¬ 
ling  the  engine  back  results  in  a  substantial  decrease  in  C  , 

sp* 

something  that  is  not  observed,  as  we  noted  above,  in  unaugmented 
operation  of  TJE' s. 

The  transition  to  supersonic  speeds  is  accompanied  by  changes 
in  cx  and  A  that  result  in  a  sharp  decrease  in  maximum  lift/drag 
ratio? 

As  a  result,  the  speed  and  altitude  variations  of  the  per- 
kilometer  and  per-hour  fuel  consumptions  at  supersonic  speeds  ex¬ 
hibit  a  number  of  highly  important  peculiarities  that  must  be 
taken  into  account. 

In  Fig.  4.9b,  we  showed  typical  Zhukovskiy  curves  covering  a 

broad  range  of  altitudes  and  Mach  numbers.  We  saw  that  the  higher 

the  altitude  of  flight,  the  slower  is  the  increase  of  Cl  with  in- 

n 

creasing  speed  (Mach  number).  This  is  because  induced  drag,  whose 
contribution  to  Qh  Increases  with  altitude,  decreases  with  in¬ 
creasing  speed. 

The  higher  is  M  in  the  range  from  unity  to  1. 4-1.6  at  an  alti¬ 
tude  of  11,000  m,  the  smaller  is  the  degree  to  which  the  engine 
of  a  modern  supersonic  airplane  must  be  throttled  back  to  make  P 

equal  to  Q,.  This  results  in  an  increase  in  C  with  increasing 
'  *  sp 

M  of  level  flight.  This  dependence  of  Q.  and  C  on  M  is  due  to 

n  s  p 

the  fact  that  the  increase  of  the  product  Q,  C  is  faster  than 

h  sp 

proportional  to  M  at  11,000  meters,  so  that  q  =  Q  0^  /3.6aM 
usuallv  increases  with  increasing  M.  The  higher  the  altitude,  the 
smaller  the  increase  in  Q^.  At  a  certain  altitude,  va^l.s  with 
speed  more  slowly  than  M  or  in  proportion  to  it,  so  that  the  fuel 
consumption  per  kilometer  decreases  with  Increasing  M. 
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In  high-altitude  flight,  the  low¬ 
est  consumption  per  kilometer  is  ob¬ 
tained  at  the  speed  corresponding  to 
the  limiting  Mach  number.  By  way  of 
illustration,  Pig.  6.7  shows  per- 
kilometer  consumption  as  a  function 
of  M  and  altitude  in  thrust-augmented 
flight. 

At  high  altitudes,  the  minimum 
per-kilometer  consumption  is  obtained, 

as  we  indicated,  at  M  ~  M,  .  . 

5  lim 

The  question  arises  as  to  the 
altitude  at  which,  in  flight  at  = 

=  const,  the  per-kilometer  fuel  con¬ 
sumption  will  be  minimal. 


Figure  6.7.  Influence 
of  Mach  number  and 
altitude  on  fuel  con¬ 
sumption  per  kilometer 
in  augmented-thrust 
flignt . 


According  to  (6.3)>  this  will  be  the  altitude  at  which  the 

ratio  C  /K  is  minimized  at  M  =  const.  In  flight  at.  constant 
sp 

M,  the  higher  the  altitude,  the  larger  must  c„  become.  Here,  * 
=  G/K  will  decrease  up  to  the  altitude  at  which  c  -  c  and 

!  V  V 

'opt 

K  =  K  Qu  will  Increase  with  altitude  above  this  level, 

max  n 


Qh  =  P  In  level  flight  at  constant  spoon.  Equality  of  thrust 
to  frontal  crag  is,  obtained  at  K  =  by  throttling  the  TJE. 

back.  At  the  ceiling,  the  engines  are  operating  at  full  fuel  de¬ 
livery.  If  Pj^/S  is  large  and  P  =  >  .1 ,  the  equality 

Qh  =  F  will  be  obtained  at  the  ceiling  with  cv  >  c  .  For 

■"jit  ^cpt 


lower  thrust  values,  when  P  =  1,  celling  flight  will  occur  with 

c  =  c  and  K  =  K  .A  further  decrease  in  the  airplane's 
y  ,  y  max 

°clg  ‘  opt 

chrust/weight  ratio  (P  <  1)  will  result  in  flig.it  at  the  ceiling' 

and  K  <  K_ 

opt 


with  c  <  c 

:  i*.  y 


max 


If  were  indep  r.ient  ;  f  altitude  and  TJE  throttle  setting, 
which  woui  presumably  be  possible  in  unaugmer.ted-thrust  super¬ 
sonic  flight,  the  altitude  of  minimum  per-ki  Icnetrm-  fuel 
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c kg/km 


consumption  would  be  the  ceiling  alti¬ 
tude,  or,  for  airplanes  having  P  >  1, 


the  altitude  at  which  c 


K  =  K_ 


c  and 
yopt 


In  augmented-thrust  flight, 
throttling  the  TJE  back  lowers  Csp 
sharply.  It  is  therefore  advantageous 
t.o  fly  not  at  the  altitude  of  maximum 
lift/drag  ratio,  but  at  a  lower  alti¬ 
tude,  at  which  the  engine  is  throttled 


id  72  Hi  is  is  Ukm 


back  and  the  ratio  C  /K  is  at  minimum. 

sp 


Figure  6.8.  Influence  of 
altitude  on  per-kilom- 
eter  fuel  consumption  in 
thrust-augmented  flight. 
Curve  1  -  at  ceiling 
c  >  c  ;  curve  2  - 


In  constant-M  flight,  the  farther 
the  airplane  is  below  its  ceiling,  the 
farther  must  its  engine  be  throttled 
back,  and  hence  the  smaller  will  C 


y  c  lg  ‘opt 
at  ceiling  c 


become.  Lowering  altitude  at  M  ■  const 


lowers  c  and,  consequently,  inf  If- 

y 


clg  opt  ences  lift/drag  ratio.  At  the  alti¬ 

tudes  at  which  c  <  c  ,  a  decrease 
y  Jopt 

in  altitude  will  lower  the  li ft /drag  ratio  the  more  sharply  the 

greater  the  difference  between  c  and  cir  (see  Fig.  4.13a).  At 

^  .  J  opt  •• 

the  altitude  at  which  the  relative  decrease  in  Cf_  with  altitude 


equals  the  relative  decrease  of  lift/drag  ratio  with  altitude,  per- 


kilometer  fuel  consumption  will  be  minimal,  since  Usp/K  assumes 


its  smallest  value.  This  altitude  will  always  be  lower  than  that 


at  which  c 


If  p  >  l,  we  have  according  to  (5.12) 


y clg  yopt 


v  opt 

,  and  therefore  a  lowei’ing  of  altitude  from  the  ceil¬ 


ing  with  M  ■  const  wil-  first  lower  per-ki lometer  consumption 
(Fig.  6.8,  curve  1).  A- P  smaller  than  u. 70-0. 85,  cy  is  much 

C  i.*. 


smaller  than  c  ,  and  a  decrease  in  flight  altitude  will  result 


CD  u 

in  a  very  sharp  decrease  in  lift/drag.  In  this  case,  the  minimum 
per-ki lometer  fuel  consumption  is  obtained  in  flight  ah  the 
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ceiling  (see  Pig.  6.8  curves  2).  The  altitude  curves  of  per-kilom- 
eter  fuel  consumption  compared  in  Pig.  68  illustrate  the  advan¬ 
tage  of  a  larger  P  in  respect  to  the  magnitude  of  q,  especially 
for  altitudes  below  the  ceiling. 

For  modern  supersonic  aircraft,  the  minimum  per-kilometer 
fuel  consumption  in  augmented  flight  around  Mach  two  is  1.5-2. 5 
times  the  minimum  p&^-kilcyneter  fuel  consumption  in  unaugmented 

flight  at  K  *  0.8-0. 9* 

Increasing  MUn)  to  three  brings  the  supersonic  minimum  con¬ 
sumption  per  kilometer  close  to  the  consumption  per  kilometer  of 
the  same  airplane  ac  subsonic  speeds,  or  even  lower. 

It  must  be  remembered  that  in  most  cases  the  supersonic 
flight  range  will  nevertheless  be  shorter  than  the  range  at  sub¬ 
sonic  speeds ,  since  much  less  fuel  is  expended  in  reaching  M  = 

.  0.85-0.9  and  altitudes  of  11-13  km  than  in  climbing  to  18-20  km 

and  accelerating  to  M  >  3* 


A  more  remote  prospect  is  a  decrease  in  q  at  M  >  3  when 
further  development  of  the  TJE  permits  high  supersonic  speeds 
without  thrust  augmentation.  Then  the  per-kilometer  fuel  con¬ 
sumption  at  supersonic  speeds  will  be  much  lower  than  the  con¬ 
sumption  at  M  -  0.85-0.95,  and  the  supersonic  r tight  range  may 
even  exceed  the  range  at  transonic  speeds. 

Let  us  now  turn  to  calculation  of  the  minimum  per-kilometer 
fuel  consumption  at  supersonic  speeds. 

P  s  _  n  fp/pM  Is  nonlinear  in  the 
If  the  dependence  of  Csp  -  C  t i . r  ;  is  nun ax 


range  of  P/P'  from  unity  to  0.6,  we  proceed  as  follows.  Vie  as- 

sign  several  altitudes.  For  P  -  Pu/2«0  >  1.  '«  the  altI- 

tude  with  e,  -  c,  and  three  to  four  lower  altitude. 


The  c al¬ 
and  tnree  uu  iuui-  iuhui  - - - 

'y  'ynnt 

eolation  for  P  <  11=  tarried  out  for  the  celling  and  three  or 
four  lower  altitudes 

and  the  altitudes  indicated  above;  the  r< 


0  is  calculated  from  *m.29)  f°r  M  "  Miim 
h 


o  Q./P'  =  P/P '  is  do- 

l") 


termined.  C  is  determined  and  0 

bp 


c  O'  is  found, 
sp  sp 
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Next,  q  Is  calculated: 


The  altitude  curve  of  q  is  plotted  and  used  to  determine  the  alti¬ 
tude  with  the  lowest  per-kilomoter  consumption  and  the  consumption 
itself. 


If  the  curve  of  5a„  =  5  (P/P')  is  nearly  linear, 

sp  sp 

most  cases  (see  Fig.  6.1»b),  calculation  of  Qmin  and  Hq 
ly  simplified  [33]. 


as  it  is  In 
is  vast- 

min 


If  5sp  depends  linearly  on  P/P',  the  variation  of  Sgp  as  the 
TJE  is  throttled  down  can  be  characterized  by  the  C  with  P/P*  = 

sp 

=■•0.6.  We  shall  proceed  accordingly. 


We  transform  the  expression  for  consumption  per 
introducing  Kq  =  K/K-max  and  Csp  =  C^/C^: 

(,~ . GC>X  ■_  acu _ /Cy  \ 


kilometer  by 


(6.5) 


Figure  6.9*  Curves  o::*  (C  / 

«,W 


Figure  5.10. 


opt 


Curves 

vs .  F. 


of  c. 
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If  it  is  assumed  that  C'  and  K  are  independent  of  altl- 

Sp  H13.X 

tude,  it  is  obvious  that  at  “const,  q  varies  with  altitude 

in  proportion  to  C  /R  .  The  minimum  of  the  C _ /R  is  what  de- 

sp  q  sp  q 

termines  the  minimum  of  q.  The  minimum  value  of  the  ratio  C  /R 

bp  4 

is  a  function,  on  the  one  hand,  of  the  degree  of  the  decrease  in 

C__  when  the  TJE  is  throttled  bad:,  which  is  characterized,  by 
^  P  _ 

hypothesis,  by  the  value  of  Cgp  at  P/P'  =  0.6,  and,  on  the  other 
hand,  of  f  =  Pn/2Qoil*  PiSU)’e  6*9  show:,  (5  /R^).^  as  a  func¬ 

tion  cf  P  for  various  C  and  P/P'  =  0.6. 

sp 

The  altitude  with  q  .  is  characterized  by  the  ratio  of  the 

min 

pressure  at  the  altitude  with  c  =  c  to  the  pressure  at  the 

J  yopt  _  _ 

altitude  with  q  ,  .  It  is  a  function  of  P  and  the  value  of  C  at 
min  sp 

P/P'  =  0.6. 

Figure  6.10  presents  curves  of  the  ratio  of  the  pressure  in 

the  atmosphere  at  the  altitude  cf  flight  with  c  to  the  pres- 

■'opt 

sure  at  the  alticude'  cf  flight  with  qm^n- 

Calculation  of  q  .  and  H  is  greatly  simplified  by  use 
:T1  1  qmin 

of  the  diagrams  in  Figs.  6.9  and  6.10. 

The  C  for  P/P'  =  0.6  is  found  from  the  engine's  fuel-con- 

5  p  __  . 

sumption  curves.  K  and  F  -  p ^  1  ^ L  ^0 1 1  Hre  o  iculated  for  M  = 

=  m  J  .  Thnir  vali.es  are  usually  known  before  range  is  calculated. 

lim  _  _ 

We  refer  to  the  diagram  of  Fig.  6.9  to  find  <  C  /X^  )m<n  -0i'  p  arK* 

C  at  P/P'  =  0.6  and  use  expression  ''6.41  to  find  9min- 


We  calculate  c. 


ard  the  pressure*  at  t  e  flight  alt.1  t"de 


With  Cy  =  C 


S-0.7M'  c,H 


(6.6) 


The  ratio  p 


'“min  y°pt 


and  the  altitude  of 


flight  with  minimum  consumption  per  kilometer  are  determined  from 
the  diagram  of  Fig.  6.10  for  the  P  and  C;;p  at  P/P'  =  C.6.  If  C«p 
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increases  rapidly  with  altitude  and  its  curve  is  known,  the  above 
calculation  procedure  requires  preliminary  determination  of  the 
altitude  of  flight  with  qffiin  by  assigning  a  taking  the  new 

value  of  Cgp  for  it,  and  then  recalculating  qmln  and  Hq 

The  altitude  and  qmin  obtained  in  this  way  will  be  slightly 

on  the  high  side,  because  the  effects  of  the  decrease  in  on 

H  were  rot  considered. 

^mln 

Let  us  turn  to  the  influence  of  the  airplane’s  design  param¬ 
eters  and  the  characteristics  of  the  TIE  cn  the  minimum  fuel  con¬ 
sumption  per  kilometer  at  supersonic  speed. 

It  follows  from  (6.5)  that  all  measures  that  increase  the 

maximum  lift/drag  ratio  reduce  the  specific  consumption  C'  and 

sp 

increase  thus  helping  lower  the  per-kilometer  consumption 

at  supersonic  speeds. 

As  is  indicated  by  the  curves  of  C  /K  -  (C  /R  )(P)  (see 

_  SP  Q  Sp  Q 

Fig.  6.9)  with  C  a  linear  function  of  P/P’,  the  larger  P,  the 
«.  .  .P 

smaller  is  (C  /K)min  and»  consequently,  Qmin*  However,  Cgp  is 
usually  observed  to  decrease  more  slowly  with  decreasing  P/P'  when 
P/P'  <  0.6.  Therefore  the  minimum  p'-r-kilometer  fuel  consumption 
will  occur  at  a  P  near  the  value  at  which  the  engine  is  throttled 
back  enough  so  that  P/P’  *  0.6  in  flight  with  Qm^n*  This  condi¬ 
tion  is  indicated  in  Fig.  6.9  by  the  dot-dash  curve.  We  see  that 

the  less  rapid  the  decrease  in  C  as  the  TJE  is  throttled  down 
-  _ 

(the  ?.arger  C  at  P/P’  -■  0.6),  the  larger  is  the  P  at  which  the 
s  p 

same  minimum  of  C  /K  is  reached. 

sp  q 

It  follows  from  the  above  that  to  lower  per-kilometer  fuel 
consumption  at  supersonic  speeds,  it  is  advantageous  to  take  a 
F  such  that  P  *  P11 ''^Oll  exceeds  We  note  that  the 

altitude  of  flight  with  Q  ln  will  then  be  below  the  supersonic 
ceiling. 

As  we  noted  above,  larger  values  of  P  help  lower  per-kilom¬ 
eter  fuel  consumption  at  altitudes  far  below  ceiling  (see  Fig. 
6.8). 
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§6.M.  CRUISING-CLIMB  FLIGHT 


Returning  to  the  expressions  for  per-kllometer  consumption, 
we  J  that  :  constant  V  an*  cy,  the  value  of  Q 
portional  to  the  weight  0  of  the  airplane  s  nee  cor_ 

rat^o  and  C  are  then  constant.  Since  a  certain 
responds  to  each  speed  above  11,000  m,  and  th*  Jift“  fop 

depends  on  this  Mach  number,  the  above  proposition  la  ^11 
these  altitudes  even  in  the  presence  of  wave  drag;  on  the 
hand,  if  wave  drag  is  aero,  it  holds  for  ..all  altitudes. 

in  flight  at  altitudes  above  11,000  m  at  constant  speed  and 
at  an  angle  0  to  the  horizontal  such  that  G/p  remains  constant  as 
ILZZ  Of  -  airplane  decreases  owing  to  fuei  deple  on, « 

airplane '  s  angle  of  attack  and,  Goring 

will  be  constant.  In  this  case,  Qh  and  P  vary  q 

fUght,  and  at  constant  rpm  the  throttling  of  to  engine  -*.« 

i_ n  u  9lso  c  will  remain  unchanged,  uwmg 
sequently ,  also  rMm-  nish  in  pro- 

'  p  /KV  the  per-kilometer  consumption  comes  to  uim..nibh  xn  p 

of  C  /KV,  the  pei  alrDlane's  weight  owing  to  fuel  de¬ 
portion  to  the  decrease  in  the  airplane  w  .= 

pletion.  ^ 

i  c  which  G/p  is  constant  is  a  very  small 
The  climbing  angle  0  a.  which  C/P  M 

one.  It  amounts  to  a  few  minutes  of  arc.  Ms  ell  ^ 

the  cruising  climb  or  "flight  along  the  ceiling..  ^  ^  ^ 

latter  name  to  the  following  considerations.  .  •  ^  ^ 

plane  has  reached  its  practical  ceiling,  the  P- ~J  '  at  aU 

same  angle  of  attack  and  the  same  speed  "•  »  ■  £ 

,■  thP  altitude  corresponding  to  the  ceiling. 

txmes  at  the  alt it  e  decreasing  weight  of  the  air- 

will  increase  steadily  owing, 

plane.  , 

eh  cruising  -limb  at  constant  speed,  constant  angle 
However,  the  crux  S  -  performed  starting  at  any 

of  attack,  and  conat....  «  P  t(|at  „  necessary  Is 

speed  and  the  c  corresponding  ,,ltltude  range  in 

that  the  air  temperature  remain  con.  ant  in  .h  „m 

which  the  flight  is  executed,  so  that  the  tmu.  t 
vary  in  proportion  to  the  pressure. 
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The  cruising  climb  saves  fuel,  since  the  average  value  of  o 

is  lower  for  this  flight  mode.  If  the  speed  and  altitude  at  the 

beginning  of  flight  corresponds  to  flight  with  q  ,  ,  this  condi- 

min 

tion  will  be  preserved  at  all  times  during  the  cruising  climb,  but 
if  the  pilot  holds  to  a  constant  altitude,  -the  difference  between 
the  ceiling  and  the  actual  altitude  will  increase  as  the  airplane 
beccmes  lighter.  The  larger  this  difference,  the  greater  will  be 
the  increase  in  per-kilometer  fuel  consumption. 

The  decrease  in  fuel  consumption  on  transition  to  the  cruis¬ 
ing  time  as  compared  to  level  flight  will  be  larger  the  greater 
the  weight  of  fuel  burned.  If  fuel  weighing  40-^56  of  the  air¬ 
plane's  weight  is  consumed  and  V*  does  not  influence  the  speed  of 

c  r* 

minimum  per-kilometer  fuel  consumption,  the  average  q  can  be 
lowered  by  about  1056  or  even  more  in  cruising-climb  flight. 

If  Qmin  was  reached  at  about  the  altitude  at  which  the  pro¬ 
duct  V*  K  reached  its  minimum,  the  speed  of  flight  with  minimum 
per-kilometer  fuel  consumption  is  usually  close  to  VQpt-  In  this 
case,  the  decrease  in  c  due  to  lightening  of  the  airplane  will, 
in  flight  at  constant  speed  and  altitude,  lead  to  an  Insignificant- 
decrease  in  lift- drag  ratio  and  the  advantage  of  going  over  from 
level  flight  to  the  cruising  climb  will  not  be  as  appreciable. 

For  many  irocl  rn  supersonic  aircraft  in  unaugmented  flight, 
it  is  of  the  average  consumption  per  kilometer. 


Everything  that  we  have  said  concerning  the  cruising  climb 
also  applies  to  "flight  along  the  ceilings"  at  supersonic  speed 


with  q  .  .  If  the  altitude  is  not  increased  as  fuel  is  burned  at 
^mxn 

supersonic  speeds,  C,  /K  will  increase.  Otviously,  this  increase 

°P 

will  be  iarger,  the  more  rapid  the  increase  in  per-kilometer  fuel 
consumption  as  the  airplane  descends  from  that  at  which  it  is 
minimal.  For  this  reason,  "flight  along  the  ceilings"  is  espec- 


§6.5.  FUEL  CONSUMPTION  IN  ACCELERATING  CLIMB  AND  DECELERATING  DE¬ 
SCENT 

The  amount  of  fuel  burned  by  a  modern  supersonic  airplane  in 
reaching  M^m  and  near-ceiling  altitudes  amounts  to  10-15?  of  the 
airplane's  takeoff  weight.  This  means  that  - ^0-50?  of  the  entire 
normal  fuel  load  may  be  burned  during  the  climb.  Serious  atten¬ 
tion  must  therefore  be  given  to  correct  calculation  of  fuel  con¬ 
sumption  and  possible  ways  of  lowering  it.  In  climbing  at  maximum 
engine  power 


rfC,  ' 

T"°*  3600  3600 


According  to  (5.17) 


whence 


(6.7) 


When  the  energy  altitude  changes  from  H  (  to  the  amount  of 

fuel  burned  will,  be 


,,  (•  /"Cv,  . 

”  J  moo  i  *  ‘/<r,V 


(6.8) 


To  obtain  the  shortest  time  to  climb  and  reach  speed,  it  Would  be 
necessary  to  fly  at  trajectory  speeds  at  which  1/V*  is' 'minimal  at 
each  energy  altitude  (see  §6.2).  To  obtain  minimum  fuel  consump¬ 
tion  at  each  H  ,  on  the  other  hand,  the  speed  must  be  such  as  to 
e 

minimize  the  ratio  P' C'  /3600V*.  Since  P*  and  C'  vary  with 

[  J  j  * '  f ' 

changing  altitude  and  speed,  flight  for  minimum  time  to  climb  will 
not  be  the  climbing  mock  with  minimum  fuel  yonsumpt len . 

Figure  6.11  shows  360QV*/P'C^  as  a  function  of  fer 

various  constant  altitudes  for  a  supersonic  airpiane,  arid  Fig. 


FTD-HC-23-753-71 


117 


subsonic  speeds  and,  above  11-13  km,  at  M  near  Mlim.  There  is  a 
difference  in  the  altitudes  of  accelerating  to  M  near  M^m.  To 
obtain  minimum  fuel  consumption,  it  is  more  advantageous  to  ac¬ 
celerate  at  a  slightly  higher  altitude.  However,  the  accelerating 
altitude  difference  is  not  very  large  and  a  single  mean  altitude 
is  often  indicated  for  interceptors. 


Expression  (6.7)  can  be  transformed  by  introducing  the  value 


of  vj; 


SO,  = 

tuoa 


P'CwaIH, 


3600  V* 


P’CJAGiHt 
3600  V(P'—  Qr) 


■(-£) 


The  resulting  expression  for  6G-  is  conveniently  used  in  resolv- 

Iclb 

ing  the  question  as  to  whether  it  is  advantageous  to  go  to  the 
afterburner  to  reduce  climbing  fuel  consumption. 


If  the  increased  C’  in  the  augmented-thrust  climb  offsets 

sp 


the  increase  in  the  difference  1  -  (Qh/P')»  climbing  with  the 


afterburner  may  save  fuel.  It  should  be  noted  that  for  most  tran¬ 
sonic  airplanes,  with  the  exception  of  heavily  overloaded  ones, 
climbing  without  the  afterburner  is  more  economical. 


The  calculation  of  fuel  consumed  in  climbing  and  accelerating 
is  quite  similar  to  the  calculation  described  in  §5.^  for  the  time 
to  climb  and  accelerate.  The  only  difference  is  that  in  the  time 


calculation,  we  plotted  the  H  curve  of  1/V*  for  a  series  of  alti- 

“  y 


tudes,  while  in  calculating 


}_  we  construct  the  H  curve  of 
1  clb 


P’C'  /3600V#  for  a  series  of  altitudes  and  then  draw  the  envelope, 
sp  y 

The  area  between  the  envelope  and  the  axis  of  abscissas  gives  the 


!_  needed  to  change  from  H 
fclb  6  6 ini 


to  H. 


It  is  often  necessary  in  preliminary  design  of  an  airplane  to 
determine  the  climbing  and  accelerating  fuel  consumption  referred 
to  takeoff  weight  even  when  the  weight  of  the  airplane,  the  wing 
area,  and  the  thrust  of  the  TJE  are  unknown.  In  this  case,  it  is 
convenient  to  use  an  approximate  method  proposed  by  N.N.  Fadeyev. 


With  this  method,  determination  of  G-  /G  requires  only  knowledge 

Iclb 
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of  the  average  Cgp  over  the  climbing  and  accelerating  stage  and 

at  the  end  of  the  acceleration  and  climb. 


the  energy  altitude  H 


'fin 


If  during  the  climb  the  frontal  drag  is  zero  and  the  thrust 
is  yG,  where  y  *  P/G,  we  have  V*  **  yV,  since 

J  ? 

dH>_y= 

dt  *  G 


The  time  to  accelerate  and  climb  will  be 


/  = 


"■».  H’*0' 


*»■ 


^cp  fVcp  **0.5^..  ’ 


and  the  fuel  consumed  in  climbing  and  accelerating 


Gr  ■  =-^t: 

T"°»  3Q00 


<^cy«cP 

3600 


and 


Grnoi  Cy’cp^s«oii 

Cy*'p( 

vK™  . 

ffKa*\ 

(6.9) 

a  1800KKOM 

1800  \ 

V'ron  r 

It  is  clear  frcm  the  above  that  at  Q  =*  0,  the  relative  fuel 

consumption  G„  /G  is  independent  of  thrust,  depending  only  on 
clb 

C  ,  ,  and  H  _  .  Expression  (6.9)  does  not  take  account 

spav  fin  efin 

of  the  fuel  consumed  in  overcoming  frontal  drag  in  motion  on  the 
climbing  and  accelerating  trajectory.  In  approximate  calcula¬ 
tions,  it  is  permissible  to  assume  that  this  part  of  the  fuel  con 
sumed  in  motion  on  the  climbing  trajectory  is  equal  to  the  fuel 
consumed  in  level  flight  at  the  final  altitude  and  speed  over  a 
distance  equal  to  the  length  of  the  climbing  and  accelerating 


trajectory . 


With  these  assumptions,  and  having  reduced  the  weight  of  the 

airplane  at  the  beginning  of  flight  by  the  G„  -  ,  calculated  from 

clb 

(6.9),  we  calculate  the  range  of  cruising-climb  flight.  The  range  of 
value  obtained  here  will  also  include  the  length  of  the  climbing 
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and  accelerating  trajectory. 

For  transonic  airplanes,  it  is  usually  necessary  to  calculate 

G_  /G  for  an  unaugmented-thrust  climb  to  10,000-11,000  m  with 
clb 

acceleration  to  M  *  0.85-0. 9 »  since  flight  with  minimal  per-kilom- 

eter  fuel  consumption  (q  *  qra^n)  ba^es  Place  ab  these  H  and  M.  In 

this  case,  we  exaggerate  the  time  to  climb  to  H  _  and  G*  /G  by 

fin  clb 

assuming  that  V'ay  *  °*5Vfln,  as  was  done  in  deriving  (6.9).  To 
adjust  the  calculation,  we  introduce  the  correction  factor  kclb 
into  (6.9): 

a  i800VKOH  •  (6.10) 

Comparison  of  the  calculated  results  for  Mfln  a  0.85-0.90  indi¬ 
cates  that  k  *  0.8.  C  .  is  determined  as  the  mean  between 
C1D  Pav 

the  C  at  M  =  0.85-0.9  at  the  ground  and  at  11,000  m.  If  after- 

g  p 

burners  are  used  during  the  climb  and  Mlim  ■  2,  kclb  should  be 

taken  equal  to  1.2  in  determining  Gf  /G  and  using  (6.10);  Cgp 

clb 

should  be  determined  at  11,000  m  as  the  mean  between  the  Cgp  for 
M  =  0.9  and  M  =  2 . 

At  this  stage  in  the  design,  when  the  thrust  at  M^m  and 
11,000  m,  the  weight  of  the  airplane,  and  its  wing  area  are  al¬ 
ready  known,  we  recommend  another  approximate,  but  more  exact 
method  of  calculating  the  total  climbing  and  accelerating  fuel 
consumption,  distance,  and  time. 

We  recommend  this  method  for  supersonic  aircraft,  which  have 
large  G  _  /G.  It  is  based  on  the  results  of  processing  a 

fc 

large  number  of  calculated  climb-and-acceleration  fuel-consumption 

figures  for  various  P-q/G  and  P  a  Pjj/ZQoh* 

To  determine  G-  /G,  it  is  necessary  to  calculate 
1  clb 

Ht  =  -^ +//„„.  find  Qon — 0»7p,iM*  S, 

■kOH  2 g 
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and  calculate  the  values  of  P^/G  and  P  =  ^l^^OH  for  Mfin* 

(For  a  supersonic  airplane s  Mfin  Is  usually  equal  to  the  Mach- 

C  number  limit.)  Then,  referring  to  Fig.  6.13,  we  find  the  initial 

value  <5f  *  G„  /G  for  H  and  calculate 

;  clb.inl  clb.ini  efin 


Figure  6.13.  Relative  climbing  and  accele¬ 
rating  fuel  consumption  as  a  function  of 
final  energy  altitude  H  and  M„.  . 

efin  Iln 

The  coefficient  K^,  which  allows  for  P,  is  taken  from  the 
diagram  of  Fig.  6 . 1 4 ,  and  the  coefficient  K2  for  P^/G  is  taken 
from  Fig.  6.15* 


Tie  coefficient 


-0,5 


-y’M-0,9 


T  C 


»»«„ 


—  0,25(C  +C 

'  M-0,4 


is  calculated  for  H  =  11  km. 

incur  an  error  no  greater  than 

weight . 


In  determining  G„  _  by 
1  clb 

1.5?  of  the  airplane's 


(6.11),  we 
takeoff 
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14.  Coe 

lmate  d 
P  =  P,, 


lent 

Fij 

dence  of 

of 

3. 

Figure  6 .16.  Coefficient 

of  approximate  dependence  of 
climbing  and  accelerating  tra¬ 
jectory  length  in  augment? d- 
thrust  operation  on  P  ~ 

■  pn/2Qoxr 


Figure  6.17.  Coefficient 

of  approximate  dependence  of 
climbing  and  accelerating  path 
length  in  augmented- thrust 
operation  on  thrust/weight 
ratio  P^/G. 
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The  accelerating  and  clifflbing 
distance  is  determined  from  the  ex¬ 
pression 

lao^2,2H,nK4Ks,  (6.12) 

H  .  is  calculated  from  the  values 
efin 

of  Hfin  and  Vfln,  while  the  coef¬ 
ficients  Kjj  and  K,. »  which  allow  for 
the  influence  of  P  and  P-q/G  on 
climbing  and  accelerating  distance, 
are  taken  from  the  diagrams  of  Pigs.  6.16,  and  6.17)* 


Figure  6.18.  Vav/Vfin  in 

climb  and  acceleration  as 
a  function  of 


The  time  to  accelerate  and  climb  is 


nOJI " 


Vav  is  determined  from  Vfin  and  the  dependence  of  Vay/Vfin  on  Mfin 
that  appears  in  Pig.  6.18. 

Since  this  method  gives  the  total  fuel  consumption  during  the 
acceleration  and  climb,  as  well  as  the  accelerating-path  length, 
the  flight  distance  "along  the  ceilings"  will  no  longer  include 
the  length  of  the  climbing  and  accelerating  trajectory,  as  it  does 
in  N.N.  Fadeyev's  method.  In  this  case 

L  =  Lclb  +  Llvl  +  Ldes*  - 

If  the  airplane  has  =  2.5-3  and  the  limiting  ram  pres- 

sure  qlim  is  much  smaller  than  10.100  kgf/m2,  a  Considerable  part 
of  the  acceleration  and  climb-  will  be  flown  at  the  limiting  tra¬ 
jectory  speed  determined  by  the  maximum  permissible  ram  pressure 

a  .  In  this  case,  (6.11)  may  be  used  to  calculate.  Qf  /G  ,  but 
^lim  clb 

determination  of  Ldb  by  expression  (6.12)  will  result  in  a  sub¬ 
stantial  error. 

For  a  rough  estimate  cf  Lclt5>  it  may  be  assumed  that  with 

qlim  =  11  >000  at  Mlim  =  the  value  of  Lclb  wil1  be  twice 

that  obtained  when  is  determined  from  (6.12). 
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(6.13) 


In  a  decelerating  glide  with  the  engine  operating  at  minimum 
rpm  and  He  changing  from  30-35  km  to  zero,  the  weight  of  fuel  con¬ 
sumed  equals  about  0-01  of  the  airplane's  weight.  This  consump¬ 
tion  may  be  assumed  proportional  to  the  change  in  Hg. 

55.6.  FLIGHT  FhNGE  AND  ITS  CALCULATION 

The  technical  range  Ltec  is  the  ground  distance  covered  by 
an  airplane  during  climbing  and  acceleration,  level  flight  at  qmln 
or  cruising  climb,  and  gliding  descent  using  all  fuel  on  board. 


Thus , 


Ltec  =  Lclb  *  Llvl  +  Ldes' 


(6.14) 


In  level  flight  or,  more  precisely,  cruising  climb ,  the  amount  of 
fuel  consul  equals  the  fuel  reserves  less  the  counts  consumed 

in  climbing  Gf  and  descend  in-.  : 

1  clb  ;-s5 


(6.15) 


In  real  ;y,  an  airplane  cannot  reach  its  technical  flight  range, 
since  a  certain  fuel  reserve  must  remain  in  the  tanks  after  land¬ 
ing  for  use  in  testing  the  engines  prior  to  takeoff  and  in  taxi¬ 
ing,  as  well  as  during  the  landing.  In  addition,  there  is  pxac 
ticailv  always  a  certain  amount  cf  fuel  left  in  the  tanks  that 
cannot  be  burned.  However,  the  tacti cal- technical  specification* 
for  the  airplane  usually  state  a  technical  range,  and  this  -ange 
is  calculated  in  the  course  of  preliminary  design. 

With  aircraft  having  M,  lm  <  2o-3,  «*uximum  range  is  obtained 
with  unaugmented  operation  of  the  engine  ir.  cruising-cUmb  flight 

with  q  -  clm^n- 

in  some  eases,  e.g.,  Interception  of  an  aerial  target  by  a 
fighter.  It  is  necessary  to  obtain  a  higher  average  flight  speeo 
and,  simultaneously,  t„  Longest  possible  range.  Under  this  re¬ 
tirement,  the  airplane  must  be  flown  with  the  afterburner  on  at 

„  at  the  altitude  at  which  per-Kllometer  fuel  consumption  is 
lim 

minimal. 
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may  be  re- 


A  certain  range  at  supersonic  speed  with  M  =  M 

quired  of  supersonic  bombers  and  reconnaissance  and  passenger  air¬ 
craft. 

In  thrust-augmented  supersonic  iiigbo,  a  l8C°  turn  involves 
considerable  consumption  of  fuel  owing  to  its  large  radius.  This 
consumption  must  be  taken  into  account. 

Let  us  turn  to  calculation  of  the  maximum  range  of  an  air¬ 
plane. 

In  cruising-climb  flight,  per-kilometer  consumption  is  di¬ 
rectly  proportional  to  weight.  In  flying  a  distance  dL  the  weight 
of  the  airplane  decreases  by  dG  =  qdL,  so  that  dL  =  dG/q,  and 
the  distance  covered  during  a  mange  in  flight  weight  from  to 
G?  will  be 


Substituting  the  expression  for-  q,  we  get 


a , 


/  ,_A  a \\K  d<;  2,3-3.6aMA-  ,  C-  >,30,  r„ 

''top  —  \  - - - - —  — - — - Iff  •“  - Ig  — 

•  Cyl  O  Cyj  '  On  q  O' 2 


(6.16) 


In  the  expression  for  range,  G  is  the  weight  of  the  airplane  for 
which  the  per-kilometer  fuel  consumption  q  was  calculated.  Since 
=  Gj,,  we  have 

o _  o, _ _ _ i__ 

o,  (i\  ^ 

»-i 


and,  consequently, 

i  -LLi  1  _ 

p  (6.17) 

(i  !  I  j 

It  follows  from  (6.17)  that,  in  order  to  calculate  the  cistance 
covered  on  the  cruising-climb  segment  of  the  flight,  it  is  neces¬ 
sary  to  know  the  initial  and  final  weights  of  the  airplane,  which 
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differ  by  the  weight  of  the  fuel  burned.  In  the  preceding  sec¬ 
tion,  we  described  a  method  for  computing  the  fuel  consumed  during 

'•l-' mbing  and  accelerating,  G.  _  ,  and  the  level-flight  initial 

1  clb 

weight  will  obviously  be  G  -  Q«  .  The  level-flight  final  weight  is 

clb  • 

G  -  Gf  +  Gf  ,  where  Gf  is  the  fuel  reserve  and  Gf^  is  the  iuel 

consumed  during  descent.  Applying  (6.17),  we  find  the  cruising- 
elimb  range  and,  adding  it  to  the  distances  covered  during  the 
climb  and  glide,  we  find  the  technical  flight  range  of  the  air¬ 
plane  . 

If  a  bomb  or  a  load  accommodated  inside  the  fusexage 
dropped  over  the  target  in  cruising-climb  flight,  and  this  bomb 
or  load  weighs  more  than  2-3%  of  the  weigot  of  the  airplane,  use 
of  formula  '6. 17)  to  compute  the  cruising-climb  distance  covered 
will  result  in  appreciable  underestimation  the  flight  range, 
since  the  airplane  will  be  lighter  after  leaving  the  target,  in 
this  case,  it  is  necessary  to  determine  the  cruising-climb  dis¬ 
tance  from  the  expression 


L  ^  iP- 


.L 

n 


(6.18) 


_  .<r,. 

0,i  — 

Oi 


('l 


where  G  is  the  weight  for  which  the  pe r-ki iometer  fuel  consumption 
0  was  calculated,  G,  is  the  weight  of  the  airplane  at  the  beginning 
of  cruising-climb  flight,  0eg  is  the  weight  of  the  cargo  or  boms 
dropped  over  the  target,  and  Gf  is  uhe  v/eignt  o,  the  fuel  burn- 
in  cruising-climb  flight. 

The  range  of  cruising-climb  flight  or  flight  at  constant 
altitude  (Llvl>  may  be  determined  by  calculating  the  average  per- 
Icllometer  fuel  consumption  on  the  level-flight  segment  Instead  ol 
by  use  of  (6.17).  To  this  end,  we  find  the  average  flight  we  g.. 

of  the  airplane: 

0cp  G  —  <v"^  (6.  1.0 
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We  find  the  altitude  and  speed  of  minimal  per-kilometer  fuel 

consumption  and  the  value  of  q  for  G  . 

avmin  av 

The  cruising-climb  i*ange  is  determined  from  the  expression 


6't 


■'rop  * 


flfPnin 


(6.20) 


If  Gr  _  /G  <  0. 3,  the  error  in  the  calculation  of  L, -  from  the 
*lvl  lvl 

average  per-kii tmeter  consumption  is  negligible.  For  G„  /G  of 

xlvl 

0.4  and  0.5,  it  lowers  ^  by  comparison  with  the  value  obtained 
from  (6.17)  by  2.3  and  3-5%,  respectively. 

If  the  airplane  flies  part  of  the  distance  with  underwing 
tanks,  which  increase  its  frontal  drag  appreciably,  it  is  neces¬ 
sary  to  calculate  the  fuel  consumed  during  climbing  with  the 
underwing  tanks.  Procedure:  determine  the  weight  of  the  fuel  re¬ 
maining  in  the  underwing  tanks  for  level  flight  and  make  separate 
calculations  of  the  level-flight  range  with  the  underwing  tanks 
and  after  they  are  dropped.  If  an  externally  stored  bomb  or 
missile  that  increases  the  airplane's  frontal  drag  appreciably  is 
released  over  the  target,  qmln  should  be  calculated  with  the  mean 
between  the  values  of  with  and  without  the  external  load.  If 

VJ 

the  flight  is  made  at  low  altitude  and  the  frontal  drag  during 
the  flight  away  from  the  target  differs  appreciably  from  the 
froital  drag  during  flight  to  the  target.  It  is  recommended  that 
the  minimum  per~K.ilometer  fuel  consumptions  be  found  for  the 
weight  of  the  airplane  at  the  beginning  of  level  flight  from  the 

target  (q,  ,  )  and  at  the  end  of  level  flight  from  the  target 

rr‘  nini 

(q  .  ),  with  the  approximate  assumption  that  q  .  = 

minfin  minav 

=  0.5(q  j  +  q t .  ).  Simultaneously,  this  calculation  will 

mlnini  minfin 

give  V  for  flight  to  and  from  the  target. 

^mln 

As  expression  (6.20)  implies,  the  cruising-climb  range  is 
inversely  proport  I  nal  to  and  depends  in  large  part  on  the 

ct-V 

relative  weight  G  /G  of  the  fuel  burned  in  the  crui-ing  climb. 

1  lvl 
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If  we  are  concerned  with  the  supersonic  flight  range,  G- 

Ilvl 

will  be  strongly  influenced  by  the  climbing  and  accelerating  fuel 

consumption.  In  subsonic  flight,  the  climbing  fuel  consumption  is 

relatively  small  and  G~  is  determined  basically  by  the  weight 

*lvl 

of  c he  fuel  placed  in  the  airplane's  tanks. 

Methods  for  lowering  the  per-kilometer  fuel  consumption  and 
the  amount  of  fuel  consumed  in  climbing  and  accelerating  were  ex¬ 
amined  above. 

Opportunities  for  increasing  flight  range  by  increasing  the 
relative  fuel  weight  Gf/G  involve  decreases  in  the  relative  weights 
of  the  airframe,  powerplants,  equipment,  and  payload  of  the  air¬ 
plane. 


I 

i 

i 


Chapter  7 

TAKEOFF  AND  LANDING  CHARACTERISTICS  OF  THE  AIRPLANE 
AND  THEIR  VARIATION  WITH  AIRPLANE  AND  ENGINE  PARAMETERS 

§/  1.  TAKEOFF 

Takeoff  consists  of  the  following  stages  (Fig.  7.1):  runup 
along  the  ground  to  liftoff  speed  and  climbing  acceleration. 


Takeoff  distance 


Liftoff 


rrv. 


Runup-. _ -4 — Acceleration.  J 

a) and  climb 
Takeoff  distance 


Runup 


Climb 


U - Climb 


b) 


Holddown 


Figure  7.1.  Diagrams  of  takeoff:  a)  turbo¬ 
jet  airplane;  b)  propeller-driven  airplane 
( v.'  1 1, h  1  ow  powe r/we  i  gh  t  ra 1 1  o ) . 

On  reaching  a  height  of  2 5  meters,  a  turbojet  airplane  is 
moving  at  a  speed  approximately  30$  above  that  at  liftoff.  After 
liftoff,  piston-engined  and  light  turbojet  aircraft  may  use  most 
of  their  excess  thrust  for  acceleration  only  while  covering  a 
certain  distance.  This  stage  in  the  takeoff  is  then  known  as 
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holddown  (see  Fig.  7 *  ) * 

The  distance  from  the  start  of  the  takeoff  run  to  the  point 
over  which  the  airplane  passes  at  an  altitude  of  25  meters  is  known 
as  tne  takeoff  distance.  Abroad,  the  altitude  at  the  end  of  the 
takeoff  distance  is  conventionally  set  at  15  rather  than  25  meters. 
Takeoff  distance  naturally  depends  strongly  on  the  flight  speed 
developed  at  the  end  of  this  distance.  The  higher  this  speed,  the 
smaller  will  be  the  fraction  of  the  thrust  excess  used  to  gain 
altitude  on  the  climbing  and  accelerating  segment  and  the  flatter 
and  longer  will  this  trajectory  become.  The  takeoff  distance 
defined  by  attainment  of  h  =  25  m  is  1.6-2  times  longer  than  the 
runup  for  TJE  airplanes. 


\ 

h—  _ 

i  ^  r- 

’P -  w 

s-c"  p 

0 

a 

Figure  7-2.  Diagram  of  force 
acting  on  airplane  during 
takeoff  runup. 


Figure  7-3.  Forces  acting  c-i 
airplane  during  runup  as  func¬ 
tions  of  runup  speed. 


The  speed 
tory  with  V 

ymax 

of  the  takeoff 
fore,  the  pilot 


of  a  modern  jet  airplane  or.  the  climbing  traj ee¬ 
ls  considerably  greater  than  its  speed  at  the  end 

distance.  Before  climbing  to  gain  altitude,  there - 
executes  a  climb  combined  with  rapid  acceleration. 


In  most  cases',  the  technical  specifications  for  an  airplau- 
state  specific  requirements  as  to  the  lengths  of  the  takeolf  an. 
landing  distances  or  the  runup  and  rollout  distances.  It  is 
therefore  important  that  the  designer  be  able  to  relate  the  runup 
and  takeoff  distances  with  the  characteristics  of  the  airplane  and 

its  engines. 
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This  book  will  consider  the  problems  of  takeoff  solely  from 
this  point  of  view. 

Let  us  first  consider  the  runup.  During  runup,  the  forces 
indicated  in  Pig.  1.2  act  on  the  airplane.  Projecting  them  onto 
the  Ox  axis,  we  write  the  equation  of  motion  for  runup: 

(7.i) 

/•WA'=/(o-n  (7,2) 

where  f  is  the  friction  coefficient  and  N  is  the  ground-reaction 
force. 

The  higher  the  speed,  the  greater  will  be  the  frontal  drag  Q 
and,  since  lift  is  stronger,  the  smaller  will  be  the  friction  P. 

As  a  result,  the  sum  Q  +  P  varies  little  during  runup  (F.ig.  1.2). 
In  the  case  cf  jet  airplanes,  the  thrust  of  the  TJE  during  runup 
decreases  slowly  in  a  takeoff  without  afterburner  and  increases 
slightly  in  an  afterburner  takeoff.  The  acceleration  varies  in 


the  same  fashion  during  the  runup.  An  expression  for  the  runup 
distance  L  follows  from  (7-1): 


Since  the  acceleration  changes  insignificantly  during  runup  and 
its  variation  with  speed  is  near  linear,  errors  no  greater  than 
5%  are  incurred  in  computing  runup  distance  from  an  average  ac¬ 
celeration  that  docs  not  vary  during  the  runup.  Here  the  average 
acceleration  must  be  determined  as  the  acceleration  at  a  speed 
equal  to  0.72  of  the  liftoff  speed  for  turbojet  airplanes  and  for 
0.75  of  liftoff  speed  for  airplanes  with  turboprop  engines. 

Let  us  derive  an  analytical  expression  for  the  average  runup 
acceleration: 
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0.0285  for  aspect  ratios  larger  than  six  and  c  of  1.0,  1.5, 

yl/o 

and  2.0. 


It  follows  from(7*5)  that  the  runup  distance  is  proportional 
to  the  square  of  liftoff  speed,  while  the  latter  is 


T;’~  4 


(7.6) 


In  determining  the  liftoff  speed  of  aircraft  with  large  thrust/ 
weight  ratios,  it  is  recommended  that  the  projection  of  the  thrust 
onto  the  y  axis  at  the  liftoff  angle  of  attack  o^/o  taken  into 


account.  In  this  case. 


,,  .  ,  fo  —  />sin{a„,p  J- ?t) 

V  -,A\/  - - - - - , 


(7.7) 


where  <|i  is  the  angle  between  the  chord  and  the  thrust  vector.  Ex¬ 


pressions  (7*5)  and  (7*6)  imply  that  the  runup  distance  is  approxi¬ 
mately  proportional  to  the  load  per  square  meter  of  wing  and  in¬ 
versely  proportional  to  c 


—  r- - x--*  - - -  — 

yl/o 

The  lift  coefficient  at  liftoff  should  be  determined  with  con¬ 


sideration  of  flap  deflection,  which  increases  it.  It  must  be  re¬ 
membered  that  the  proximity  of  the  ground  at  the  landing  angle  of 
attack  increases  c  (for  a  low-wing  design)  by  0..  15-0.20  (see 


Fig.  4.4).  The  wing  attack  angle  of  an  airplane  at  liftoff  must 


always  be  3°-  4°  smaller  than  the  critical  attack  angle  (a  ),  at 

V  X 


which  c  falls  off,  since  reaching  c 

y  '  y , 


causes  one-sided  flow 


separation  from  the  wing  and  sharp  rolling  onto  that  wing  for 
many  aircraft;  and  especially  those  with  unswept  trapezoidal  wings. 


For  small  airplanes  with  unswept  wings,  the  landing  angle  of 
attack  was  determined  by  the  critical-angle  value.  As  a  result. 


and  c 


depended  on  c 


The  critical  attack  angles 


yl/o  ylde'  ymax 

became  larger  for  airplanes  with  amall-aspect-ratio  wings.  The 

value  of  a  -•  1  n 0  for  aspect  I'atios  of  2-3  on  airplanes  with 
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wings  swept  more  than  *»5°.  With  decreasing  aspect  ratio  and  in¬ 
creasing  sweep,  the  distance  from  the  airplane's  CG  to  the  end  of 
the  fuselage  increased  simultaneously.  As  a  result,  landing  gear 
that  would  have  permitted  takeoff  with  liftoff  angles  of  attack 
3°-4°  smaller  than  acr  would  have  been  very-  tall  and,  consequently, 
heavy.  Retraction  would  also  be  extremely  difficult.  For  these 
reasons,  the  liftoff  attack  angle  of  an  airplane  with  small-aspect- 
ratio  wings  is  determined  not  by  acr,  but  by  landing-gear  height. 
This  height  also  determines  the  liftoff  attack  angles  of  many 
heavy  airplanes  having  wings  with  aspect  ratios  of  6-8  and  25°- 
35°  sweep.  The  liftoff  attack  angles  of  sucn  airplanes  are  ap¬ 
proximately  8°-ll° .  If  the  undercarriage  height  of  an  airplane 
with  a  35°  swept  wing  permits  aldg  1  13°,  it  is  necessary  to  find 

the  wing's  a  in  the  presence  of  the  ground  and  the  value  of  the 
cr 

difference  a  „  -  a, ,  . 

cr  ldg 


In  determining  c  ,  it  must 
yl/o 

be  remembered  that  the  propwash 


over  the  wing  from  turboprop  en¬ 
gines  (when  the  engines  are  housed 


in  wing  nacelles)  increases 
by  15-25*. 


It  follows  from  expressions 


(7-5)  and  (7-6)  that  the  best  ways  pigure  Runup  dis_ 

to  shorten  the  runup  distance  are  tance  reduction  as  af  - 

,  ,  ,  . .  .  ,  fected  by  booster  thrust 

to  increase  the  airplane  s  thrust/  and  speed  at  Whioh  booster 

weight  ratio  PQ/G,  which  equals  the  is  cut  in. 

ratio  of  zero-altitude  engine  thrust 


to  the  airplane's  takeoff  weight,  to  increase  c  , 

y  l/o 

dune  the  load  per  square  meter  of  wing,  G/S. 


and  to  re- 


A  highly  effective  means  of  shortening  runup  distance  is  w 
switch  in  the  engine's  afterburner  during  takeoff  and  use  rocket 
takeoff  boosters. 
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Augmenting  the  thrust  of  a  modern  turbojet  engine  on  the 

ground  increases  its  output  by  *10-60*.  Without  afterburning,  P&v 

during  the  runup  is  also  about  5%  smaller  than  P_,  while  P  *  P„ 

O’  av  0 

in  augmented  operation. 

On  the  whole,  the  runup  distance  is  much  shorter  with  aug¬ 
mentation  than  without  it. 

The  shortening  of  the  runup  distance  that  results  from  using 

booster  thrust  depends  first  on  the  ratio  of  booster  thrust  P. 

bo 

to  tne  average  accelerating  force  during  takeoff  without  boosters 
(P  -  Q  -  P),  and  second  on  the  ratio  of  the  runup  speed  at  which 
the  boosters  are  cut  in  to  the  liftoff  speed  Vcj/V2y0* 

It  can  be  shown  that  the  relative  decrease  SL^^/L  of  the 
runup  distance  is  approximately  [2.4]: 


(7.8) 


Figure  7.4  shows  6L  /L  as  a  function  of  relative  booster 

run  run 

thrust  and  the  speed  at  which  the  booster  is  cut  in. 

A  solid  booster  can  be  dropped  after  takeoff,  and  its  use 
has  almost  no  effect  on  the  design  weight  of  the  airplane.  Thus, 
although  the  use  of  takeoff  boosters  increases  the  cost  and  com¬ 
plexity  of  operating  the  airplane,  it  has  no  effect  on  its  other 
flight  characteristics. 

§7.2.  LANDING 

An  airplane  lands  in  the  following  characteristic  stages  (Fig. 

7-5): 


a)  the  glide,  in  which  flight  altitude  is  lowered  from  25  m 
to  3-12  m; 

b)  flattening  out  -  curvilinear  motion  during  which  altitude 
is  reduced  to  0.5-1  m  and  the  glide-speed  vector  angle  0.  Is  re¬ 
duced  to  zero; 

c)  the  flare  -  flight  parallel  or  nearly  parallel  to  the 
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ground,  during  which  the 
angle  of  attack  is  steadily 
increased  from  the  value  at 
the  end  of  flattening  to  the 
landing  angle  of  attack, 
while  speed  is  reduced; 

d)  pancaking  -  curvi¬ 
linear  motion  at  constant 
angle  of  attack  with  loss  of 
0.5-1  m  of  altitude; 

e)  the  rollout,  during  which  speed  varies  from  the  landing 
speed  at  the  instant  of  touchdown  to  uero  or  to  the  runway-end 
taxiing  speed. 

Not  every  landing  can  be  broken  up  into  the  above  five  steps. 
In  many  cases,  altitude  is  lost  during  flattening  out  and  the 
airplane's  wheels  touch  down  without  a  pancaking  stage.  In  some 
landings,  the  airplane  touches  the  ground  at  the  end  of  flattening- 
out;  then  the  angle  of  attack  may  be  either  smaller  than  or  equal 
to  the  landing  attack  angle. 

Modern  jet  airplanes  with  small  aspect  ratio  wings  nave  moder¬ 
ate  maximum  lift/drag  ratios.  If,  therefore,  the  glide  were  flown 
with  little  or  no  engine  thrust,  the  glide-path  angle  would  be 
large  and  the  airplane  would  be  descending  at  a  high  rate  in  tne 
glide.  In  this  case,  it  will  be  necessary  to  increase  the  initial 
altitude  of  the  flattening  maneuver  and  the  pilot  would  find  it 
very  difficult  to  start  this  maneuver  at  the  proper  time.  For 
this  reason,  the  landing  glide  of  a  modern  airplane  is  flown  with 
the  engines  developing  considerable  thrust.  Many  airplanes  are 
very  hard  to  land  dead-stick.  This  does  not  imply  that  dead-stick 
landing  cf  the  jet  is  impossible,  but  its  execution  is  complicated 
by  the  fact  that  the  landing  glide  must  be  flown  with  a  speed  re¬ 
duction,  at  which  the  glide  angle  decreases.  It  follows  from  the 
above  that  all  measures  that  increase  the  maximum  lift/drag  ratios 
of  subsonic  aircraft  under  landing  conditions  aid  in  simplifying 


Landing  distance 


_ _ 

i. .  T  \  Rollout  ■ 

_  ~  *  I  t-j  j  ii 


Glide  |  Flare  Pancaking 
Flattening' 


Figure  7.5.  Diagram  of  airplane 
landing. 
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WIHWO* 


the  modern  aircraft  and  are  highly  desirable. 
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Figure  7-6.  Diagram  of  forces 
acting  on  airplane  during 
rollout . 


10  20  JO  kOV  m/s 

Figure  7-7*  Forces  acting  on 
airplane  during  rollout  as 
functions  of  rollout  speed. 


The  landing  glide  is  flown  with  the  gear  down  and  with  use 


of  the  wing  ''laps,  which  increase  the  wing’s  c 


ldg 


The re fore , 


especially  for  airplanes  with  small  aspect  ratio  wings,  the  high- 


lift  devices  must  increase  c. 


but  must  lower  the  maximum 


lde 


lift/drag  ratio  to  the  smallest  possible  degree. 

Airplanes  with  tricycle  landing  gear  run  on  their  main 
wheels  during  the  first  part  of  rollout  and  do  not  use  the  wheel 
brakes.  Then,  steering  the  airplane,  the  pilot  brings  down  the 
nose  wheel  and  begins  to  brake  sharply.  Here  the  airplane  is  acted 
upon  by  the  forces  indicated  in  Fig.  7*6.  Their  changes  with 
speed  during  rollout  are  shown  in  Fig.  7-7,  and  the  equation  of 
motion  is  written  thus: 

n 


(7.9) 


It  follows  from  the  above  that  the  braking  force  F  changes  abrupt¬ 
ly  during  rollout  and  that  its  average  value  depends  on  the  time 
at  which  braking  is  started  and  to  an  even  greater  degree  on  the 
coefficient  of  friction  at  the  wheel-brake  shoes.  All  of  this 
makes  it  very  difficult  to  calculate  the  rollout  distance: 


The  main  braking  force  in  operation  during  rollout  is  the  fric¬ 
tional  force  determined  by  the  wheel-brake  mechanism.  It  may 
therefore  be  assumed  that  variations  from  the  average  negative 
acceleration  during  rollout  are  small. 

Working  out  of  the  relation  between  L^,  vxdg*  ^av  with 
the  rollout  considered  as  uniformly  decelerating  motion  during 

which 

V* 

/  —  — < 

■'  W  (7.11) 


p 

has  shown  that  Ja.r  ■  -2.3  -  2.6  a/s  for  modern  Jet  airplanes  with 

oV  p 

h 5° —60°  swept  wings;  J  *  2.0-2. 3  m/s^  during  rollout  for  heavy 

filV 

air-lanes  witn  25°-35°  wing  sweep. 

When  drag  parachutes  are  used,  JQ„  is  increased  to  -3. 0-3. 5 

?  av 
m/s  . 

Wh*n  thrust  is  reversed,  the  absolute  values  of  the  .1  givtn 

2  a 

above  must  be  increased  by  9‘QlP^y/G  [m/s  ]. 

Using  the  above  average  values  of  the  rollout  acceleration 
and  knowing  the  landing  speed,  we  can  determine  the  rollout  dis¬ 
tance  accurate  to  about  10X.  The  landing  distance  is  2.0-2. 5 
times  the  rollout  distance. 

Since  the  values  of  J  during  the  rollout  differ  little  from 

av 

one  another  for  modern  aircraft,  the  rollout  distance  is  obviously 
determined  basically  by  the  airplane’s  landing  speed. 

During  pancaking  from  a  height  of  about  0.5  meters,  the  flight 
speed  drops  by  about  5%.  Thus  we  obtain  the  following  expression 
for  the  landing  speed: 

l'„,=0,95.4j/  (7.12) 


It  follows  from  expressions  (7*11)  and  (7*12)  that  the  rollout 
distance  is  directly  proportional  to  the  load  per  square  meter  of 
wing  under  landing  conditions  and  inversely  proportional  to  cy  „  . 
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Analysis  of  the  landing  speed  of  modern  aircraft  indicates 

that  their  e  _  range  from  0.5  to  3*  Aircraft  of  the  flying-wirsg 
yldg 

type  with  wing  aspect  ratios  of  1.9-2. 2  and  leading-edge  sweep 

angles  around  60°  have  the  smallest  c  _  ,  from  0.5  to  0.6.  The 

yldg  • 

oiaall  c  of  these  wings  is  explained  by  the  absence  of  the 
'ldg 

horizontal  stabilizer  and  hence  the  impossibility,  dictated  by 
the  need  for  longitudinal  balance,  of  using  flaps. 

In  aircraft  having  the  same  type  of  wing  but  also  horizontal 

tails,  flaps  increase  c  to  0. 7-0.8.  Increasing  the  wing  ao- 

5  ldg 

pact  ratio  to  2. 5-3- 5,  reducing  the  sweep  angle  to  45°,  and  blow¬ 
ing  the  boundary  layer  off  the  flap  and  turned-down  wing  leading 

edge  increase  c  _  to  1.15-1.4.  The  landing  attack  angles  of  all 
yldg 

these  aircraft  are  detei-mined  not  by  <*cv,  but  by  landing-gear 
height,  and  vary  from  9°  to  12°. 


For  transonic  airplanes  with  wing  sweeps  around  35c  and  as- 

Dect  ratios  of  6.5-9,  c  varies  ov^r  a  very  broad  range,  from 

"ldg 

1.2  to  3*0.  The  value  of  c  is  determined  basically  by  the 

yldg 

effectiveness  of  the  wing  high-lift  devices  and,  in  addition,  by 


landing-gear  height.  Transonic  airplanes  have  landing  angles  of 
attack  between  8°  and  13°.  At  equal  to  or  greater  than  13°, 

c  _  comes  to  depend  not  only  on  landing  angle  of  attack  (landing- 


gear  height),  but  also  on  c  (a  ).  Thus  the  designer  must  use 

ymax 

high-lift  devices  that  increase  o<cr>  e.g.  ,  by  providing  the  outer 
wing  with  leading-edge  slats.  Thus,  the  wings  of  the  Boeing  707 
and  720  passenger  airplanes,  which  have  =  10.^°,  do  not  have 

wingtip  leading-edge  flaps,  while  the  Boeing  737  wing,  for  which 

a.,  ,  -  12.8,  does  have  them. 

ldg  ’ 

The  impossibility  of  obtaining  large  c  _  with  small  wing 

yidg 

aspect  ratios  and  large  sweep  angles  gave  a  great  deal  of  impetus 
to  the  development  of  variable-.' weep  aircraft  capable  of  super¬ 
sonic  flight  with  the  wing  swept  far  back  and  with  e  sm^ll  aspect 


’  «0 
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ratio  and  landing  with  the  wing  at  a  small  sweep  angle  and  large 
aspect  ratio. 

-he  problem  of  the  relation  between  the  runup  and  rollout  dis¬ 
tances  of  aircraft  Is  of  great  Interest.  In  military  supersonic 
aircraft ,  the  rule  Is  that  the  runup  distance  Is  shorter  than  the 
rollout  distance  even  without  takeoff  boosters. 

For  transonic  aircraft,  the  runup  and  rollout  distances  are 
closely  similar,  and  the  runup  distance  of  a  heavy  airplane  may 
even  exceed  its  rollout  distance. 
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Chapter  8 


* 


METHODS  OP  ENSURING  STABILITY  AND  CONTROLLABILITY 

OP  AIRCRAFT 

§8.1.  GENERAL  REQUIREMENTS  FOR  STABILITY  AND  CONTROLLABILITY  OP 

AIRCRAFT 

Irrespective  cf  whether  an  airplane  is  controlled  by  a  pilot 
or  by  automatic  devices,  good  stability  and  controllability  are 
necessary  for  guidance  of  the  airplane  along  a  given  trajectory. 
Thus,  problems  of  the  aerodynamic  layout  of  the  airplane  that  will 
endow  It  with  the  necessary  stability  and  controllability  char¬ 
acteristics  under  all  flight  conditions  occupy  an  important  posi¬ 
tion  in  the  over-all  problem  of  synthesizing  the  closed-loop  control 
system  in  the  preliminary  design  stage. 

To  obtain  satisfactory  stability  and  controllability  char¬ 
acteristics  in  the  airplane  In  all  flight  situations,  its  aero¬ 
dynamic-design  characteristics  must  meet  certain  requirements: 

-  the  control-surface  deflections  that  are  possible  and  ac¬ 
ceptable  or.  the  basis  of  design  or  other  considerations,  as  well 
ao  the  forces  fed  back  to  the  control  levers,  must  ensure  all 
flight  regimes  required  of  the  aircraft  in  question; 

—  the  airplane  must  be  stable  in  its  own  disturbed  motion. 

The  parameters  of  the  disturbed  motion  must  damp  as  quickly  as 
possible; 
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-  the  airplane’s  response  to  manipulation  of  the  controls 
:nust  be  such  that  the  transition  is  not  accompanied  by  overshoots 
of  the  parameters  of  the  airplane’s  motion  (especially  of  the 
normal  acceleration)  beyond  established  limits; 

-  the  lag  in  the  airplane's  response  to  operation  of  the 
controls  (its  response  time)  must  remain  within  established  limits; 

-  the  airplane's  control  system  must  perform  with  high  reli¬ 
ability. 

Because  of  the  rather  broad  altitude  and  speed  ranges  of 
flight,  a  given  set  of  aerodynamic-design  features  cannot  satisfy 
all  of  the  requirements  stated  above.  The  resulting  gap  between 
the  required  stability  and  controllability  characteristics  and  the 
possibilities  inherent  in  the  airplane's  aerodynamic-design  layout 
must  be  filled  by  automatic  devices  designed  to  improve  the  air¬ 
plane's  stability  and  controllability.  Rational  aerodynamic- 
design  layout  of  the  airplane  and  selection  of  the  proper  automatic 
systems  are  two  inseparable  parts  of  the  coordinated  process  of 
synthesizing  the  clcsed-loop  control  system. 

The  present  work  is  concerned  basically  only  with  the  first 
department  of  closed-control-system  development.  In  other  words, 
we  are  concerned  basically  with  problems  in  the  selection  of  ad¬ 
vantageous  -  from  the  standpoint  of  stability  and  controllability 
—  aerodynamic  shapes  for  the  airplane,  tail-section  and  control- 
surface  dimensions,  wing  dihedral,  and  aerodynamic  devices  that 
improve  stability  and  controllability  characteristics. 

In  addition,  we  shall  submit  a  technique  for  checking  the 
correctness  of  the  choice  of  basic  tail-  and  control-surface 
parameters  based  on  the  airplane's  trim  in  the  design  flight  modes. 
It  is  assumed  in  the  latter  case  that  the  geometrical  shape  and 
dimensions  of  the  airplane  have  been  arrived  at  in  the  first  approx 
mation  and  that  the  takeoff  weight,  moments  of  inertia,  and  stan¬ 
dard  aerodynamic  characteristics  are  known. 

The  class  of  airplanes  considered  here  will  be  limited  to 
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transonic  and  supersonic  types  that  take  off  and  land  con¬ 
ventionally. 

Before  proceeding  to  the  elaboration  of  a  rational  aerodynam¬ 
ic-design  layout  of  the  airplane  (from  viewpoint  of  stability 
and  controllability),  it  is  necessary  to  form  a  clear  conception 
of  the  basic  stability  and  controllability  problems  that  arise  in 
modern  transonic  and  supersonic  airplanes. 

§8.2.  ENSURING  STABILITY  AND  CONTROLLABILITY  OP  TRANSONIC  AIR¬ 
PLANES 

Analysis  of  statistical  data  on  modern  transonic  aircraft  in¬ 
dicates  that  the  overwhelming  majority  have  swept  wings  and  tails. 
Use  of  swept  wings  has  disadvantages  as  well  as  advantages.  The 
former  consist  ir.  deterioration  of  stability  and  controllability 
characteristics.  The  following  problems  arise: 

-  when  the  airplane  is  set  at  large  attack  angles,  it  loses 
some  or  all  of  its  normal-acceleration  stability.  This  phenomenon 
is  known  as  "grabbing"  in  aviatipn  practice,  since  the  alrplana 
increases  its  angle  of  attack  spontaneously  and  bends  the  tra¬ 
jectory  of  Its  motion  upward. 

The  normal-acceleration  instability  at  large  angles  of  attack 
Is  compounded  by  "floating"  of  the  ailerons,  i.e.,  when  both  aile¬ 
rons  are  deflected  upward  simultaneously  on  an  increase  in  attack 
angle.  Upward  deflection  of  both  ailerons  is  made  possible  by 
deformation  of  the  control  rods  (cables),  taking  up  of  slack,  and 
deformation  of  the  wing  structure  at  the  attachment  points  of  the 
aileron  control-line  rockers; 

-  longitudinal  normal-acceleration  stability  is  lowered  at 
critical  flight  speeds  owing  to  the  appearance  of  shock-stall  ef¬ 
fects  (formation  of  local  compression  shocks); 

-  the  lateral  stability  and  controllability  characteristics 
of  the  airplane  deteriorate  in  low-speed  flight  at  large  attack 
angles,  which  cause  the  airplane  to  wobble  from  wing  to  wing. 

ft 

This  effect  is  govt  ned  largely  by  the  transverse  stability  m^. 


the  decrease  in  aileron  effectiveness,  and  the  directional  sta¬ 
bility  m^; 

y 

-  the  effectiveness  of  the  control  surfaces,  and  that  of  the 
ailerons  in  particular,  decreases  substantially  in  flight  at  Mach 
numbers  equal  to  or  greater  than  critical.  '  Aileron  effectiveness 
is  also  lowered  sharply  in  the  presence  of  bending- torsional  de¬ 
formations  of  the  wing.  These  deformations  become  especially  large 
toward  the  wingtip. 

Let  us  consider  what  measures  must  be  taken  in  laying  out  a 
transonic  airplane  to  eliminate  some  or  all  of  the  above  stability 
and  controllability  deficiencies. 


a)  Aerodynamic-Design  Measures  to  Reduce  "Grabbing1'  of  the  Air¬ 
plane  on  Going  to  Large  Attack  Angles 


First  of  all,  let  us  briefly  examine  the  essential  physical 
nature  and  causes  of  the  decrease  in  the  normal-acceleration  sta¬ 
bility  of  swept-wing  aircraft  on  going  to  large  attack  angles.  It 
is  known  that  this  phenomenon  is  basically  due  tc  features  of  the 
flow  past  the  swept  wing  and  the  horizontal  tail  surface  behind  it 
in  the  airplane  system,  i.e.,  when  the  entire  airplane  as  a  whole 
Is  considered  instead  of  Just  the  isolated  tail  surface. 


Figure  8.1.  Distribution  of 
pressure  over  chord  in  root, 
midlength,  and  tip  sections 
of  swept  wing. 


The  presence  of  the  midlength 
and  tip  effects  In  the  airflow 
over  a  swept  wing  changes  the  pres¬ 
sure-distribution  pattern  along 
the  span  and  chord  of  the  wing, 
with  the  root  sections  differing 
from  the  tip  sections  basically 
in  the  amount  of  vacuum  at  the 
front  of  the  profile.  The  vacuum 
on  the  upper  surface  of  the  front 
of  the  profile  (a  >  0)  is  smaller 
in  the  root  sections  than  in  the 
tip  sections.  Figure  8.1  indi¬ 


cates  that  at  small  attack  angles  and  subcritical  speeds,  the  tir 
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Figure  3.2.  Changes 
in  spanwise  distribu¬ 
tion  of  lift  coef¬ 
ficient  c  on 

'7 

•'sec 

swept  wing. - c,  r  ; 

yseo 


sections  of  the  wing  are  more  heavily 

loaded  than  the  root  sections.  This 

means  that  the  section  lift  coefficients 

c  will  be  larger  on  the  tip  sections 
ysec 

of  a  swept  wing  (even  for  unity  taper) 
than  in  the  root  sections  (Fig.  8.2, 
solid  line).  When  the  airplane's  angle 
of  attack  increases,  the  lift  coefficients 
increase  on  all  sections  of  the  wing 
(dashed  line  in  Fig.  8.2),  with  c^  in¬ 
creasing  more  rapidly  on  the  root  sections 
of  the  swept  wing  than  on  the  tip  sec¬ 
tions  . 


- variation  of 

c  on  increase  of 
^sec 

wing  angle  of  attack; 


At  a  large  enough  wing  angle  of  at¬ 


tack,  c 


may  reach  its  maximum  on  cer- 


sec 


- -  c. 


o  as 


tain  sections  of  the  wing  (see  dash-dot 
line  ii.  Fig.  8.2).  This  means  that  flow 
detachment  will  occur  in  these  sections 
as  the  angle  of  attack  Increases  and  be¬ 
gin  to  spread  along  the  wing.  Conse¬ 
quently  ,  flow  detachment  begins  on  that  pari  of  the  wing  on  which 


•'sec  max 

the  point  at  which 
flow  soparatio;  be¬ 
gins  . 


the  section  lift  coefficient  c 


y. 


reaches  its  maximum  first, 


ec 


Figure  8.3-  Origin  of  pitchup 
moment  on  flow  separation  at 
tips  of  swept  vrlng . 


To  find  the  point  at  which 

flow  separation  begins  on  the 

wing,  it  is  necessary  to  know 

the  spanwise  variation  of  the 

lift  coefficients  c  and 

°  sec 

<?  .  For  an  unwarped  wing 

■’  s e o  max 

u  L ;•  n  the  same  profile  over  the 
spars,  the  variation  of 

•'sac  max 

along  the  span  depends  on  wing 


plan form.  Th  ;  n 


.ier.ee  of  plan  j  on 


y. 


is  associated 


>ec  max 
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principally  with  the  taper  and  s weep  of  the  wing. 

The  taper  lowers  the  Reynolds  numbers  of  the  tip  sections  and 

reduces  c  .  The  sweep  of  the  wing  causes  crossflow  of  the 

ysec  max 

boundary  layer  from  the  root  toward  the  tips,  of  the  wing  and  its 
accumulation  and  premature  separation  at  these  points.  As  a  re¬ 
sult,  c  decreases  along  the  half-span  of  a  tapered  swept 

ysec  max 

wing  even  when  the  taper  is  unity  (see  Pig.  8.2). 

This  figure  indicates  that, as  the  angle  of  attack  of  the 

swept  wing  increases,  the  lift  coefficient  c  reaches  its  maxi- 

ysec 

mum  c  earliest  near  the  tips  of  the  span.  Thus,  flow 

ysec  max 

separation  begins  at  the  tips  of  a  swept  wing  at  large  angles  of 

attack.  This  means  that  at  large  c  ,  an  increase  in  wing  angle 

«y 

of  attack  lowers  the  lift  at  the  wing  tips  and  sets  up  a  pitchup 
moment  (Pig.  8.3).  An  over-all  increase  in  lift  occurs  as  a  re¬ 
sult  of  the  increased  lift  at  the  roct.  and  at  midlength  of  the 
wing,  and  this  also  tends  to  increase  the  pitchup  moment  origi¬ 
nating  from  wing  lift. 

In  addition,  the  pitchup  moment  acquired  by  the  airplane  on 
going  to  larger  attack  angles  is  further  increased  by  a  decrease 
in  the  lifting  properties  of  the  horizontal  tail,  since  the  lift 
of  the  wing  root  sections  is  increased,  leading  to  an  increase  in 
the  downwash  angles  in  the  vicinity  of  the  horizontal  tail  and 
a  decrease  in  its  true  angles  of  attack. 

As  a  conseauence,  the  airplane 
loses  longitudinal  stability  with  re¬ 
spect  to  normal  acceleration.  Graphic¬ 
ally,  this  is  represented  by  an  upward 
bend  of  the  m„  =  f(a)  curve  -  a  so- 
called  "spoon"  appears  at  large  angles 
of  attack  (Pig.  8.4). 

It  follows  from  this  analysis  of 
the  aerodynamic  problems  of  swept-wing 


Figure  8.4.  Pitching- 
moment-  coefficient 
variation  of  a  swept- 
wing  airplane  as  a 
function  of  angle  of 
attack. 
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aircraft  that  the  loss  of  normal-acceleration  stability  at  large 
attack  angles  can,  in  principle,  be  eliminated  by: 


-  changing  the  spanwise  distribution  of  the  maximum  section 

lift  coefficient  c  (dot-dash  curve  in  Fig.  8.2); 

-  sec  max 

-  changing  the  spanwise  distribution  of  c  (Fig.  8.2, 

^sec 

solid  curve)  in  such  a  way  that  c  will  be  smaller  at  the  tips 

^sec 

of  the  wing  at  a  given  angle  of  attack  than  in  the  root  section; 


-  preventing  accumulation  of  boundary  layer  on  the  wing  tips; 

—  rational  placement  of  the  horizontal  tail  on  the  airplane 
to  minimise  the  downwash  at  the  tail. 


Accordingly,  Mr  ”-e  are  several  aerodynamic-design  measures 
directed  toward  improvement  of  longitudinal  normal-acceleration 
stability  at  large  attack  angles. 

The  first  of  these,  whose  purpose  is  to  adjust  the  spanwise 

distribution  of  o  ,  is  to  build  up  the  wing  with  a  variety 

,vsec  max 

of  profiles  instead  of  identical  ones:  profiles  with  less  lift 
at  the  root  ana  profiles  with  higher  lift  at  the  wing  tips,  with 
the  possibility  of  using  symmetrical  profiles  in  the  root  of  the 
wing  or  evt n  profiles  with  negative  centerl ’ no  curvature,  the 
so-called  "inverted"  profiles.  Use  of  lowr-lift  profiles  with 
negative  centerline  camber  has  practically  nc  detrimental  effect 
on  the  total  lifting  ability  of  the  wing,  since  the  root  section 
of  a  iVA'epi  wit:  .*  is  not  fully  leaded  because  of  the  spanwise  re- 
distribution  of  the  lift,  as  we  so  •  from  Fig.  8.2.  It  then  be¬ 
comes  possible  to  use  root  profiler,  wito  larger  relative  thickness 
( 12-153}  with  no  appreciable  Increase  in  the  frontal  drag  at  near¬ 
er!  t.i  cal  Mach  numbers. 

It  appears  that  the  aoei.r  firm  was  guided  by  this  principle 
in  modifying  the  type  707  to  the  type  7/1,  wnon  it  introduced  a 
buildup  on  the  leading  edge  of  the  w root  sections  to  give  the 
profile  ccntP-i  I'uo  a  negative  curv  turn  an  i  reduce  its  thickness 


ratio  (Fig.  8.5).  The  value  of  c  was  lowered  on  the  built- 

ysec  max 

up  segment  at  the  root  cf  the  wing  (Fig.  8.6). 


> 

R 

■.  I* 


"Buildup"' 


/Tip 

section 

^Root  section 
with  "buildup" 


Figure  8.5.  Schematic  repre¬ 
sentation  of  "a  buildup"  on 
swept  wing  of  Boeing  720  air¬ 
craft  . 


Figure  8.6.  Variation  of  lift 
coefficients  vs.  angle  of  at¬ 
tack  of  root  sections  with 
"a  buildup"  and  tip  sections 
without  "a  buildup"  on  swept 
wing . 


Thus,  by  placing  higher- 
lift  profiles  at  the  tips  and 

lower-lift  profiles  at  the  root  of  the  wing,  it  is  possible,  in 


principle,  to  distribute  0 


spanwise  in  such  a  way  as  to 


sec  max 


prevent  flow  separation  from  the  wing  tips  at  large  attack  angles. 

In  addition,  e  can  also  be  increased  at  the  wing 

Jsec  max 

tips  by  the  use  of  leading-edge  slats  at  the  tips  to  deflect  the 
wing  nose  sections. 

A  second  measure  for  improvement  of  the  normal-acceleration 
stability  of  swept-wing  aircraft  is  to  impart  an  aerodynamic  twist 
to  the  wing.  It  consists  in  twisting  the  wing  sections  progres¬ 
sively  away  from  the  root  sections,  10  an  angle  of  -3°  to  -5°  at 
the  wing  tips.  This  adjusts  the  spanwlse  distribution  of  c 

ysec 

in  such  a  way  that  the  wing  root  section  is  loaded  more  heavily 

and  the  wing  tips  are  relieved.  Since  there  is  no  change  in 

e.  on  the  tip  sections,  a  wing  twisted  in  this  way  can 

^sec  max 

reach  large  attack  angles  (with  respect  to  root  chord)  before 
separation  begins  on  the  tip  sections  of  the  wing. 
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In  designing  a  swept  wing  twisted  in  this  manner,  it  is 
necessary  to  take  account  of  bending-torsional  deformation  of 
the  wing  tips,  which  also  twists  the  tip  sections  of  the  wing  to 
a  negative  angle  with  respect  to  the  root  sections.  The  more 
flexible  the  wing,  the  greater  will  be  the  twist  acquired  as  a 
result  of  its  deformation. 


Figure  8.7.  Effect  of  mount-  Figure  8.8.  Variation  of  aero- 

ing  stall  fences* on  upper  dynamic  characteristics  of 

surface  of  swept  wing  on  swept  wing  (x  *  35°)  on  i-n“ 

spanwise  distribution  of  stallation  ol  stall  fences: 

the  lift  coefficient  c  :  1)  without  fences;  2)  with 

"sec  fences. 

1)  without  fences;  2)  with 

fences.  A  third  way  to  improve  longi¬ 

tudinal  normal-acceleration  sta¬ 
bility  at  large  attack  angles  consists  in  the  use  of  devices  that 
reduce  boundary-layer  pileup  at  the  wing  tips.  They  include  use 
of  stall  fences  on  the  upper  surface  of  the  wing,  use  of  pylons 
to  suspend  the  engines  under  the  wings,  and  the  use  of  doglegs 
on  the  leading  edge  of  the  swept  wing. 

Usually,  one  or  two.  and  less  often  three  stall  fences  are 
mounted  on  the  wing.  They  must  be  oriented  in  the  direct. on  of 
symmetrical  flow  over  the  wing.  The  height  of  the  stall  fr.  oes 
represents  of  the  local  wing  chord.  The  fences  mounted  on 

the  wing  divide  it  Into  separate  actions.  Plow  of  the  boundary 

•Translator's  Mote:  A  stall  fence  is  a  barrier  run*  ?  over  the 
wing  chord  to  prey  \t  crossflow  over  the  '.ving. 
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layer  toward  the  wing  tips  then  occurs  only  within  the  limits  of 
the  particular  wing  segment.  Vortices  form  at  the  fences,  and 
the  boundary  layer  accumulated  at  these  points  flows  off  with 
them  (Fig.  8.7).  We  see  that  the  use  of  two  stall  fences  on  the 
wing  upper  surface  has  not  only  eliminated  accumulation  and  de¬ 
tachment  of  the  boundary  layer  at  the  wing  tips,  but  has  at  the 
same  time  improved  the  spanwise  distribution  of  lift. 

As  an  example,  Fig.  8.8  shows  the  variation  of  the  pitching' 

moment  coefficient  m  with  the  angle  of  attack  a  and  that  of  the 

z 

maximum  lift/drag  ratio  K  as  a  function  of  M  for  a  swept  wing 

max 

with  sweep  angle  x  -  35°  whe.i  two  stall  fences  are  mounted  on  it 
(their  heights  are  h  =  0.04;  z^  -  0.417/2  and  z^  =  0.661/2).  We 
see  that  while  the  stall  fences  improve  normal-acceleration  sta¬ 
bility,  they  also  lower  the  airplane's  lift/drag  ratio,  since 
they  increase  its  frontal  drag. 


Figure  8.9.  Wing  of  Boeing 
707  airplane  showing  engine 
nacelles  on  pylons. 


Figure  8.10.  Diagram  of  "dog¬ 
leg”  on  leading  edge  of  swept 
wing . 


The  effect  of  using  pylons  to  suspend  the  engines  under  the 
wing  is  similar  to  that  of  stall  fences.  However,  these  pylons 
act  as  stall  fences  on  the  lower  surface  of  the  wing,  where  the 
boundary-layer  crossflow  is  considerably  smaller  than  it  is  on 
the  upper  surface.  The  gain  from  use  of  such  pylons  is  therefore 
small.  For  this  reason,  the  engine  pylons  of  certain  airplanes 
(for  example ,  the  Boeing  707)  are  mounted  m  sucn  a  way  that  they 
also  extend  onto  the  wing  upper  surface  (F.ig.  8.9).  In  this  case. 


lb! 
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the  pylon--  work  as  stall  fences. 


A  "dogleg"  in  the  leading  edge  of  a  swept  wing,  as  shown  in 
pig.  8.10,  functions  in  much  the  same  way  as  a  stall  fence.  The 
•’dogleg”  forms  a  steady  vortex  on  the  wing  surface  and  this  vor¬ 
tex  acts  as  a  stall  fence,  pulling  the  accumulating  boundary  layer 
along  with  it  and  preventing  it  from  flowing  across  to  the  wing 
tip.  It  should  be  noted  that,  unlike  stall  fences,  ’’doglegs"  are 
effective  over  the  entire  speed  range.  They  are  therefore  used 
by  military  aircraft  with  swept  and  delta  -wings  capable  of  flight 
not  only  at  subsonic,  but  also  at  supersonic  speeds.  Sometimes 
the  use  of  the  "dogleg"  alone  does  not  give  the  desired  result. 

In  this  case,  the  "dogleg"  may  be  used  with  a  buildup  on  the  wing 
leading  edge  (see  Fig.  8.10,  section  A-A) .  This  enhances  the 
effect . 


a)  b) 


Figure  8.11.  Diagrams 
showing  two  placements 
of  horizontal  tail  to 
obtain  minimum  down- 
wash  In  the  symmetry 
plane  of  the  airplane: 
a)  horizontal  tail  on 
fuselage;  b)  horizont¬ 
al  tail  on  vertical  fin. 


It  is  not  recommended  that  the 
"dogleg"  be  made  very  deep,  since  this 
would  weaken  the  wing. 

A  fourth  way  to  improve  longi¬ 
tudinal  normal -acceleration  stability 
at  large  attack  angles  Is  to  place 
the  horizontal  tail  at  a  position 
relative  to  the  wing  and  fuselage  In 
which  the  downwash  In  the  tail  region 
Is  minimized.  It  is  known  that,  dis¬ 
regarding  the  Influence  of  the  stream 
of  gases  from  the  TJE's,  the  least 
downwasn  at  small  attack  angles  is  ob¬ 


tained  when  the  horizontal  tall  Is  placed  on  the  fuselage  below 
its  axial  line  (see  Fig.  8.11a)  or  on  top  cf  the  fin  (see  Fig. 
8.1lb).  At  large  attack  angles,  a  horizontal  tail  atop  the  fin 
enters  a  region  of  strongly  stagnated  flow.  This  lowers  its  ef¬ 
fectiveness.  The  horizontal  tail  below  the  fuselage  axis  does 
not  have  this  deficiency. 


However.  It  should  be  noted  that 
the  choice  of  the  horizontal- tail  mount¬ 
ing  point  on  a  conventionally  configu¬ 
rated  airplane  depends  very  strongly  on 
where  the  engines  are  mounted  on  the 
airplane.  The  tail  may. not  be  placed 
where  it  is  struck  by  the  stream  of 
gases  from  the  engines  cr  in  a  position 
such  that  this  jet  passes  too  far  from 
the  surface  of  the  horizontal  tail. 


horizontal  tail 


tive  to  engine  ex¬ 
haust-gas  jet. 


When  the  jet  of  gases  from  the  en¬ 
gines  passes  close  to  the  surface  of  the  tail,  a  suction  force 
will  be  applied  to  it.  'This  force  will  vary  in  magnitude  as  a 
function  of  engine  setting.  Accordingly,  the  longitudinal  mo¬ 
ment  that  tends  to  threw  the  airplane  out  of  trim  will  vary  w^th 
the  power  being  developed  by  the  TJE.  This  makes  control  more 

difficult. 

It  has  been  established  experimentally  that,  the  horizontal 
tail  must  be  placed  relative  to  the  stream  of  gases  from  the 
engines  in  such  a  way  that  it  does  net  intrude  across  the  bound¬ 
ary  of  the  jet,  i.e.,  into  the  surface  of  the  jet,  on  which  the 
speed  of  an  air  particle  equals  the  speed  of  flight.  In  approxi 
mation,  this  surface  may  be  assumed  ro  ne  that  formed  by  a  cone 
with  a  generatrix  inclined  15°  to  th*.  axis  of  the 


and  de¬ 
scribed  about  the  engine's  exhaust  nozzle  (Fig-  8.12). 

If  the  TJE's  have  no  effect  on  the  tail,  then  of  the  two 
schemes  shown  in  Fig.  8.11,  the  one  with  the  lower  position  of 
the  horizontal  tail  on  the  fuselage  is  surer  lor  from  the  de¬ 
sign  and  weight  standpoints  and  also  as  regard?  vibrational 
strength  (immunity  to  flutter). 

We  note  that  this  placement  of  the  horizontal  tail  i? 
better  not  only  for  transonic  aircraft,  but  also  for  supersonic 

types . 
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A  fifth  measure  taken  to  improve  longitudinal  normal-accele- 
ration  stability  at  large  attack  angles  is  concerned  with  counter¬ 
ing  aileron  "float*'1  The  phenomenon  of  simultaneous  upward  deflec¬ 
tion  of  ailerons  at  the  wing  tips  when  the  airplane's  angle  of 
attack  increases  is  known  as  aileron  "float."  It  is  caused  by 
deformation  of  the  control  rods  or  cables  and  the  taking  up  of 
slack  under  the  influence  of  the  aileron  hinge  moment  . 

xhe  hinge  moment  that  causes  aileron  "float"  can  be  computed 
by  the  formula 


(8.1) 


where  m 


a 


“h.a  is  t?ie  derivative  of  the  aileron  hinge  moment  coef¬ 
ficient  with  respect  to  angle  of  attack,  q  is  the  ram  pressure, 

Sa  is  fche  aileron  urea,  and  b&  is  the  aileron  mean  chord.  We 
see  that,  other  conditions  the  same,  the  amount  of  aileron  "float" 
depends  on  the  derivative  Thus,  by  reducing  mjj  the  de¬ 

signer  reduces  aileron  "float."  We  note  that  one  way* to  reduce 
the  derivative  mjj>a  is  to  compensate  aerodynamical ly  by  blunting 
the  trailing  edge  of  the  aileron. 

Aileron  ' float"  can  also  be  reduced  at  a  given  by  rout¬ 

ing  the  aileron  control  lines  so  as  to  mnimize  the  deformation 
of  the  control  rods  and  reduce  the  amount  of  slack.  For  example, 
aileron  "float"  can  be  reduced  substantially  by  placing  the  hy¬ 
draulic  boosters  in  the  immediate  vicinity  of  the  ailerons. 

lor  unswept-wing  aircraft,  aileron  "float"  has  no  substantial 
influence  or  pitching  moment-  For  swept-wing  aircraft  with  aile¬ 
rons  at  the  wing  tips,  simultaneous  upward  deflection  of  the  aile¬ 
rons  on  an  increase  in  angle  of  attack  gives  rise  to  a  secondary 
pitchup  moment  (since  the  tip  sections  of  the  wing  are  behind  the 
airplane's  center  of  gravity),  which  lowers  normal-acceleration 
stability.  This  makes  it  understandable  why  the  following  design 
measures  must  be  taken  to  reduce  the  influence  of  aileron  float" 
on  normal-acceleration  stability  if  the  effect  cannot  be  elimi¬ 
nated  altogether: 
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-  eliminate  (to  the  extent  possible)  the  ailerons  at  the  tips 
cf  the  wing  and  provide  lateral  control  by  means  of  ailerons  placed 
at  the  center  of  the  wing  and  interceptors  on  the  upper  surface  of 
thr  wing.  These  measures  are  used,  for  example,  on  the  American 
Convair  680  and  99-0  passenger  aircraft; 

~  mount  two  ailerons  on  the  wing:  an  inboard  aileron  that 
operates  at  all  times  during  flight  and  an  outboard  aileron  that 
is  switched  in  under  flight  conditions  such  that  the  inboard  aile¬ 
rons  alone  are  not  sufficient  to  provide  lateral  control  (for  ex¬ 
ample,  during  takeoff,  landing,  flight  with  the  flaps  down,  etc.). 
This  principle  is  exemplified  in  the  Boeing  707. 

b)  Measures  to  improve  Longitudinal  Normal-Acceleration  Stability 
at  Critical  Flight  Speeds. 


It  is  known  that  a  substantial  decrease  in  the  lift  coeffi¬ 
cient  occurs  on  a  swept  wingf1^  at  a  certain  attack  angle  at  M  > 

>  M  (Fio-.  8.13).  Other  conditions  the  same,  the  critical  M 
—  or  ° 


Figure  8.13.  Coefficient  cy 

as  a  function  of  M  (at  u  =  2°) 
for  swept  and  unswept  wings 
built  up  from  Identical  pro- 
files  • 


Figure  ‘'^cr  ^  x unction 

of  cy 
wings . 


of  cy  for  oiiepc  and  unswept 


decreases  »,Uh  increasing  coefficient  c„  (Fig.  8.W).  Remembering 
that  the  spanwlse  distribution  of  cy  ^  along  a  swept  King  is  non- 

uniform  (see  Figs.  3.1  and  8.2),  we  conclude  that  the  development 


Footnote  (1)  appears  on  page  188. 
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of  ■shock  stall  on  a  swept  wing  begins  at  the  wing  tip.  Since  the 
tip  sections  of  the  wing  are  aft  of  the  center  of  gravity,  the 
decrease  in  lift  caused  by  an  increase  in  angle  of  attack  at  M  > 
-  Mcr  results  in  311  increase  in  the  pitehup  moment,  i.e.,  it  re¬ 
duces  longitudinal  normal -acceleration  stability-  This  phenome¬ 
non  can  be  eliminated  or  controlled  by  the  following  procedures: 

—  by  raising  the  critical  Mach  number  of  the  wing  tip  sec¬ 
tions  by  reducing  their  thickness  ratio  (use  of  buildups,  etc., 
see  Pig.  8.10),  by  changing  the  coordinate  of  maximum  profile 


llilil 

C  A  Cjl  Cjr 


Figure  8.15.  Diagram  showing 
placement  of  wedge-shaped 
boundary-layer  trips  on  wing 
of  airplane. 


Figure  8.16.  Diagram  showing 
placement  of  trips  in  the 
form  of  vanes  on  the  right 
wing;  height  h  ~  0.01b,  length 
l  “  (0. 015-0. 03)b;  soacing  D  = 
=  (0.0-V-0.o8)b. 


thickness  (in  the  tip  sections,  the  profile  should  have  maximum 
thickness  at  about  mid-chord),  and  by  imparting  aerodynamic  twist 
to  the  wing; 

—  bj  preventing  premature  separation  of  the  boundary  layer 
behind  the  local  compression  shock.  This  is  done  by  reducing  the 
profile  thickness  ratio  (thereby  lowering  the  intensity  of  the 
shock)  and  by  increasing  the  energy  of  the  boundary  layer  by  mount¬ 
ing  various  types  of  leading-edge  slats,  by  boundary-layer  blow¬ 
ing  and  suction,  and  by  installing  boundary-layer  trips.  The 
latter  take  the  form  of  a  row  of  wedg .-shaped  projections  (fxg. 
8.15)  or  a  row  of  profiled  vanes  mounted  on  the  upper  surface  of 
the  wing  perpendicular  to  it  to  form  an  angle  cf  15°-?n°  with  the 

FTD-HC-2 3-753-71  156 


to-  .jmt -tomB  wm  m ■„ 


direction  of  the  flow  (Pig.  8.J6).  The  air  stream  acquires  a 
twist  in  a  certain  direction  as  it  flows  over  the  trip.  The  re¬ 
sult  is  formation  of  a  series  of  vortices  that  act  parallel  to 
the  washed  surface  of  the  wing  along  the  upper  surface  of  the 
boundary  layer.  This  causes  strong  mixing  of  the  boundary  layer 
with  the  external  flow.  The  boundary  layer  acquires  an  influx  of 
energy  from  the  external  flow,  and  this  prevents  it  from  being 
separated  from  the  compression  shock.  This  is  essentially 
a  kind  of  boundary-layer  blowing. 

Trips  functioning  in  this  manner  also  prevent  premature  de¬ 
tachment  of  the  boundary  layer  during  flight  at  large  attack 
angles.  Placed  in  the  immediate  vicinity  of  the  control-surface 
(aileron,  rudder)  axles,  they  remain  effective  up  to  large  attack 
angles . 

Rule-of-thumb  dimensions  for  trips  made  in  the  form  of  rec¬ 
tangular  vanes  are  as  follows:  height  above  surface  h  *  0.01b; 
length  l  =  (0.015-0 . 03)b ;  spacing  (distance  between  vanes)  D  = 

-  (0.0<l-0.08)b;  b  is  the  wing  chord  (see  Fig.  8.16). 

Naturally,  the  generation  of  vortices  by  the  trips  requires 
an  expenditure  of  ener,;",  so  that  the  airplane*';  drag  is  in¬ 
creased.  The  drag  of  the  trips  can  be  mc.ured  by  adjusting  their 
shape.  Thus,  the  rectangular  vmrM  may  :<~  re;.;!  a  cod  by  wedge  trips 
(see  Fig.  8.18).  A  radical  -.njution  of  tT---  v;  .ip-drag  problem  con¬ 
sists  in  retracting  them  into  the  surface  on  whim  they  are 
mounted  and  deploying  them  as  needed  uu-  ing  fVignt.  Such  trips 
are  used,  for  example,  on  the  dcHaviiiai.J  Trident. 

c )  A  e  up  ay  n  ami  c  Design  Measures  Taken  to  Improve  bs'vi-al  Stability 
and  Con  troll  ah  1 11  ty  _  Ohara  cterlsti  c  o  at  J  svr  re  Anri  t  .  ;<  of  Attack 

A  peculiarity  of  swept -wing  aircraft  is  that  their  lateral 
stability  increases  w i  i  h  increasing  attack  angle  ( "<c  xong  as  the 
ai  ret  ream  remains  ;-.mn>.r.  , » .  At  the  same  rime,  the  airplane's 
directional  stability  decreases  sharply  at  ait  ark  angles  a 
greater  than  10°.  Hence  it  follows  that  the  ml  at  ion  between 
lateral  and  directional  stability  vnr:<  a::  a  functl  on  of  flight 
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condition  for  swept-wing  aircraft  (this  applies  equally  to  delta- 
w'ng  aircraft),  and,  consequently,  so  do  its  lateral  stability 
characteristics.  If  a  normal  relation  between  lateral  and  direc¬ 
tional  stability  prevails  at  medium  and  high  speeds  (compara¬ 
tively  small  angles  of  attack),  lateral  stability  may  become  ex¬ 
cessive  and  directional  stability  deficient  at  low  speeds  and 
large  attack  angles.  This  usually  results  in  excessive  fluctua¬ 
tion  of  the  parameters  of  lateral  divergent  motion,  making  it 
difficult  to  fly  the  airplane  in  critical  takeoff  and  landing 
si tuations . 

In  flight  at  large  angles  of  attack,  it  also  becomes  very 
■difficult  to  ensure  normal  lateral  controllability  of  the  air¬ 
plane.  This  is  due  basically  to  three  factors:  a  decrease  in 
the  effectiveness  of  the  ailerons  (which  usually  work  in  a  flow- 
detachment  zone  at  the  tips  of  a  swept  wing),  a  decrease  in 

directional  stability,  and  an  increase  in  the  lateral  stability 
8 

nr.  In  fact,  even  a  small  slip  angle  in  the  presence  of  high 

a 

lateral  stability  sets  up  a  substantial  rolling  moment.  It  be¬ 
comes  difficult  to  counter  this  moment  by  deflecting  the  aile- 

5 

rons  since  the  ailerons  are  not  sufficiently  effective  (m^1  is 
small ) . 

The  above  implies,  that  in  order  to  improve  the  lateral  sta¬ 
bility  and  controllability  of  an  airplane  at  large  attack  angles, 

it  is  necessary  to  take  aerodynamic-design  measures  directed  to- 

£ 

ward  reduction  of  the  lateral  stability  and  increasing  the 

airplane's  controlling  moments  in  roll  and  its  static  directional 

stability  ir.  . 

iy 

g 

The  lateral  stability  nr  of  an  airplane  can,  in  principle, 

A 

be  reduced  by: 

—  placing  the  wing  lower  on  the  fuselage; 

-  giving  the  wing  a  negative  dihedral  (of  the  order  of  2°  - 

5°); 

—mounting  a  fence  under  the  fuselage 
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Lift-reducing 


Lift-reducing  flow- 


Figure  8.17.  Aerodynamic  (a)  and  design 
(bj  schemes  of  spoilers. 

The  roll  controlling  moment  can  be  Increased  by  two  methods: 
ncreasing  aileron  effectiveness  [by  talcing  measures  to  preven 
•low  separation  from  the  wing  tips  (see  56.1a, ] and  by  mounting 
idditional  lateral  control  surfaces  on  tbe  a!rplane  In  he  form 
,f  „hat  are  known  in  the  foreign  literature  as  spoilers. 

A  spoiler  Is  a  plate  (more  precisely,  a  flap  whose  dlmen- 

t-hr of  the  aileron)  that  is  extende 
sions  may  be  comparable  to  these  of  SalseS  above  the 

from  the  upper  surface  of  the  wing  - t  f  it  by 

wing  surface,  the  spoiler  raises  the  pressure  in  ” 

ramming  the  alrstnam,  while  the  pressure^!:.!  ^ 

-a-  n  ypriiit  of  now  detachment.  iLus,  t..e 
creases  as  a  result  ,_taill  distance  from 

unoer  surface  of  the  wing  is  reduced  at  a 

upper  surtax  .  Th^  siting  moment  causes  the 

the  airplane's  longitudinal 

airplane  to  roll. 

.  Mrhlv  efficient  controls  ever:  in  flight  at 

Spoilers  are  highly  ' 

>,h ch  numbers  above  critical. 

,  ,  j  ojr  brakes  when  they  are 

di.o  spoilers  can  also  be  used  a.  air 

deployed  simultaneously  on  both  wings. 

,  .  pAnv ro  1  led .  When  spoilers 

Spoilers  are  usually  hydraulically  oomuoiiei 

^  ..  a  i  w.-'ins  the  lateral  -  control  system  is  de- 

are  used  together  wi.n.  ^1-—n  »  .  T.uached  a  certain 

signed  in  such  a  way  that  when  the  ai  '-re  -  '  activated 

.  S°  -1C° )  ,  the  spoiler  (A.nun 

deflection  angle  o  >  5 
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and  opens  the  spoilerVc;  on  the  side  of  the  wing  on  which  the 
aileron  has  been  deflected  upward.  Such  spoilers  noed  not  be 
used  in  the  basic  flight  situations  (those  prevailing  for  most 
cf  the  time).  This  greatly  reduces  the  detrimental  effect  of 
the  spoilers,  which  consists  in  an  increase'  in  the  airplane's 
frontal  drag. 

d)  Measures  Designed  to  Improve  Control-Surface  Effectiveness, 
Primarily  That  of  the  Ailerons,  in  Plight  at  M  M^r 

A  substantial  decrease  in  elevator,  rudder,  and  especially 
aileron  effectiveness  is  observed  in  flight  at  high  speeds  cor¬ 
responding  to  M  >  M  .  The  decrease  in  aileron  effectiveness  at 
—  c  r 

high  speeds  is  due  to  the  compressibility  of  the  air,  on  the  one 
hand,  and  to  elastic  deformations  of  the  wing  on  the  other. 

Let  us  consider  the  effect  of  the  compressibility  of  air. 
The  operation  of  the  ailerons,  like  that  of  the  elevators  and 
rudder,  Is  based  on  the  fact  that  deflecting  them  through  an 
angl-'  6  changes  the  curvature  of  the  profile  and  increases  its 
lifting  or  lateral  force. 


V £1 


CC> 


Figure  8.18.  Schematic  drawing  of 
change  in  aerodynamic  load  on  tail 
surface  in  subsonic  flow.  1)  Sur¬ 
face  undeflected;  2)  surface  de¬ 
flected. 

Figure  8.18  shows  schematically  the  variation  of  aerodynamic 
load  (p,  -  p  )  along  the  chord  cf  a  tail  (wing)  at  a  small  angle 


Footnote  (2)  nprnave  on  page  188. 
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pressure  distribution  over  the  profile  from  the  nose  to  the  com¬ 
pression  shock.  The  pressure  changes  only  on  the  chord  of  the 
control  surface.  This  results  in  a  smaller  change  in  the  control¬ 
ling  force  and,  consequently,  reduced  effectiveness  of  the  con¬ 
trols:  ailerons,  elevators,  and  rudder. 


Since  smaller  thickness  ratios  are  usually  used  on  the  tail- 

:  it  * 

plane  than  on  the  wing,  and  since  the  tail  is  usually  swept  back 
mere  sharply  than  the  wing,  the  ailerons  lose  effectiveness  in 
flight  before  the  elevator  and  rudder. 


The  decrease  in  control-surface  effectiveness  means  that 
larger  deflections  are  needed  to  turn  the  airplane  at  a  given 
angular  velocity,  and  this  results  in  a  substantial  increase  in 
the  effort  at  the  controls.  In  modern  aircraft  flying  at  high 
speeds,  these  efforts  may  be  far  beyond  the  physical  capabili¬ 
ties  of  the  pilot.  It  therefore  becomes  necessary  to  lighten 
the  airplane's  controls  (reduce  the  required  effort). 


Flow  separation  due  to  boundary - 
layer  detachment 


Figure  8.20.  Diagram  showing 
placement  of  trips  on  swept 
wing  to  counter  tip  separa¬ 
tion  and  improve  aileron  ef¬ 
fectiveness. 


Figure  8.21.  Diagram  showing 
effect  of  trips  on  flow  past 
rudder  at  large  rudder  deflec¬ 
tions:  a)  flow  without  trips; 
b)  flow  with  trips. 


The  following  measures  are  taken  to  improve  control-surface 
effectiveness  and  reduce  the  effort  required  at  the  control: 


-  in  longitudinal  control,  the  elevator  is  abandoned  in  favor 
of  the  all-movlrg  stabilizer,  a  measure  that  increases  longitudinal 
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control  effectiveness  substantially; 

—  aileron  effectiveness  at  above-critical  speeds  is  improved 
by  measures  whose  effect  is  to  improve  longitudinal  stability  at 
M  >  Mcr  (see  §8. 2b); 

—  trips  (vortex  generators)  are  used  directly  to  ensure  aile¬ 
ron  and  rudder  effectiveness  at  large  deflection  angles;  they 

are  mounted  ahead  of  the  aileron  (Fig.  8.20)  and  rudder  (Fig. 

8.21)  leading  edges.  Figure  8.21a  shows  the  flow  around  a  cross 
section  of  a  rudder  deflected  at  large  angles  without  tne  use  of 
trips,  and  Fig.  8.21b  the  corresponding  flow  when  trips  are  used. 
We  see  that  this  improves  not  only  the  effectiveness  of  the  rud¬ 
der,  but  also  its  hinge  moment,  since  the  use  of  trips  actually 
eliminates  the  possibility  of  rudder  overcompensation  at  large  6. 

Various  types  of  compensation  (aerodynamic,  "internal, 
servotabs,  servorudders)  and  hydraulic  boosters,  usually  in  re¬ 
versible  operation,  are  used  to  reduce  the  effort  required  at 
the  controls.  However,  there  are  also  cases  in  which  boosters 
operating  on  the  irreversible  principle  are  used  on  transonic 
aircraft  (e.g.,  the  Boeing  72?) • 

Let  us  analyze  the  influence  of  wing  elastic  deformations  on 
aileron  effectiveness. 

Elastic  deformations  of  the  wing  may  also  lower  aileron  ef¬ 
fectiveness  substantially  in  flight  at  high  speeds.  This  applies 
in  particular  to  swept  wings  with  straight  leading  edges,  rela¬ 
tively  small  profile  thickness  ratios,  and  comparatively  large 

aspect  ratios. 

When  the  ailerons  are  deflected  on  such  a  wing,  they  set  up 
a  rolling  moment  Mx.  Simultaneous  deflection  of  the  ailerons 
causes  a  shift  of  the  wing  center  of  pressure  in  the  part  of  the 
wing  serviced  by  the  ailerons.  This  shift  in  the  center  of  pres¬ 
sure  gives  rise  to  twist  of  the  wing  sections.  Thus,  when  the 
aileron  is  deflected  downward,  the  profile  nose  sections  will 
also  dip  to  smaller  angles  of  attack.  For  this  reason,  the 


mm 


increment  in  wing  lift  produced  by  downward  deflection  of  the 
aileron  becomes  smaller  (as  compared  with  its  value  on  an  abso¬ 
lutely  rigid  wing).  The  resistance  to  twisting  depends  on  the 
rigidity  of  the  wing.  It  is  a  constant  for  a  given  airplane  (a 
given  wing).  In  this  case,  the  wing  twist  angle  ta  increases  in 
proportion  to  ram  pressure  at  a  given  aileron  deflection.  Con¬ 
sequently,  the  change  in  lift  and  rolling  moment  due  to  deforma¬ 
tion  of  the  wing  is  approximately  proportional  to  the  fourth  power 
of  speed.  The  rolling  moment  stemming  directly  from  the  aileron 
deflection  is  proportional  to  the  square  of  speed. 

The  twist  of  the  tip  sections  of  a  swept  wing  also  helps  the 
downward-deflected  aileron  to  flex  the  wing  by  increasing  the  lift 
at  its  tip.  Upward  bending  of  a  swept  wing  causes  a  further  de¬ 
crease  of  the  angles  of  attack  of  the  wingtip  sections  and,  con¬ 
sequently,  a  further  decrease  in  the  lift  and  the  rolling  moment 
imparted  to  the  airplane. 

As  flight  speed  Increases,  therefore,  the  increment  in  the 
lift  and  rolling  moment  due  -to  deformation  of  the  wing  increases 
more  i-apidly  than  the  rolling-moment  increment  due  directly  to  the 
aileron  deflection.  This  means  that  a  speed  may  be  reached  at 
which  deflection  of  the  ailerons  will  not  set  up  rolling  moments, 
since  the  rolling  moment  due  directly  to  the  aileron  deflection 
will  be  cancelled  by  the  rolling  moment  due  to  d^  formation  of  the 
wing,  i.e. , 

(8.2) 


where  M  is  the  moment  set  up  about  the  x  axis  by  the  aileron  de~ 
xa 

flection  alone;  is  the  rolling  moment  due  to  deformation  of 

the  wing.  def 

The  speed  at  which  these  moments  become  equal  (at  which  the 
ailerons  have  become  totally  Ineffective)  is  known  as  the  aileron- 
reversal  speed.  At  flight  speeds  greater  than  the  I’evers.*.;.  speed, 
a  deflection  of  the  ailerons  produces  the  opposite  of  the  usual 
effect.  Quite  understandably,  the  more  rigid  the  wing,  the  higher 
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Figure  8.22.  Illustrating  effective 
ness  of  variation  of  ailerons  (1) 
and  ailerons  with  spoilers  (2)  as 
a  function  of  indicated  airspeed. 


he  airplane  requires  that  the  maximum  .pc i 
i  b9  about  100  km/h  below  the. -reversal  spe. 

don-reversal  speed  farther  from  the  opera 
•  v,.-.  fniinuim?  measures  are  taken  on  modern 


the  ailerons  are  moved  (as  far  as  possible)  toward  the  root 
sections.  This  eliminates  the  actual  cause  of  aileron  reversal 
a nnd  represents  a  radical  measure  for  heavy  aircraftj 

-  spoilers  are  used  together  with  ailerons  for  lateral  con¬ 
trol  of  the  airplane.  We  note  that  the  use  of  spoilers  does  not 
twist  the  wing  and,  consequently,  does  not  contribute  to  reversal. 

Figure  8.22  gives  an  idea  of  the  effectiveness  of  lateral 

"  iCi 

control  with  ailerons  and  ajlerons  used  together  with  spoilers. 

We  see. that  the  parameter  wxa,  which  characterizes  aileron  ef¬ 
fectiveness,  varies  differently  as  a  function  of  indicated  air- 
/■  speed  when  ailerons  are  used  aXone  (curve  1)  and  when  they  are 
used  together  with  spoilers  (curve  2). 

§8.3.  ENSURING  STABILITY  AND  CONTROLLABILITY  OF  SUPERSONIC  AIR¬ 
CRAFT 

The  need  to  Increase  flight  speeds  and  altitudes  required 
changes  in  the  aerodynamic  sha"es  of  aircraft,  their  inertial  char 
>  acteristics,  and  the  characteristics  of  their  powerplants  As 
-  compared  to  subsonic  and  transonic  aircraft,  modern  super. onic 
aircraft  have  the  following  design  features: 

-  for  the  most  part',  they  use  thin  (c  -  3' 0-5%)  swept  and 
delta  wings  of  small  aspect  ratio  and  fixed  sweep  angle,  as  welx 

. -  as  swept  wings  whose  sweep  is  variable  in  flight; 

-  their  fuselages  have  large  slenderness  ratios  (X^  = 

-  .  =  Lf/df  =  8-12) ; 

the  relative  dimensions  S  ,  -5  . /3  of  their  vertical  - 

tailplanes  have  increased  considerably,  with  some  deci’ease  in  the 
arm  ratio  L  .  =  L_  ./! L;  _ _ : _ . ’ ^ 

V  *  p  V  •  X*  —  .. 

-  the  povierplants  of  the  aircraft  and  their  altitude-speed 
characteristics  changed  substantially.  This  applies  in  particu- 

/  lar  to  the  thrust  characteristics  of  the  engines  in  augmented 

operation.  The  result  ha3  been,  that  the  airplane  may  have  lower 
stability  in  cruising  supersonic  flight  at  high  altitudes, 
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The  small  relative  thickness  of  the  wing  profile  -  of  inter¬ 
ceptor-type  supersonic  aircraft  prohibits  use  of  the  wing  to 
-  accomodate  basic  loads.  This  sharply  lowers  the  moment  of  in¬ 
ertia  1  (as  compared  with  subsonic  aircraft)  about  the  airplane’s 
longitudinal  axis,  with  simultaneous  substantial  increases  in  the 
moments  of  inertia  Iw  and  I8  owing  to  the  fact  that  the  basic  : 
1'  are  accommodated  in  the  long  fuselage. 

Analysis  of  statistical  data  on  aircraft  of  similar  types 
indicates  that  In  supersonic  aircraft,  the  ratio  of  the  moments 
of  inertia  I  /I  has  increased  by  a  factor  of  *1-7.  This  has  a 
definite  influence  on  stability  and  controllability  characteris¬ 
tics. 

In  designing  a  supersonic  airplane,  the  designer  must  take  . 
measures  that  will  ensure  the  necessary  stability  and  controlla¬ 
bility  characteristics  both  in  flight  at  subsonic  speeds  (at  small 
and  large  angles  of  attack)  and  in  flight  at  supersonic  speeds 
at  high  and  medium  altitudes. 

This  problem  cannot  be  solved  by  aerodynamic-design  measures 
alone,  since  it  is  usually  necessary  to  deal  with  a  number  of 
problems  the  requirements  for  solution  of  which  are  contradictory, 
further,  certain  problems  of  stability  and  controllability  cannot 
be  solve j  at  all  without  automatic  devices. 

If  we  proceed  from  the  assumption  that  the  supersonic  air¬ 
plane  will  have  a  wing  of  swept  or  delta  planform,  with  fixed 
sweep  angle,  the  basic  effort  directed  at  improvement  of  its  sta¬ 
bility  and  controllability  will  reduce  to  the  following: 

-providing  the  necessary  longitudinal  normal-acceleration 
stability,  aileron  effectiveness,  and  ratio  m/mj  in  flight  at 
low  speeds  and  large  angles  of  attack; 


-ensuring  practically  constant  normal-acceleration  sta¬ 
bility  (x  -  xc?)  on  transition  from  subsonic  to  supersonic  flight 

-ensuring  the  required  effectiveness  of  longitudinal  con¬ 
trol  at  M  >  1  and  stick  (control-column)  effort  for  the-  particular 
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m 


flight  situation; 


—.providing  the  necessary  damping  c f  ro  ational  and  transla- 


tional  divergent  motion  in  pitch.  The  latter  is  vital  for  air¬ 
craft  that  cruise  at  supersonic  speeds  at  high  altitude; 

_  *  g 

P  -  providing  the  necessary  directional  stability  nr  and  yaw 
£  -  —  - ■ >  - 


^  -*•  ensuring  effectiveness  of  the  directional  and  lateral  con- 
^  trols  at  large  K. 

;{£.  Let  us  dwell  briefly  on  the  aerodynamic-design  measures  taken 

V  tc  solve  these  problems. 

a)  Jfeasures  Taken  to  Improve  Longitudinal  and  Lateral  Stability 
and  Lateral  Controllability  of  the  Airplane  in  Flight  at  Large 
Angles  of  Attack 


When  a  supersonic  airplane  flies  at  low  subsonic  speed  and 
large  angles  of  attack,  it  encounters  the  same  problems  as  a  sub¬ 
sonic  or  transonic  airplane  with  a  fixed-sweep  wing.  For  this 
reason,  the  design  measures  taken  to  eliminate  longitudinal-  and 
lateral-stability  and  lateral-controllability  deficiencies  in  the 
supersonic  airplane  will  be  the  same  in  principle  as  those  for 
transonic  aircraft  (see  §8.2,  a,  c). 


It  is  appropriate  to  note  hei’e  that  use  of  a  variable-sweep 


wing  is  an  effective  measure  against  the  decrease  in  normal-accele¬ 
ration  stability  and  the  increase  in  the  airplane's  lateral  sta¬ 
bility  at  large  attack  angles.  This  is  provided  that  the  wing  is 
swung  to  the  minimum-sweep  position  before  going  over  to  large 


angles  of  attack.  In  this  case,  flow  detachment  from  the  wing 
tips  does  not  produce  a  strong  pitchup  moment,  since  the  tip  sec¬ 
tions  of  the  wing  are  only  a  short  distance  a j t  of  the  airplane  s 
center  of  gravity. 

It  is  known  that  the  lateral  stability  of  an  airplan  with 
a  small  wing  sweep  angle  varies  little  witn  increasing  angle  of 
attack.  The  small  lateral  stability  1/  of  the  airplane  and  its  con¬ 
stancy  in  practice  as  the  lift  coefficient  ey  increase,  has  a 
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from  flight  at  K  <  1 
normal-acceleration 

tailward  shift  of  the 


airplane’s 
convent iona 


-  fuselage  and  conventional  swept  wings  jrith  sweep  angles  up  tc 
60°,  This  means  that  these  aircraft  will  also  have  high  normal- 
acceleration  stability  [(Xj/ba)  -  (xcg/ba)]  at  supersonic  speeds. 
High  normal-acceleration  stability  is  undesirable  because  it  re¬ 
duces  the  maneuverability  of  the  airplane  at  supersonic  speeds 
considerably,  increases  the  sacrifice  of  lift/drag  ratio  that  must 
be  made  to  trim  the  airplane,  and  lowers  the  altitude  of  trimmed 
nonsteady  level  flight  in  the  dynamic-altitude  range. 


Figure  8.24.  Longitudinal  balance  of 
airplane  of  conventional  configuration. 


Figure  8.25.  Longitudinal  balance  of 
airplane  of  "canard"  configuration. 


The  dec  if  rise  i  n  maneuverability  occurs  because  the  high  nor¬ 
mal-acceleration  stability  (x^  -  x  )  requires  large  stabilizer 
(elevator)  deflections  to  trim  the  airplane  in  level  flight. 

Since  the  available  stabilizer  (elevator)  deflections  are  always 
limited,  the  increased  use  of  the  stabilizer  to  trim  the  airplane 
in  level  flight  at  M  ■*  2 . 5  means  that  the  stabilizer-deflection 
margin  for  maneuvering  is  reduce  1. 

I.et  c-nsi  d  *r  the  influence  of  ( -  x  )  on  the  lift/drag 

r  eg 

ratio  in  ievt-i  f'lvhc- 


For  this  purpose,  we  shall  compare  two  supersonic-aircraft 
configurations:  the  conventional  layout  with  the  horizontal  tail 
positioned  aft  of  the  wing  and  the  "canard"  configuration.  We 
shall  consider  their  longitudinal-balance  conditions  in  level 
flight  on  the  assumption  that  m  (i.e.,  the  moment  at  cy  -  0) 

and  the  moment  from  the  powerplants  are  zero  (Figs.  8.24,  8.25). 

The  figures  show  that  the  trimming  force  of  the  horizontal  tail 
(or  elevens)  is  directed  downward  in  the  case  of  the  conventional 
(and  "tailless")  aircraft  and  upward  for  the  "canard."  It  must 
also  be  remembered  that  in  the  case  of  the  "canard,"  the  arm  Lht 
of  the  horizontal  "tail"  is  slightly  larger  by  virtue  of  the  lay¬ 
out  than  it  is  for  the  conventional  airplane  and  much  larger  than 
in  the  "tailless"  airplane.  This  means  that  the  trimming  forces 
will  be  larger  in  absolute  value  for  the  "tailless"  layout  and 
smallest  for  the  "canard."  Since  the  tail  (elevon)  trimming  force 
of  the  "tailless"  and  conventional  aircraft  requires  increasing 
the  lift  of  the  airplane  without  the  horizontal  tail  (i.e.,  it 
lowers  the  lifting  property  of  the  airplane),  and  the  tail  trirri 
ming  force  increases  the  lifting  properties  of  the  airplane  m  •  e 
case  of  the  "canard,"  this  means  that,  other  conditions  the  same, 
the  sacrifice  of  L/D  to  trim  the  airplane  will  be  smallest  for  tie 
"canard"  and  largest  for  the  Vu..lie.  ail  plane. 

Calculation  indicates  that  for  a  conventional-layout  airplane 
in  supersonic  flight  (at  M  >  1.5),  the  loss  of  maximum  im/cuag 
ratio  K  involved  In  trimming  may  run  to  10%  or  more.  This  Id- 
lows,  foi^'ex ample,  from  formula  (8.3)  for  determination  of  the 
maximum  lift/drag  ratio  with  ailowance  for  trimming  the  airman..  (3) 


r - '.a 

.  —I  /  ----- . 

2  > 


(8.3) 


where  a  is  a  quantity  t:..u  Ai-*ow- 
plane : 

Footnote  (?)  appears  on  page  188. 


ty  i,_iZ  jilow.-  fot  the  trimming  drag  of  the  air- 
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n  is  a  coefficient  that  takes  account  of  the  peculiarities  of  the 
configuration.  For  a  conventionally  configurated  airplane  n  *  1.7 
and  fct*  the  "canard”  it  is  about  0.8: 


S  =^2.*  7  __£r.r> 

ro  5  *  Lro  ~"7“* 


We  see  that  to  reduce  the  loss  of  the  maximum  lift/drag  ratio 
of  the  airplane  that  is  involved  in  trimming  it,  normal-accelera¬ 
tion  stability  must  be  reduced  at  supersonic  speeds. 

It  follows  from  the  expression  for  normal-acceleration  sta¬ 
bility  that  it  can  be  controlled  in  two  ways: 

-  'ey  changing  the  trim  (the  coordinate  x  )  in  accordance 

eg 

with  the  change  in  the  aero  dynamic-.,  enter  coordinate  xp  of  the 

airplane; 

--  by  stabilizing  the  position  of  the  longitudinal  aeroay- 
namio  center  while  the  CG  position  of  the  airplane  is  Left  un¬ 
changed  • 

In  practice,  it  is  quite  difficult  to  adjust  the  trim  of  the 
airplane  in  accordance  with  the  changes  in  the  position  of  its 
aerodynamic  center  because  this  requires  development  of  special 
automatic  systems  that  determine  and  adjust  the  position  of  the 
CG  on  o  shift ;  of  the.  aerodynamic  longitudinal  center.  It  is  also 
necessary  to  Install  powerful  pumps  to  transfer  a  large  amount  of 
fuel  dur the  short  time  that  it  tain.s  the  airplane  to  accele¬ 
rate  from  M  0.9  be  m  *  1.4,  special  trimming  fuel  tanks  mounted 
at  con.'  tdc  ruble  distances  from  loo  airplane's  CG,  and  the  associ¬ 
ated  furl  plumbing.  This  means  that  the  airplane  must  carry  extra 
equipment.  However,  each  extra  Kilogram  of  equipment  Involves  a 
5-8-k 


(8.4) 


w 


Despite  these  difficulties,  this  method  01  maintaining  a-pprox** 
imately  constant  static  normal-acceleration  stability  over  the  en¬ 
tire  range  of  M  is  nevertheless  used  in  practice  on  certain  modern 
supersonic  airplanes.  For  example,  the  American  E-5SA  "Hustler 
and  French  "Mirage  IV"  supersonic  bombers  have  special  trimming 
tanks  in  the  tail  section  of  the  fuselage  for  transfer  of  fuel. 

By  thus  ensuring  constancy  of  the  minimum  (Xp  -  respect 

to  Mach  number,  the  designers  have  reduced  the  loss  of  lift/drag 
ratio  that  is  involved  in  longitudinal  trimming  of  the  airplane. 

Another  method  of  maintaining  constant  longitudinal  static 
stability  with  respect  to  normal  acceleration  at  subsonic  and 
supersonic  speeds  is  tc  stabilize  tne  position  of  the  airplane’s 
longitudinal  aerodynamic  center  against;  Mach-number  changes. 

In  principle,  this  can  be  done  in  any  of  several  ways: 

-  changing  the  aerodynamic  configuration  of  the  airplane  In 
flight; 

-  changing  the  horizontal-tal lplane  area  in  flight.  This  ,s 
not  accompanied  by  a  change  in  eoni igurat i on , 

-  by  selecting  a  fixed  wing-.wl- fuselage  shape,  i.e.,  a  con¬ 
figuration  of  the  airplane,  t  tv-rtf  ens  n  r-,-  *  iwv*  "  mnr  *'e>*r'USi  a nt  ft 
of  the  aerodynamic  center  as  a  Junction  of  r'1- 

Let  us  briefly  discuss  the  problem  of  .aii.lUslm'  the  posi¬ 
tion  of  the  airplane's  aerodynamic  sen;, ..i-  airtinsi  M  changing 
the  aerodynamic  layout  of  the  airpla.ru.  .  a  J  ■  . 

By  mounting  a  Horizontal  foreplane  on  a  normally  configur¬ 
ated  or  "tailless"  airplane,  retracting  u  *he  fuselage  in 

«  uusonlc  flight  and  extending  it  with  tne  transition  to  supersonic 
speeds  as  the  coordinate  of  the  airplane's  aerodynamic  center 
without  the  foreplane  increases,  the  posit,  .on  of  the  aerodynamic 
center  of  the  entire  icle  can  be  Kept  practicably  constant. 

We  see  that  the  conventionally  configurated  airplane  becomes  a 

.  .  .  .  ii b  ,  .  I c.  n  ^  Vi. i  *  j  i  ('  becomes  a  o anard  * 

combination  type,  vrhile  tne  tail  co. 
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Figure  8.26.  Variation  of  position 
of  airplane's  aerodynamic  center  as 
a  function  of  M. 


On  "canard”  aircraft,  stabilisation  of  the  position  of  the 
longitudinal  aerodynamic  center  against  Mach  number  requires  that 
the  horizontal  noseplane  be  designed  to  feather  in  flight  at  sub¬ 
sonic  speeds  ("free-floating  foreplane" ^  and  be  locked  in  position 
by  a  special  device  at  a  certain  supersonic  speed.  At  subsonic 
speeds,  the  "free-floating  foreplane"  will  have  no  influence  on 
aerodynamic-center  coordinate,  because,  even  though  the  airplane 
is  a  "canard"  in  external  configuration,  it  is  essentially  a  "tail¬ 
less"  airplane  by  the  manner  in  which  the  aerodynamic  forces  are 
generated.  When  the  foroplane  has  been  locked,  it  becomes  a  true 
"canard,"  since  the  foreplane  influences  the  position  of  the  ve¬ 
hicle’s  longitudinal  aerodynamic  center.  In  this  case,  the  ta.il- 
ward  shift  of  the  aerodynamic  center  of  the  airplane  without  hori¬ 
zontal  stabilizer  due  to  an  increase*  in  M  must  be  offset  by  a  for¬ 
ward  shift  of  the  aerodynamic  center  obtained  by  actuating  the 
foreplane . 


In  Fig.  8.26.  the  solid  line  abef  indicates  the  variation  with 
M  of  the  position  of  the  longitudinal  aerodynamic  center  of  the 
airplane  with  the  foreplane  "free-floating"  at  subsonic  speeds  and 
locked  at  supersonic  speeds.  We  see  that  the  foreplane  is  locked 


at  M  =  Mj.  Curve  abc  Indicates  the  Much-number  variation  of  the 


aerodynamic-center*  position  with  the  "free-floating  foreplane"  at 
subsonic  ane  supersonic  speeds.  Curve  def  shows  the  variation  of 
airplane's  aerodyr:-:  mi  e-center  coordinate  when  its  horizontal  fore- 
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plane  is  locked  in  position.  In  other  words,  curves  ABC  and  DEP 

indicate  the  Mach-nuraber  variation  of  the  longitudinal  aerodynamic 

center  position  for  aircraft  of  two  configurations:  "tailless”  and 

"canard,"  respectively.  The  shaded  area  in  Pig.  8.26  indicates 

the  variation  of  the  airplane’s  normal-acceleration  stability  with 

Mach  number  when  it  has  a  forward  stabilizer  feathered  at  M  < 

and  locked  at  M  >  M,.  We  see  that  the  (aL  -  x  )  of  such  an  air- 

i  h  eg 

plane  varies  little  on  the  transition  from  subsonic  to  supersonic 
flight  and  back,  and  can  therefore  be  adjusted  to  ensure  the  neces¬ 
sary  controllability  characteristics. 

We  note  that  a  "free-floating  stabilizer"  can,  in  principle, 
also  be  used  with  a  servotab  at  subsonic  speeds  to  set  up  a  longi¬ 
tudinal  controlling  (trimming)  moment.  This  may  be  found  helpful 
for  improvement  of  the  takeoff  and  landing  characterists  of  "can¬ 
ard"  aircraft. 

To  reduce  the  influence  of  downwash  from  the  foreplane  on  the 
wing,  it  is  advisable  to  mount  the  foreplane  above  the  plane  of 
the  wing  chord  on  the  fuselage. 


Figure  8.28.  Mach-numcer  curves 

Figure  8.27.  Diagram  of  tail-  of  normal-acceleration  stabil- 

plane  whose  area  is  varied  in  ity  of  aircraft  with  fixed  (1) 

flight  as  a  function  of  M.  and  in-flight-variable  (2) 

tailplanes. 

The  position  of  the  airplane's  longitudinal  aerodynami c  cen¬ 
ter  can  also  be  stabilized  against  Mach  number  in  the  case  of  a 
.•'invention-.!  configuration,  by  mounting  a  horizontal  stabilizer 
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whose  area  can  be  varied  in  flight.  It  is  known  that  use  of  the 
conventional  horizontal  tailplane  causes  a  tailward  shift  of  the 
airplane's  aerodynamic  center.  At  a  given  M,  the  extu.it  of  this 
displacement  depends  on  Ah  t  =  t/Sb  .  By  varying  in 

flight j  e.g.,  by  adjusting  Sh  t>  the  position  of  the  aerodynamic 

center  can  be  regulated  and,  consequently,  so  can  (x„  -  x  ). 

* 

High  normal-acceleratipn  stability  at  supersonic  speeds  means, 
among  other  things,  that  the  airplane  has  a  large  A^ 

If  two  horizontal  tailplanes  (main  and  auxiliary)  are  mounted 

on  the  airplane  in  a  biplane  scheme,  and  in  such  a  way  that  at 

M  >  1  the  planes  of  one  auxiliary  horizontal  tail  can  be  rotated 

with  respect  to  the  longitudinal  axis,  the  total  horizontal-tail 

area  will  be  reduced  and  the  total  vertical-tail  area  increased. 

Figure  8.2?  is  a  schematic  representation  of  such  an  in-flight- 

( k ) 

variable  tailplane.  '  When  the  airplane  decelerates  from  super¬ 
sonic  co  subsonic  speeds,  the  auxiliary  tailplane  must  be  returned 
from  the  vertical  to  the  horizontal  position  in  accordance  with 
the  change  in  M.  To  obtain  smooth  variation  of  the  airplane's 
aerodynamic-center  coordinate  with  change?  in  M,  it  Is  necessary 
to  couple  the  servomotor  that  controls  the  position  of  the  auxil¬ 
iary  tailoLane  with  a  Mach-number  sensor.  It  is  then  possible  to 
provide  a  variation  cf  the  normal-acceleration  stability  approxi¬ 
mately  as  shown  by  the  dash-dot  line  in  Fig.  8.28. 

The  next  way  to  reduce  the  aft  displacement  of  the  aerody¬ 
namic  center  as  M  rises  from  0.9  to  .l.,4  and  promote  forward  dis¬ 
placement  of  this  center  during  flight  at  M  >  2.0  is  to  use  the 
optimum  fixed-in-flight  configuration  of  the  airplane.  It  is  as¬ 
sumed  that  one  such  configuration  might  be  a  "tailless1'  airplane 
with  a  double-delta  wing.  On  such  a  wing  (which  consists  of  two 
triangles),  the  sweep  of  the  root  section  may  range  up  to  70°-75°, 
wh'le’the  tip  section  may  be  swept  back  at  around  60°.  The  fuse¬ 
lages  are  designed  to  give  increased  lift.  To  reduce  the  lift 


Footnote  { 4)  appears  on  page  188. 


Figure  8.29-  Diagram  of  super¬ 
sonic  airplane  with  double¬ 
delta  wing.  1)  Elevons  along 
entire  span;  2)  outboard  and 
midwing  elevon  sections. 


Figure  8 . 3D •  Variation  of  lon¬ 
gitudinal-moment  coefficient 
mr  as  a  function  of  cy  of 

double-delta-wing  airplane 
model . 


from  the  wing  tip  sections,  an  aerodynamic  twist  is  imparted  to 
the  wing.  This  increases  the  load  on  the  root  sections  and  the 
fuselage,  which  are  more  strongly  swept  and  have  lower  lifting 
properties  (c“).  This  results  in  a  more  favorable  displacement 
of  the  aerodynamic  center  in  the  range  M  0.  1.^. 

This  wing  form  is  used  on  the  Swedish  Drafen  supersonic 
fighter  and  on  the  supersonic  transport  under  development  in  the 
USA,  a  diagram  of  which  appears  in  Fig.  8.29. 

By  selecting  the  proper  relation  between  the  areas  of  the 
fore  and  aft  deltas  and  giving  an  aerodynamic  twist  to  the  aoub.e- 
delta  wing,  it  is  possible  to  obtain  rot  only  a  small 
of  the  airplane's  aerodynamic  center  in  the  range  M  =  0.9-1.  •>  ^ 
also  good  longitudinal  normal-acceleration  stability  at  large 
angles  of  attack.  This  is  fully  consistent  with  what  was  said  n 
t8  Pa.  This  statement  '  also  supported  by  the  data  given  g 

8  30  for  a  model  of  a  double-delta  airplane.  We  see  that  this  a  r- 
plane  suffers  no  appreciable  decrease  of  normal-acceleration  sta- 

fcility  at  large  c 


In  other  words,  the  so-called  "spoon"  does 
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not  appear  at  large  c  .  This  is  an  advantage  of  the  double-delta 
wing  over  the  conventional  swept  wing.  We  see  that  elevon  ef¬ 
fectiveness  is  retained  up  to  large  angles  of  attack  (large  cy). 

It  is  appropriate  to  mention  that  elevons,  which  act  as  eleva¬ 
tors,  can  be  used -to  act  up  a  controlling  moment  during  takeoff 
such  that  the  angular  acceleration  in  pitch  Is  approximately  13- 

14  deg/s  .  Statistical  data  indicate  that  the  pitch  angular  ac- 

p 

celeration  at  takeoff  may  reach  10-12  deg/s  for  a  subsonic  Jet 
airliner  of  conventional  configuration. 

c )  Measures  Taken  to  Ensure  the  Required  Effectiveness  of  Longi- 
tudin al  Control  and  the  Required  Stick  Forcer 

It  wan  Indicated  in  the  preceding  section  that  an  elevator 
loses  Its  effectiveness  as  a  longitudinal-control  surface  when  a 
transonic  airplane  flies  at  M  >  Mcr>.  This  statement  also  applies 
to  the  supersonic  airplane. 

Elevator  effectiveness  also  remains  low  on  an  increase  in 
M  above  1,  since  the  aerodynamic  load  changes  only  on  the  deflect¬ 
ed  control  surface,  i.e.,  the  effect  of  the  elevator  does  not  ex¬ 
tend  to  the  stabilizer  in  this  case.  For  this  reason,  an  all-mov¬ 
ing  stabilizer  is  used  for  longitudinal  control  of  almost  all 
supersonic  airplanes  of  conventional  layout  (except  for  the  "tail 
less"  configuration).  Use  of  the  all-moving  stabilizer  improves 
the  maneuverability  of  fighters  appreciably  at  supersonic  flight 
speeds.  It  also  reduces  the  pitchup  moment  of  the  aircraft  (and 
the  surge  of  the  normal  acceleration  n  )  as  it  decelerates  from 

V 

supersonic  to  subsonic  speed  with  the  stick  forward  (the  pltchup 
moment  arises  as  a  result  of  the  forward  shift  of  the  aerodynamic 
center).  This  is  explained  by  the  fact  that  the  effectiveness  of 
the  all-moving  stabilizer  does  not  vary  as  much  with  M  as  does 
that  of  the  elevator. 

Use  of  an  all-moving  stabilizer  in  longitudinal  control  re¬ 
quires  the  designer  to  place  its  pivot  axis  properly.  This  is 
complicated  by  the  fact  that  the  flow  around  the  stabilizer  is 
restructured  when  the  Mach  number  moves  from  M  <  1  to  M  >  1.  At 
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M  >  1,  the  aerodynamic  load  is  more 
jy  tY  uniformly  distributed  chordwise  over 

the  stabilizer.-  As  a  result,  the 
point  of  application  of  the  lift  in- 

.  H  2  firement  AY.  of  the  stabilizer 

H  x,  h.t 

r* - 1 — (?ig,  8.31,  point  2)  lies  at  about 

0  Tn  -  4.4  50%  aerodynamic  chord.  In  subsonic 

Figure  8.31.  Illustrating  ^ 

overcompensation  of  sta-  flight,  on  the  other  hand,  the  sta¬ 
bilizer  in  subsonic  bilizer  lift  increment  AY.  .  is 

flight  when  the  pivot 

axis  passes  through  point  placed  at  about  25a  chord  (Fig.  0.31 
°2*  point  1).  To  reduce  the  hinge  mo¬ 

ment  at  supersonic  speeds,  it  would 
be  desirable  to  place  the  stabilizer  axle  at  0^  rather  than  0^. 
Then,  however,  the  stabilizer  would  be  overcompensated  in  flight 
at  subsonic  speeds.  Such  a  stabilizer  cannot  be  controlled  manu¬ 
ally  or  by  means  of  a  reversible  hydraulic  booster.  In  such  cases 
therefore,  it  is  necessary  to  provide  supersonic  aircraft  with 
irreversible  hydraulic  boosters  capable  of  taking  up  all  of  the 
aerodynamic  lead  acting  on  the  stabilizer,  i.e.,  the  stabilizer 
is  controlled  not  directly  by  the  pilot,  but  through  an  irrevers¬ 
ible  booster. 

When  the  pilot  deflects  the  stick  in  this  case,  he  has  to 
overcome  only  the  friction  in  the  control  line  from  the  stick  to 
the  booster,  and  holding  the. stick  in  a  given  position  requires 
no  effort  of  him.  This  is  not  acceptable,  since  the  pilot  cannot 
fly  the  airplane  without  "feel"  at  the  controls.  The  designer 
is  therefore  obliged  to  insert  special  loading  systems  corrected 
for  stick  travel,  speed  (Mach  number),  and  flight  altitude  into 
the  longitudinal-control  system.  In  other  words,  the  use  of 
irreversible  boosters  requires  installation  of  power  assists  and 
automatic  devices  that  regulate  control-lever  force  in  accordance 
with  the  airplane's  flight  situation  and  the  physiological  capa¬ 
bilities  of  the  pilot. 


.a  a! -potion 


j.--  fin  increase  in  flight  alti¬ 
tude  is  accompanied  by  a  sharp 
decrease  in  the  density  of  the 
air,  which  results  in  a  decrease 
in  the  damping  moments  of  the 
airplane  in  general  and  the  pitch 
damping  moment  in  particular . 

It  is  known  that  a  decrease 
in  the  damping  moments  of  an  air-, 
plane  weakens  the  damping  of  its 
angular  motions  and  increases  the 
peak  values  of  the  airplane's 
angular  coordinates  (for  example, 
its  attack  and  pitch  angles)  and 
the  periou  of  the  oscillations, 
-motion  parameters  after  deflection 
amount  is  then  found  to  be  rather 


Figure  6. 32.  Variation  of 
longitudinal-motion  param¬ 
eters  of  airplane  after  an 
instantaneous  deflection  of 
the  stabilizer  by  a  constant 
amount  A<>  ,  =  -1°. 


translational  motion  of  the  airplane  (variation  of  speed  V 
and  altitude  H)  Is  not  Improved,  since  there  is  practicably  no 
^■hjchange  In  its  damping. 

f J  ^  Calculations  indicate  that  cruising  supersonic  flight  of 

a  TJE  airplane  at  high  altitudes  will  often  involve  level-flight 
modes  In  which  the  longitudinal  stability  and  controllability  of 
the  airplane  with  respect  to  speed  and  altitude  are  much  poorer 
than  they  are  in  flight  at  low  and  medium  altitudes.  This  is 
basically  because  high-altitude  flight  ic  accompanied  by  a  sub¬ 
stantial  decrease  in  the  damping  of  the  airplane's  translational 
motion  (speed  damping},  which  is  characterized  by  the  quantity 


Ci"-  const  -* 


(8.5) 


where  ^  is  the  partial  derivative  with  respect  to  speed  of 

Ha=const  ^  v 

the  frontal  drag  calculated  for  a  constant  angle  of  attack  a,  Pp 

is  the  partial  derivative  of  the  available  thrust  with  respect  to 

speed,  and  m  *  Q/g  is  the  mass  of  the  airplane. 

It  is  impossible  to  eliminate  the.  shortcoming  by  reconfigu¬ 
rating  the  airplane. 

A  radical  solution  to  the  problem  consists  in  providing  the 
airplane  with  an  engine-type  flight-speed  control  (thrust  control) 
whose  operation  is  coordinated  with  that  ol  the  automatic  pilot. 

To  this  end,  the  autopilot  must  stabilize  pitch  angle.  This  thrust 
control  must  regulate  flight  speed  by  varying  powerplant  thrust 
output.  To  accomplish  this,  the  engines  must  have  a  thrust  re¬ 
serve  amounting  to  about  25-3056  of  the  maximum  thrust  in  the 
given  flight  situation. 

It  is  appropriate  to  note  that  if  the  poworplant  thrust  vec¬ 
tor  passes  through  or  above  the  airplane's  center  of  mats,  the 
thrust  control  can  solve  this  problem  by  itself.  j.1 ,  however,  the 
placement  of  tha  engines  on  the  airplane  causes  the  thrust  vector 
to  pass  below  the  center  of  mass,  use  of  the  engine  thrust  control 
alone  causes  oscillations  of  the  airplane  to  build  up;  here,  at 


FTD-HC-23-753-71 


thi  bi^i^vlngs  of  the  transient  response  ,^the.  speed  a&d -V 
oscillations  decrease,  but  then  increase  with  1  inereasihjg  time.  , 
This  phshbSsenbn  is  unacceptable.  In  this-  case  ,  theeriglne  thrust 
^htttrPi  (flight-speed  control)  must  work .in  har&priy  with  an  auto*- 
roatic  pilot  that  stabilises  pitch  angle.  These  measures  are  suf¬ 
ficient  to  ensure  good'  flight-situation  stability  mid  normal  opn- 
trollability  of  the  airplane  with  good  speed  and  altitude  control 
response.  •  •  ’■  ■ 

e)  Ensuring  the  Necessary  Directional  Stability  and  Yaw  Damp¬ 
ing  in  Plight  at  M  >1.4 

It  is  known  that  acceleration  of  an  airplane  from  subsonic 
speeds  to  M  >  1.5  results  in  changes  for  the  worse  in  such  im¬ 
portant  lateral  stability  characteristics  as  the  directional 


Figure  3.33*  Mach-number  curves  of 
directional  stability  m£  of  a  hypo¬ 
thetical  airplane  with  conventional 
tall  {solid  curve)  and  with  in-flight- 
variable  tail  (dashed  curve)  (see 
Fig.  8.27). 

stability  m®  and  the  related  yaw  damping  of  the  airplane.  This 
can  be  seen  from  t»~e  data  presented  in  Fig.  8.33*  This  figure 
indicates,  for  example,  a  typical  Mach-number  variation  of  the 
directional  stability  of  an  airplane  without  an  auxiliary  Hori¬ 
zontal  tail  at  two  angles  of  attack  a.  We  see  that  increasing 
the  angle  of  attack  at  supersonic  speeds  (M  >  1.5)  causes  a  sub¬ 
stantial  decrease  it  m®.  This  Is  because  un  increase  in  the  angle 
of  attack  a  at  this  M  causes  an  increase  in  the  crosswash  angles 
in  the  area  of  the  fin  atop  the  fuselage.  An  increase  in  the 
crosawash  angles  at  the  top  fin  means  a  decrease  in  its  true  '.lip 
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angles ,  the  lateral  force  of  the  vertical  tall ,  end  the  yawing 
moment  generated  by  this  ‘orce. 

A  fin  or  fence  mounted  under  the  fuselage  if  in  a  superior 
position  (as  regards  crosswash  at  positive  attack  angles)  than 
a  fin  mounted  atop  the  fuselage. 

A  decrease  in  the  directional  stability  and  the  damping 
mWy  with  increasing  M  (at  M  >  1.5)  implies,  among  other  things, 

that  at  these  Mach  numbers  the  airplane  does  not  -have  a  large 
enough  static  movement  of  the  vertical  tall  area  By>t 
S  L  t/S£  and  that  this  tail  is  not  sufficiently  effective. 

V,t  Aerodynamic -design  measures  taken  to  Improve  the  directional 

w 

stability  m®  and  yaw  damping  myy  are  as  follows: 

-  increasing  the  area  of  the  vertical  tall  with  little  change 
in  its  aspect  ratio; 

-  Increasing  the  area  and  aspect  ratio  of  the  vertical  tail; 

-  Increasing  the  effectiveness  ox’  the  vertical  tail  by  locat¬ 
ing  it  at  the  optimum  position  with  respect  to  the  horizontal 

tail. 


Tailskid 
Fence 

Ground  line  with  full  weight  on 
undercarriage  wheels  at  lauding 

a) 


;;]• 

-Ventral  fin 
retractable  Into  fuse- 
\ — 0  page 

b) 


Figure  8.34.  Diagram  showing  mounting  of 
ventral  fences  (a)  and  fins  that  retract 
when  landing  gear  Is  lowered  (b). 

The  first  measure  -  increasing  the  an  a  of  the  vertical  tail 
with  practically  no  change  in  Its  aspect  ratio  -  Involves  paralle 
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mounting  of  two  and  sometimes  even  three  fins,  or  a  fairing  fin 
ort  the  segment  of  fuselage  between  the  cabin  and  the  main  fin. 
These  measures  increase  and  yaw  damping  for  the  most  part  by 
increasing  the  area  of  the  vertical  tail  while  leaving  its  ef¬ 
fectiveness  unchanged.  The  results  are  an  increase  in  the  lateral 
stability  since  the  planes  of  the  vertical  tall  are  situated 
to  one  side  of  the  airplane 1 s  longitudinal  axis  (l.e.,  asymmetri- 
cally).  The  increase  in  lateral  stability  must  be  regarded  as 
undesirable. 

The  second  measure  is  to  increase  the  area  and  aspect  ratio 
of  the  vertical  tail.  This  la  conveniently  done  by  installing 
ventral  fences,  auxiliary  ventral  fins  that  are  dropped  at  landing 
or  retracted  into  the  fuselage  when  the  landing  gear  is  lowered 
(Pig.  8.3*0,  or  an  auxiliary-horizontal  tail  that  becomes  an  aux¬ 
iliary  1.  at  M  >  1.5  (seo  Fig.  8.27)  or  by  using  wingtip  sections 
that  rotate  downward  at  supersonic  speeds  to  function  as  ventral 
fins.  This  last  design  solution  was  used  on  the  North  American 
B-70  Valkyrie  bomber.  Figure  8.33  give3  an  idea  of  how  the  direc¬ 
tional  stability  of  an  air>iane  with  in- flight-variable  tail  var¬ 
ies  with  Mach  number. 


Such  aerodynamic-design  measures  increase  the  moment-area 
ratio  Bv  t  of  the  vertical  tail  and  increase  its  effectiveness 
appreciably,  since  the  auxiliary  vertical-tail  surfaces  below 
the  fuselage  utilize  the  fuselage  also  and  tnus  increase  the  effee 
tive  aspect  ratio  of  the  vertical  tail  considerably.  The  latter 
results  in  a  substantial  increase  in  its  lifting  properties  and, 
consequently,  an  increase  in  the  directional  stability  my  and  yaw 

damping  m^'.  We  note  that  the  measures  enumerated  above  also 
lower  theyiateral  stability  mj.  This  is  also  a  desirable  effect. 

Naturally,,  such  designs  produce  a  substantial  increase  ir 
the  weight  of  the  airplane,  but  this  is  dictated  by  the  need  to 
improve  its  most  important  lateral  stability  and  controllability 

characteristics . 


The  third  aerodynamic-design  measure  consists  essentially 
in  placing  the  vertical  and  horizontal  tails  relative  to  one  an¬ 
other  in  such  a  way  as  to  optimize  the  effectiveness  of  the  ver¬ 
tical  tail.  Research  has  shown  that  for  this  pirpose,  the  hori¬ 
zontal  tall  must  be  placed  on  the  fuselage  -as  far  as  possible  be¬ 
low  the  airplane's  longitudinal  axis,  with  l/*»  aft  of 

l/k  b  ,  i.e.,  to  make  the  arm  Lh>t  longer  than  Lv<t* 
t 

It  Is  also  possible  to  place  the  horizontal  tail  atop  the 

fin. 

The  increase  in  vertical-tall  effectiveness  when  the  hori¬ 
zontal  tail  is  placed  in  the  above  positions  is  due  to  the  plate 

effect. 

We  note  that  in  addition  to  the  desirable  increase  in  verti¬ 
cal-tall  effectiveness  obtained  by  mounting  the  stabiliser  high 
(on  th-  fin),  there  is  also  an  undesirable  Increase  in  the  air¬ 
plane  ’ 3  lateral  sanity  m*  and  a  decrease  in  its  effectiveness 
at  large  attact  angles  owing  to  movement  into  a  region  of  strongly 
stagnated  flow.  When  the  horizontal  tall  la  mounted  iower  on 
fuselage,  the  Increase  in  vertical-tall  effectiveness  is  accom¬ 
panied  by  a  decrease  in  «».  For  these  reasons,  and  also  In  vie 
of  the  structural  difflcuities  of  ensuring  rigidity  of  the  t 1 
when  the  horizontal  tallplane  is  placed  atop  the  fin,  it  is 
advantageous  to  use  the  lower  horizontal-tali  position. 

When  the  iower  stabilizer  position  is  used,  the  effective¬ 
ness  of  the  vertical  tali  can  then  be  Increased  even  further  by 
using  a  large  stabilizer  negative  dihedral.  This  Is  because  e 
stabilizer  produces  a  plate  effect  In  this  case  and 
area  and  aspect  ratio  of  the  vertical  tail,  stabilizers  ol  t us 
type  are  used  on  the  modern  French  supersonic  aircraft  Irlden 
and  Word  1500  Griffon  and  the  American  Phantom  II. 

The  above  methods  of  increasing  directional  stability  and 
vaw  damping  do  not  always  ensure  the  necessary  value  of  these 
characteristics,  especlaliy  in  high-altitude  flight.  Accepts,  e 


i  maiBi 


that  control-surface  effectiveness 
in-  flight  at  supersonic  speeds. .  This  applies  not  only 
to  the  elevator,  but  also  to  elevens,  ailerons,  and  rudders.  The 
effectiveness  of  the  control  surfaces  decreases  steadily  as  M  in¬ 
creases  above  1.5. 

Aileron  effectiveness  depends  not  only  on  the  forces  set  up 
on  them,  but  also  on  wingspan.  For  swing-wing  aircraft,  the  tran¬ 
sition  to  high  supersonic  flight  speeds  is  accompanied  by  backward 
rotation  of  the  wing.  This  results  in  a  substantial  reduction  of 
the  wingspan  and  the  rolling  moment  from  the  ailerons. 

To  increase  directional-control  effectiveness  at  M  >  2.0, 
it  Is  advisable  to  use  all-moving  vertical  fins  with  conventional 
profiles.  In  flight  at  ¥  >■  H,  all-moving  fins  with  wedge  pro¬ 
files  are  quite  effective  and  are  used,  for  example,  in  the  ver¬ 


w: 

fj 

war 

'^TrflU 

ihlttftili 

a  m  *  t  Tf 

tical-tail  design  of  the  experimental  hypersonic  North  American 


X-15  aircraft. 


Elevons  with  blunt  trailing  edge3  can  be  used  (for  "tailless" 
type  aircraft)  to  increase  lateral-control  effectiveness  at  high 
speeds.  This  measure  to  improve  lateral  and  longitudinal  control¬ 
lability  is  used  in  the  Corvair  F-106,  &AAB-35  Draken,  and  other 
interceptor-type  aircraft. 

The  lateral-control  effectiveness  of  an  airplane  of  conven¬ 
tional  configuration  can  also  be  increased  by  the  use  of  s.t*olliz- 
er  halves  (elevons)  capable  cf  differential  deflection.  This  has 
been  done  on  the  F-lll,  the  North  American  X-15,  the  British  TSR-2, 
and  other  aircraft. 
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We  note  that  the  differential  stabilizer  may  be  inadequate 
as  the  sole  lateral-control  component  on  the  airplane  at  low 
speeds,  and  especially  at  landing.  In  nuch  cases,  it  is  neces¬ 
sary  to  use  combinations  of  lateral  controls  on  the  airplane  as 
follows; 

—  ailerons  together  with  the  differential  stabilizer, 

-  spoilers  together  with  the  differential  stabilizer. 
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FOOTNOTES 

Page 

No. 

155 

^We  refer  here  to  wings  with  sweep  angles  no  larger 
than  H50  and  profile  thickness  ratios  of  the  order 
of  8-14*. 

• 

160 

^The  spoilers  on  the  Convair  880  can  be  opened  to 
their  full  deflection  of  60°  in  about  2  seconds. 

The  tine  to  retract  spoilers  is  usually  shorter 
than  the  time  to  deploy  them. 

171 

^Formula  (8.3)  is  valid  for  a  flat,  untwisted  wing; 
see  A. A.  Badyagin,  "The  maximum  lift/drag  ratio 
of  an  airplane  with  consideration  of  trim,"  Avia- 
tsionnaya  tekhnlka,"  No.  1,  1963,  "Vysshaya  shkola, 

176 

^This  tailplane  design  is  used  on  the  American 
Change-Vought  or  F8U-3  Crusader. 
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Chapter  9 

SELECTION  OP  GEOMETRY  OF  TAIL-PLANES  AND  WING  DIHEDRAL 

§9.1.  SELECTION  OF  GEOMETRICAL  PARAMETERS  OF  THE  AIRPLANE'S 

HORIZONTAL  TAILPLANE 

Generally,  the  norisontal  tailplane  of  an  airplane  consists 
of  a  stabiliser  and  an  ai.vator.  "Tailless"  aircraft  are  an 
exception.  In  this  type  of  airplane,  the  wing  performs  its  own 
functions  and  those  of  the  stabiliser,  while  the  elevens  take  over 
the  elevator  function. 

The  basic  requirement  made  of  a  horizontal  tail  is  that  it 
provide  the  necessary  stability  and  controllability  character- 
iatics  in  all  operational  flight  situations.  However,  it  is  no 
necessary  lr  the  preliminary-design  stage  to  calculate  these 
characteristics  for  all  flight  regimes.  It  is  sufficient  to  esti¬ 
mate  the  longitudinal  stability  and  controllability  character  »- 
tics  In  the  design  flight  modes. 


The  design  regimes  chosen  are  as  follows: 


-  takeoff; 

-  landing  with  gesr  down  at  maximum  flap  deflection; 

-  flight  in  the  regime  most  characteristic  for  the  ,  articular 

airplane ; 

-  flight  at  the  speed  limit  or  Maeh-numoer  limit. 
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Efce  parameters  of  the  horizontal  tail  must  be  such  as  to 
ensure  the  required  trim  margin  (xp  -  *cg)  an<1  adequate  control¬ 
lability  in  these  regimes.  We  note  that  the  ground  effect  must 
be  taken  into  aoeount  in  plotting  trim  diagrams  for  takeoff  (at 
the  instant  of  liftoff)  and  for  landing  with  gear  and  flaps  down. 

On  the  basis  of  the  requirements  made  of  the  horizontal  tail, 
the  following  parameters  of  this  surface  must  be  selected  during 
preliminary  design: 

-  planform  and  placement  on  the  airplane; 

-  the  relative  values  of  the  area  3h>t  “  Sh.t/S  and  the  mo“ 
merit-area  ratio  Ah<t  *  3h<t‘£h<t  of  the  horizontal  tail.  Ah  t 
must  be  such  as  to  provide  the  airplane  with  the  necessary  nor¬ 
mal-acceleration  stability  at  low  speeds  in  maximum  tailheavy 

trim; 

-  the  relative  elevator  area  §ele  -  Seie/Sh.t*  the  ty?e  of 
elevator  compensation,  and  the  maximum  elevator  deflection  angler,. 

The  dimensions  of  the  elevator  (all-moving  stabilizer,  ele- 
vons)  are  considered  adequate  if  they  leave  an  elevator-deflection 
margin  of  at  least  10*  of  the  maximum  deflection  angle  for  a  nose- 
wheeled  airplane  trimmed  at  its  land!.  „  angle  of  attack  with  gear 
and  flaps  down.  For  aircraft  with  tail  skids,  this  margin  mur.t  be 
increased  to  approximately  15-2Q*.  We  note  that  trim  is  checked 
with  the  airplane  in  its  maximum  operational  nose-heavy  «tate. 

If  the  airplane  has  a  moving  stabilizer  and  an  elevator  (ele- 
vons),  it  is  expedient  to  use  the  stabilizer  to  trim  the  airplane 
and  the  elevator  for  finer  pitch-angle  corrections.  The  dimen¬ 
sions  of  the  stabilizer  are  then  selected  for  the  landing  trim  of 
the  airplane,  and  those  of  the  elevator  (elevons)  on  the  basis  of 
the  pitoh  controllability  needed  in  level  flight. 


In  selecting  the  planform  of  the  horizontal  tail,  we  h  gin 
from  the  requirement  that  it  is  desirable  to  have  a  large  Lht  ■ 

-  L  A)  at  any  given  horizontal-tailplane  area.  One  way  of 
accomplishing  this  is  to  sweep  the  tailplar.e  back.  The  tailplane 
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sweep  ahould  be  about  the  same  as  the  wing  sweep.  For  transonic 
aircraft,  the  sweep  angle  of  the  tall  Is  usually  adjusted  so  that 
the  Mcp  of  the  tail  will  be  slightly  higher  than  the  Mcr  of  the 
wing,  l.e.,  sc  that  the  phenomena  associated  with  the  compressi¬ 
bility  of  air  will  appear  cn  the  tail  after  they  have  appeared  on 
the  wing.  This  ensures  retention  of  good  controllability  of  the 
airplane  even  when  its  flight  speed  has  reached  the  value  corre¬ 
sponding  to  the  wing  M  .  If  the  tail  profile  thickness  ratio 

cr  ,  ' 

exceeds  ICjE,  it  ig  recommended  that  the  sweep  cf  the  tall  be  made 
greater  than  that  of  the  wing  by,3°-5°.  These  considerations 
apply  equally  to  the  vertical  tailplane. 


Table  9.1 

Approximate  Over-All  Parameters  of  Horizontal  Tailplanes 

of  Transonic  Aircraft 


'SvvTypc  of 
Para,netep^s\lrcra^^ 

Light  turbo¬ 
jets 

Heavy  turbo¬ 
jets 

Heavy  prop- 
jets 

Ah.t  “ 

0 . 30-0 .  ^5 

0.52-0.76 

0. 8-1.1 

§h.t  *  Sh.t/S 

0.12-0.20 

i 

C. 15-0. 25  , 

0.2-0.28 

W  -  WSh.t 

0.25-0. 30 

0.20-0. 30 

0.2-0.  H 

The  taper  61  the  tailplane  can  be  arrived  at  on  the  basis  of 

' 

statistical  data  for  existing  aircraft  of  the  same  type.  Usually, 

horizontal  tails  are  tapered  in  the  range  Hj.  t  e  1. 5-3.0. 

"  ,  ‘ .  I 

The  position  of  the  horizontal  tail  wa3  discussed  in  §8. 2a, 

*  t 

from  which  It  follows,  for  example,  that  the  horizontal  tail  of 
a  conventionally  configurated  airplane  is  placed  to  advantage, 
other  conditions  the  same,  on  the  fuselage  below  its  longitudinal 
axis  with  . the  largest  possible  -Eh  .  Aircraft  with  engines 
mounted  on  the- fuselage  behind  the  wing  are  an  exception. 

In  first  approximation,  the  moment-area  ratio  ^ 

of  the  horizontal  tail,  as  well  as  §h.t  and  the  relative  eleva- 

tor  area  2  ,  =  S  ,  /S.  can  be  taken  from  statistical  data  on 

616  6l6  n»  C 

e/istlng  similar  aircraft. 
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c4  jn:  Analysis  0  the  horizontal- tailplane  geometries  of  modem 

'  that  they  lie  for  the  most  part  in 
the  ranges  indicated  in  fable  9-1-  For  transonic  aircraft,  the 
horizontal* tailplane  area  ^  includes  the  center  section  In  the 

fuselage. 


Modem  supersonic  aircraft  of  normal  configuration  have  the 
following  horizontal -tail  parameters : 

“0.15  -  0,25; 

3  _  *a 


5r.o.,H„  0,1 


where  8.  «.  is  the  area  of  the  horizontal  tail  washed  by  the 
h*twaah 

airstream.  Very  often,  it  is  equal  to  the  area  of  the  moving 

stabilizer;  L.  .  is  the  distance  from  1/4  b/a  of  the  washed 
‘1,twash 

part  of  the  horizontal  tail  to  the  airplane's  center  of  gravity. 


Calculations  indicate  that  for  "canard"-type  supersonic 
transports,  the  relative  area  of  the  horizontal  foreplane  washed 
by  the  flow,  Sh  f  p,  depends  on  the  function  of  tne  foreplane.  If 
the  horizontal  foreplane  is  designed  basically  to  trim  the  airplane 
(i,e.,  in  the  oase  in  which  jontrol  of  the  airplane  in  pitch  Is 
the  Job  of  the  stabilizer  and  elevens),  then  8h  f  ^  ■  0.02-C.04 
and  the  alevon  area  Sey  *  2Sei/s  "  0(°6-0-l2. 

If,  on  the  other  hand,  the  horizonta1  fornplane  is  to  s-„rve 
as  a  destabilizer,  i.e.,  to  lower  normal-acceleration  stability 
(Xp  -  xog)  at  supersonic  flight  speeds,  its  relative  area  3h  f  ^  « 

■  8.  .  /S  washed  by  the  flow  depends  on  the  required  decrease  in 

ileleP 

normal-aoceieration  stability  at  M  >1.5.  It  can  be  assumed  for 
approximate  calculations  that  one  percent  of  washed  horizontal- 
foreplann  area  displaces  the  longitudinal  center  forward  by  1.7- 
2. OX of  wing  mear  aerodynamic  chord  when  the  foreplane  has  ji  arm 

r«tl0  Vr.p of 
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jsejeofcian  of  the  plitnfora,  profile,  and  tentative  geon- 
aMf /^iai.h^iipnt'ai.  tail  .-and  its  deflection  angles,  it  is  n«c@s» 
aatfiy -to  4etenn»ine  the  position  of  the  airplane’s  longitudinal 

center  and  the  maxlraum-fcallheavy  x  -  and  the  maximum 

noseheavy  T'~  operational  trims  for  the  selected  tailplane  param- 

■  ' 

etera ..  If  it  is  then  found  that  the  range  of  variation  of  the  air¬ 
plane’s  operational  trims  C3„_  -  )  does  not  conform  to  re- 

cgt  sn 

^ulrements ,  this  r.s&.is  that  the  parameters  vf  the  tailplane  must 
be  changed* 

.2.  APPROXIMATE  CALCULATION  OP  LONGITUDINAL  AERODYNAMIC  CENTER 
POSITION  AND  EXTREME  TRIMS  OP  AIRPLANE 


As  we  »cnow,  the  point  about  which  the  pitching  moment  is  in¬ 
dependent  of  attack  angle  is  known  as  the  longitudinal  aerodynamic 
center  of  a  ucdy.  Tne  most  widely  used  definition  Is  different! 
the  longitudinal  aerodynamic  center  is  the  point  of  application 
of  the  increment  to  the  body's  total  aerodynamic  force  that  re¬ 
sults  from  a  change  in  attack  angle. 

Aerodynamic  center 
of  airplane 

r*  >.  [Aerodynamic  j  ^  Aerodynamic  center  of  fuselage 
x  V^v  center,  Kp  v 

^  x  ^  o  f  wl  n g  J  i  "v  _ _ 

pte v'6 dy'n amT o  ijo 
center  of  h . t . I 

Figure  y.l.  Diagram  for  determining  aero¬ 
dynamic  center  of  a  turbojet-engined  air¬ 
plane  . 

In  steady  fl  ight,  the  position  of.  an  airplane's  longitudi¬ 
nal  aerodynamic  cent  r  -  xp/ba)  depends  on  the  aerodynamic- 
center  positions  and  lifts  of  its  lndlviauai  parts:  wing,  fuse¬ 
lage,  engine  pods,  horizontal  tall.  The  position  ot  an  airplane  s 
longitudinal  aerodynamic  center  Is  also  strongly  influenced  by 
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interfersncs  of  th*  wing  with  the  fuselage,  engine  pods ,  and  hori¬ 
zontal  tail.  The  engines  and  flap,  tab,  and  airbrake  deflections 
nay  also  Influence  the  position  of  the  airplane’s  longitudinal 
aerodynamic  center. 

Recommendations  will  be  "iven  below  for  approximate  determin¬ 
ation  of  the  airplane's  aerodynamic  center  position  and  those  of 
its  component  parts  on  the  assumption  that  landing  flaps,  tabs, 
and  airbrakes  are  retracted. 

If  the  positions  of  the  longitudinal  aerodynamic  centers  are 
known  separately  for  each  design  component  of  the  airplane,  the 
aerodynamic-center  coordinate  of  the  airplane  as  a  whole  with  re¬ 
spect,  for  example,  to  point  0  (Pig.  9.1)  can  be  determined  from 
the  relation 

bY‘Xr,=V  &Ytxrr 

(9.1) 

where  Ay  EAy^  is  the  total  lift  increment  for  the  airplane  due  to 

the  increment  in  angle  of  attack,  x„  is  the  coordinate  of  the 

F0 

airplane's  longitudinal  aerodynamic  center  relative  to  point  0. 

Positive  values  of  x_  are  reckoned  in  the  direction  of  flight 

P0 

speed  (see  Pig.  9.1);  AY,  is  the  lift  increment  of  the  i~th  de¬ 
sign  component  of  the  airplane  due  to  the  attack-angle  increment, 

and  xp  Is  the  coordinate  of  the  point  of  appUcation  of  the  lift 
P1 

Increment  of  the  i-th  design  component,  i.e.,  the  coordinate  of 
the  center  reckoned  from  the  point  0  of  the  particular  des'gn 
component  of  the  airplane. 

As  applied  to  a  single-turbojet  airplane  (see  Fig.  9.1),  ex¬ 
pression  (9.1)  is  written 

aY'  xr,~ j/C-f-  ak {if  -  &)  Kp(j  r  «• 

whence  we  obtain  after  transformations 


Cf*  f  %'T  •- W* ~  KJ'  A'”Kr  '  ( 1  ~  £) 

fpl  “  n  ~  rf«  ' 


(9.2) 
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where 


<1  is  the  ran  pressure,  P8r  is  the  specific  thrust,  S  is  the  w!ni 

area  including  the  part  in  the  fuselage,  c®  is  the  derivative  < 

=  '•  yf  ■  '  . 

the  fuselage  lift  coefficient  referred  to  the  midships-section 
area,  Pj  ia  the  «idshipa»8ection  area  of  the  fuselage,  Cc^  )•• 

is  the  derivative  of  the  wing  lift  coefficient  with  respect  to 
angle  of  attack  with  consideration  of  its  interference  with  the 

U*  )«  is  the  derivative  of  the 
yh.t 


fuselage  and  engine  pods, 

horizontal-tailplane  lift  coefficient  with  respect  to  attach  .’ngle, 
referred  to  tailplane  area  with  consideration  of  fuselage  inter¬ 
ference,  Sh  fc  -  Sh  t/S  is  the  relative  area  of  the  horizontal  tail 

Including  the  part  In  the  fuselage,  fc  "  16 

the  moment-area  ratio  of  the  horizontal  tail  with  the  part  in  the 
fuselage  about  the  selected  point  0  (see  Pig.  9.1) »  is  the 

f low-3 tagnation  coefficient  at  the  horizontal  tall,  e  is  the  down- 
wash  at  the  horizontal  tail  in  the  airplane's  plane  of  symmetry, 
and  a  *  a/b  ,  5  ■  b/b„,  and  c  ■  c/b  are,  respectively,  the  arm 
ratios  of  the  forces  AYWg»  AY^,,  and  APSp. 

It  Is  evident  from  (9.2)  that  in  order  to  determine  the  coor¬ 
dinate  of  the  new  airplane's  longitudinal  aerodynam-'c  center,  it  i3 
necessary  to  know,  in  addition  to  its  geometrical  parameters,  the 
position  of  the  center  on  each  design  element,  the  value  of  ey  for 
this  element,  and,  for  a  horizontal  tail  placed  aft  of  the  wing, 
the  downwash  gradient  de/da  (or  de/dcy)  arid  the  stagnation  coef¬ 
ficient  Kh  in  the  region  of  the  horizontal  tail.  Below  we  pre¬ 
sent  material  that  can  be  used  as  a  basis  fer  approximate  deter- 
m-iwoUnn  of  tho  lnncrit  udlnal-center  position  and  the  lifting  prop- 


a)  Peterminatlon  of  Longitudinal  Aerodynamic  Center  Positions 
Lifting  Properties  of  Fuselages  and  Engine  Nacelles 


As  h  rule,  the  fuselages  and  engine?  nacelles  of  modem  air¬ 
craft  and  their  weapons  pods  and  underwing  tanks  are  given  shapes 
closely  approaching  those  of  axisymmetric  solids  of  revolution. 

In  approximate  calculations,  it  is  therefore  quite  acceptable  to 
assume  that  the  aerodynamic  characterist  ics  of  the  fuselages,  and 
engine  nacelles  are  identical  to  those  of  axisymmetric  solids  of 
revolution. 


Figure  9.2  Mach-numbor  vari¬ 
ation  of  the  derivative  (Cy)l(_0 

of  solids  of  revolution  with 
conical  nose  sections. 


Figure  9-3-  Slenderness* rat  to 
curves  of ^aerodynamic-center 
position  xp  *  Xp/d  of  solids 


of  revolution  with  conical 

nose  sec  cions. 


A  wide  variety  of  solld-of-rcvolut ion  shapes  are  used  in  avia 
tion.  A  simple  body  can  be  divided  int.c  two  parts:  a  forward 
(none)  section  and  a  stern  (tail)  section.  The  boundary  separ¬ 
ating  the  tail  arid  nose  sections  of  a  solid  of  revolution  is 
the  cross  seel  ion  with  the  largest  diameter  d,  which  is  known  as 
the  midships-  (maximum-)  .notion  diameter.  In  general,  the  tail 
section  of  the  solid  of  revolution  may  have  a  curved  generatrix 
(in  the  form  of  a  parabola),  but  it  is  usually  made  cylindrical 
or  with  cylindrical  and  conical  segments,  terminating  i.<  a  b  $e 


The  most  common  nose-section  shapes  are  sharp-pointed  with 
conical  and  ogival  generatrices. 


Figure  9*  ^  •  Maeh-number  variation 

of  the  derivative  (c®)„  n 'for 

y  a««u 

ax  1  symmetric  soli. is  of  revolu¬ 
tion  with  ogival  nose  sections. 


Figure  y.5.  Slenderne3s-ratio 
variation  of  aerodynamie^cen- 
ter  relative  coordinate  xp  • 

■  Xp/d  of  solids  of  revolution 

with  ogival  nose  sections. 


The  aerodynami  characteristics  of  sharp-nosed  axisymmetric 
solids  of  revolution  with  cylindrical  tall  sections  are  repre¬ 
sented  graphically  in  Figs.  9.2  and  9.3-  These  figures  give  the 
aerodynamic  characteristics  c“  =  fL(M;  X)  and  x^  -  xp/d  *  f-j'M, 
for  solids  of  revolution  with  conical  nose  sections.  The  slender¬ 


ness  ratio  of  the  corisaj  nose  section  is 


V‘d 


2.85.  It 


is  assumed  that  the  slenderness  ratio  of  the  body  as  a  whole  is 
changed  by  changing  the  slenderness  ratio  of  the  cylindrical  sec¬ 
tion. 


Figures  9*^  and  9.5  give  the  aero.vduaml c  characteristics 


a 


f_(M,  >.)  and  *  xp/d  =  f,.(M,  X'}  for  axlsymnietri  c  solids 
y  .5  r  i  *  . 

or  revolution  with  ogival  nose  sections.  The  generatrix  radius 
of  the  ogival  none  section  is  R  *  8. id. 

The  experimental  results  presented  in  rigs.  9 and  9.5  per¬ 
tain  to  axisymmetric  ;olids  of  revolution  whose  slenderness  is 
varied  by  varying  that  <f  the  cylindrical  section,  while  the 
slenderness  of  the  ogival  nose  section  remains  constant  at  X^  • 

-  I  /d  »  2.85. 
n 
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In  Figs.  9.2  and  9*^»  the  derivative  (c“)  3.?  referred  to  a 

2  ,  y 

midships-aection  area  of  ltd  /k  =  F^,. 

tf  the  fuselage  or  et:gine  nacelle  of  the  vehicle  being  de¬ 
signed  has  a  conical  or  ogival  nose  section  with  a  slenderness 
Xn  ■*  while  the  tail  section  consists  of  cylindrical  and 

conical  segments  and  the  taper  angle  of  the  conical  segment  is 
small,  the  aerodynamic  characteristics  of  the  fuselage  or  engine 
nacelle  will  then  be  closely  similar  to  the  so lid-of -re volution 
aerodynamic  characteristics  given  in  Figs.  9.2-9* 5* 

'i?:.?  hita  (>;iven  in  the s.?  figures  can  also:  be  used  as  approxi¬ 
mate  -■  a. tor' solids  of  revolution  with  paracolic  nose-section 

genera  r  ;• . 

b )  I ».  term '  r  1  itrt,.- r\.  <.,V  Longi  tudinal  Aerodynamic  Center  Posit:  or.  _and 
111’.-, :  vi.z  i  es  of  Wings 


r ' '/?  .  tl  ve 


a 


for  isolated  delta  wings  can  be  detJ 


kf. 


mined  rcm 


diagram  in  Fig.  9.G1  The  position  of  the  1 ongi- 


Fi  nr, 
of  b 

!;•.<, i  : 


•  ./  » rl  at.  ion 

1  -a  1  of 

1  •  J  W  iili.V  • 


I  vV 


t-’igure  9.7.  Plot  of  relative 
coordinate  o'"'  el rot'ynaml  5  c«.-v  ■ 
t, ,  r  x„  t  <>.t  isolated 

:’wg  ,:l 

delta  wings  acair.st,  tan  e/*  an  t 
1 )  with  wedge-shape  1  loading- 
-2.)  with  elli.  ical  lea  1- 
Ing  edge. 


U  n-.a 
me  n 

fol  l  Vi 


1 1 1  e 


r-  with  rc  pect  *0  t!:»  forward  eni  of  the 
a;  &<’  i.rilnea  approx l mt el v  f ••  >r  the 
•  n  l sc  1  :t  i  1  1  la  -wi  ne  .at  F  <  • 


where 


x»  —0,37  -< — 0,01*,,, 


(M> 


_P 

s' 


_ :v _ 

«E  Xn.KP 


Expression  0.4)  can  be  used  to  determine  aerodynamic-center 
coordinates  for  delta  wings  with  aspect  ratios  of  1.5  to  3*0. 
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Figure  9.8.  The  derivative 

(ca  )  .  for  slraight  (un- 

v  v  v«Q 
w  Wg  K 

swept)  wing  as  a  function 
of  aspect  ratio  X  at  M  < 
<0.5. 


FI gux’e  9.9.  Mach-number  plot  of 
the  ratio  (c“  )M/(CV 


'V  ;M,vCywa;M<C.5* 

*vWg  wg  “ 


Figure  9.10.  Relative  coor¬ 
dinate  of  aerodynamic  center 

«  /t  — .  i  (.  of 


X  a  x,./b  of'  Isolated 
*F  F  a 

wg 

swept  wing  a.;  a  function  ol 


Figure  9.11.  Plot  of  the  func¬ 
tion  F(n)  against  the  taper 
r>  of  a  swept  wing. 


™***»*0  -  ... 

A  tan  xF(o)  at  M  -  '*  " 
wg 


-he  position  of  the  J.ohgl  W<U„.a  o,  ro^namU-  center  of  an 

.  ,]  ,K„™int.d  tv  i '  M  •’  l  from  the  diagram 

Isolated  delta  wing  can  b. 
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■lUvFlg.-  $,7.,  Here,  curve  1  pertains  to  delta  wings  with  wedge- 
'heading  edges,  and  cur//,  2  to  wings  with  elliptical  lead¬ 
ing  edges. 

.  r  For  isolated  swept  wings,  the  derivative  c®.  i 3  determined 

.  •  y*s 

approximately  from  the  expression 


Where  (c*  )  ^  is  the  derivative  characterizing  the  lifting  prop 

erties  of  the  straight  wing.  It  is  determined  fox’  M  <_  0.5  from 
Pig.  9.8  (where  a  is  in  radians). 

If  the  derivative  (c®  )  of  a  swept  wing  is  known  for  small 


Mach  numbers  M  <  0.',  its  values  for  M  >  1.0  are  easily  deter¬ 
mined  f’r\,m  the  data  of  Pig.  9.V.  figure  presents  a  plot  of 

the  ratio  (c®  )M/(c®  c  agains  t  Mach  number,  where  (c®  ),. 

ywg  w  ywg  ywg 

is  the  derivative  for  the  isolated  swept  wing  at  any  M  <  3-0  and 

(c°  is  the  derivative  for  ti.c  isolated  swept  wing  at  small 


The  relative  coordinate  of  the 
longitudinal  aerodynamic  center 


for  an  isolated  swept  wing  can  be  de 
termined  for  small  M  j_  0.5  from 
Fig.  9.10,  where  A  ’an  X’P(h)  i-A 

W 

tne  abscissa .  Here ,  x  is  the  lead¬ 
ing-edge  sweep  angle  of  the  wing, 
ff(n)  is  determine  i  from  the  diagram 
in  Fig.  9.1-1  »  and  n  *  t^/'b  is  tno 
wi  >  tan^r  ratio. 


Figure  9 . 12 ^  Variation  of 
the  ratio  (Xp)^/i x^,)j^<o.(^ 

with  M  for  swept  wings 
with  3Weep  angles  larger 
than  !l 5’  - 


Tby  position  of  the  .u 
the  forward  point  of  1 
d  for  M  >  1.0  from  Fig. 
been  determined. 


center  of  a 
aerodynam!  *■ 
its  pool  1H 


If 


Figure  9’i3. 


M 


Plot  of  c“ 

ywgl 

as  a  function 


of  fuselage  relative  diameter 

»  d yZ. 


WV. 


Figure  9.14.  Plot  of  S* 

ywg2 

■  (ca  )»«/(c“  )»  against 

ywg  ywg 

relative  diameter  of  engine 
nacelle  dgn/Z. 


Figure  9.15.  Influence  of 
engine  nacelles  on  posi¬ 
tion  of  wing  aerodynamic 
center. 


Interference  of  a  wing  of  any 
planform  with  the  fuselage  lowers 
the  lifting  properties  of  the  wing 

(ca  )  and  shifts  its  longitudinal 
ywg 

aerodynamic  center  toward  the  trail 
ing  edge .  The  extent  of  this  inter 
ference  depends  chiefly  on  tne 
ratio  of  the  maximum  fuselage  dia- 
eter  to  the  wingspan,  i.e. ,  or 
df  /l. 

If  fuel  talks  or  engine 
nacelles  are  mounted  on  the  wing 


tips,  their  influence  on  the  wing 

reduces  to  an  increase  in  the  derivative  c“  and  a  forward  shift 

wg 

of  the  longitudinal  aerodynamic  center  on  delta  and  swept  wings. 
This  effect  of  wing  tin  nacelles  on  the  wing  is  manifested  in 
the  presence  and  in  the  absence  of  a  fuselage.  The  quantitative 
characteristics  of  th'sc  effects  are  presented  in  diagram  form  in 


Figs.  9.13-9.15. 
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Pigure  9.13  shows  c®  ■  (e®  )Vc®  aa  a  function  of  fuse- 

•  Wgl  ywg  'wg 

lage  relative  diameter  for  M  <  0.5  and  M  >  1.0. 

Here  (c®  )•  is  the  derivative  of  the  wing  lift  coefficient 

ywg 

with  respect  to  angle  of  attack  when  the  wing  is  mounted  on  the 
airplane's  fuselage  and  c®  is  the  derivative  of  the  isolated- 

*  |f g 

wing  lift  coefficient  with  respect  to  angle  of  attack. 

Theory  and  experiment  have  shown  that  the  results  given  in 
Pig.  913  can  be  used  for  delta,  trapezoidal,  straight,  and  swept 
wings  mounted  on  a  cylindrical  airplane  fuselage  section  in  the 
Mach-number  range  M  *»  0.2-5* 0  and  at  angles  of  attack  a  *  0-6°. 

Pigure  9.1**  shows  0®  **  (c®  )##/(c®  )•  as  a  function  of 

ywg2  ywg  ywg 

the  relative  diameter  d m9./l  of  the  engine  nacelle. 

en 

Here  (c®  )**  is  the  derivative  of  the  wing  lift  coefficient 

ywg 

with  respect  to  angle  of  attack  in  the  presence  of  a  fuselage  and 

wing  tip  engine  nacelles,  i.e.,  wfcei.  the  wing  with  the  nacelles 

as  mounted  on  the  fuselage,  and  (c®  )*  is  the  derivative  of  the 

ywg 

wing  lift  coefficient  witn  respect  to  angle  of  attack  when  the 
wing  is  mounted  on  the  fuselage  without  the  engine  nacelles. 

Theory  and  certain  experimental  data  indicate  that  the  re¬ 
sults  shown  graphically  in  Pig.  9*1^  can  be  used  for  delta  and 
swept  wings  mounted  on  a  cylindrical  fuselage  section  in  such  a 
way  that  their  center  chords  coincide  with  the  fuselage  (solid- 
of- revolution)  axis,  while  the  axer  of  the  wing  tip  engine  nacelles 
lie  in  the  plane  of  the  wing.  These  results  are  valid  in  the 
Mach-number  range  from  0.2  to  3*0  if  the  fuselage  relative  diam¬ 
eter  is  in  the  rahge  d ^/l  *  0-0*35* 

Pigure  9.15  shows  how  the  longitudinal  aerodynamic  centers  of 
delta  and  swept  wings  are  shifted  as  a  result  of  their  interfer¬ 
ence  with  the  fuselage  and  wing  tip  engine  nacelles  at  subsonic 
and  supersonic  speeds*  We  see  that  an  increase  in  the  fuselage 

relative  diameter  d Jl  increases  x«  *  (x-  )**/xp  ,  j*®*» 

1  wg  wg  Kg 
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shifts  the  longitudinal  center  toward. the  wing  trailing  edge. 

Here  (xp  )**  is  the  relative  coordinate  of  the  wing  longitudinal 
wg 

center  with  cot  -liberation  of  wing  interference  with  the  fuselage 

and  engine  nacelles  and  x,.,  is  the  relative  coordinate  of  the 

wg 

longitudinal  aerodynamic  center  of  the  isolated  wing. 

An  increase  in  the  engine-nacelle  relative  diameter  den/7 

causes  a  decrease  in  xp  ,  and  this  means  that  placing  wing  tip 

*wg 

engine  nacelles  on  delta  and  swept  wings  shift  their  longitudi¬ 
nal  foci  forward. 

We.  note  that  the  data  given  in  l-'lga.  9.13-9.15  were  calcu¬ 
lated  in  such  a  way  that  the  entire  effect  of  mutual  Interference 
of  the  wing  with  the .fuselage  and  with  the  wing  tip  fuel  tanks 
and  engine  micelles  would  apply  only  to  the  wing,  i.e.,  it  Is  un¬ 
necessary  to  consider  the  Influence  of  the  wing  in  determining 
the  lifting  properties  and  longitudinal-center  positions  of  the 
fuselage  and  micelles. 

c )  Doiom. Inal. ion  of  Liftlnr  Properties  and  t: von  of  Longitudin¬ 
al  AtfrodynTuid'c  Gen  tot,  for  the  Horizontal  Tall 

The  coordinate  of  the  longitudinal  aorodynaii.i  c  center  cf  the 
horizontal  tail  relative  from  ft*  forward  point  of  its  mean  aero¬ 
dynamic  chord  must  be  determined  in  the  same  way . as  for  Wings,  . 
with  consideration  of  tne  fuselage  effect ;  fuselage,  diameter,  is 

to  be  measured  at  the  3/2  h  level  of  the  horizontal  tai ’plane. 

h.t 

In  determining  M.  ■  lifting  properties  of  a . horizontal  tail 
mounted  aft  of  the  wing,  It  is  necessary  to  consider, how  they  arc 
influenced  rut- only  by  the  section  of  fuselage  on  which  hi*--  hori¬ 
zontal  tail  is  mounted,  but  also, by  the  part 'of  the  fuselage  for¬ 
ward  of  the  horizontal  tail.  U  is. hi.:',  necessary  to  allow  for 
the  influence  of  the  wing  on  tne  lifting  properties -  of  the  hori¬ 
zontal  tail.  Those  ,  .  two  effects  on  tbo  1 1  ft / ng:  prnpert'l eo  o f 
the  horizontal  tail  are  taken  into'  account  by  "dei -•■rmvn fug  tne  down- 
wash  gradient  at  the  tail,  de/da  *  e®de/di  ,  and  t  u"  1  low  stagna- 
,icn  coefficient  K(i  t  in  the  region  of  the  -.ori  z.or  ’  si  tail. 
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Consequently ,  the  lift  increment  dY^^  of  the  horizontal  tail  due 
to  a  change  in  the  airplane’s  angle  of  attack  Is  determined  with 
oonftideration  of  the  fuselage  and  wing  effects  by  the  familiar 
expression 


A  J'f.a -(ClJ  [  1  ■“  "rfir)  V 


(9.6) 


where  da  is  the  attack-angle  increment,  (c®  )*  is  the  derivative 

"h.t 


of  the  horizontal-tall  lift  coefficient  with  respect  to  attack 
angle.  It  is  determined  in  the  same  way  as  for  the  wing,  with 
consideration  of  the  fuselage  effect}  Sh  ^  is  the  area  of  the 
horizontal  tall  counting  the  part  in  the  fuselage,  if  the  hori¬ 
zontal  tail  is  mounted  directly  on  the  latter. 

If  the  horizontal  tall  of  an  airplane  uith  a  wing  having  an 


aspect  ratio  X  <  3.0  is  mounted  on  the  fin  far  above  the  fuse- 
WS  ‘If  the  horizontal  tail  is  in 


lage,  we  can  take  a  Kh  t  -  0.9' 
the  immediate  vicinity  of  the  fuselage,  *  0.85* 


If  the  airplane  has  a  large  wing  aspect  ratio,  l.e.,  Xwg  > 


>  3.0,  then  Ku  *  is  determined  by  the  expression 
n«  v 


-0,95- 0,4  -§hs. . 


(  .7) 


where  S-  is  the  area  of  the  horizontal  tailplane  covered  by  the 
fh.t 


fuselage. 

The  derivative  de/da 


ea  dc/dc  ,  which  characterizes  the 


wg 

variation  of  the  downwash  at  the  horizontal  tailplane  as  a  func¬ 
tion  of  attack  angle,  is  easily  determined  if  de/dcy  is  known. 
For  delta-wing  aircraft  flying  at  subsonic  speeds,  this  quantity 
can  be  determined  from  the  formula 


,9.8) 


O.M 


*<y 


KJK, 


where 
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2  on 


^,=0,96t“-; 


7*  2/r,o  , 

•*'.<>  - j  * 


l  is  the  wingspan J  L.  .  is  the  distance  between  the  center  of 
gravity  and  the  aerodynamic  center  of  the  horizontal  taili 

555 1  — 0/75~ 

where  y*h  t  «  2yh  fc/7  and  yh>t  13  the  distance  between  the  wing 
root  chord  line  and  the  longitudinal  aerodynamic  center  of  the 


horizontal  tail. 


Table  9.2 


-2  !  1  1  0.5 


A',  0.61  0,52  j  0,43  K 

r 


I  0,83  0,7  j  0,53 


For  swept-wlng  aircraft ,  the  derivative  de/do  is  given  by 


,h_  _j_ 

llfu 


(9.9) 


where 


*i  »■ (0,45 -0.JX,,)  (  “). 


n  is  the  relative  >  per  of  the  wing, 


*3  I  —  0,i  (2“  Ji’r.ii)  If 

*4_=l-f0,(5sin3/. 
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For  supersonic  speeds,  the  derivative  de/dc  for  delta  wings 

w 


and  trapezoidal  wings  with  straight  leading  edges  can  be  deter¬ 
mined  from  the  formula 

< 

A.I  I  «»  U  I 

(9.10) 


< /« 


tfet 


*ki» 


where  y^  ^  *  ^h,t^  *3  c^e  di8tance 


(1) 


of  the  horizontal  tail- 
plane  above  or  below  the  wing  vortex  sheet,  expressed  as  a  frac¬ 


tion  of  wing  half-span,  K  is  a  coefficient  indicating  the  depen¬ 


dence  of  de/dCy  on  E*h  t  (see  Table  9*2),  and  is  a  coefficient 


indicating  the  dependence  of  the  derivative  de/dcv  on  the  taper 

J 


of  a  cropped  delta  wing  (see  Table  9.2). 

We  note  that  formula  (9.10)  can  also  be  used  to  determine 
the  downwash  behind  swept  wings  with  trailing-edge  sweep  angles 
no  greater  than  25° . 


Having  determined  the  position  of  the  airplane's  longitudinal 
aerodynamic  center,  we  can  proceed  to  determination  of  the  extreme 
trims .  . 


d)  Determination  of  Extrema  Tailheavy  and  Extreme  Noseheavy  Trims 


of  the  Airplane.' 


If  the  coordinate  of  the  airplane's  longitudinal  aerodynamic 
center  relative  to  the  forward  point  of  the  mean  aerodynamio  chord 


i5?/h, 


is  known,  the  maximum  tailheavy  operationa)  trim  of 


the  airplane  x  is  easily  determined  if  the  maximum  permissible 
cgt 


normal-acceleration  stability  at  subsonic  speeds  Is  also  known. 

The  smallest  acceptable  normal-acceleration  stability  (Xp  -  xc^  ) 

depends  on  the  type  of  airplane.  Thus,  for  Interceptors 

<3L  -  3L„  v 


•••  «  0.02-0.«i  for  bonders  (x«  -  x„„  )  *  0.0M-0.06,  and 
f  cgt  F  cgt 


for  passenger  aircraft  (3L  -  x._  )  s  0.08-0.10. 

*  cg:t 


The  maximum  noseheavy  trim  x„  is  determined  from  the  air- 


C£ 


plane'3  landing-trim  conditions: 
Pootnote  (1)  appea  s  on  page  235. 


h 
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f  . 


iSkkJi 


^  +  ^0«oc»  G| 


(9.11) 

(9.12) 


Mt'-tMpM  +  Aty-r ■A*:-A',8IWi  +  .M,/>=0,  (9.12) 

where  Y  is  the  lift  of  the  airplane  with  landing  flaps  down  and 
with  consideration  of  the  ground  effect;  ?  is  powerplant  thrust, 

M_  is  the  pitching  moment  at  o  «  *  »  6  *  0,  Ma,  and  M  el 

z0  el  z  z  z 

are  the  derivatives  of  the  airplane's  pitching  moment  with  re¬ 
spect  to  angle  of  attack  and  the  deflection  angles  of  the  sta¬ 
bilizer  and  elevator,  respectively,  is  a  coefficient  that  takes 
account  of  the  required  elevator-deflection  margin  available  at 
landing,  4>  is  the  stabilizer  deflection  angle  (a  defined  quantity), 

6  ,  is  the  maximum  elevator  deflection,  a,;.  Is  the- airplane 7  a 
max  ■  tag 

landing  angle  of  attack.  It  can  be  assumeu  in  first  approxima¬ 
tion  that  a,  ,  »  10°-] 2°;  M  3  Py„  is  the  moment  of  the  thru3t 
ldg  zp  ‘ 

P,  which  passes  at  a  distance  yp  from  the  airplane's,  center  of 

gravity;  M  >0  If  the  thrust,  sets  up  a  pitchup  moment. 
z? 

After  simple  transformations,  we  obtain  expressions  for  the 

maximum  no so heavy  position  x  of  the  center  of  gravity  and  the 

En 

lift-trim  coefficient  to  land  the  airplane  with  maximum  noseheavy 
trim:  .  ,  _  ,  ....  4  .. . 


!•«,,,  <  m: v  i  "«>7 


(9.13) 


r„  ,  ■  ...  I  c\i  r'«Ky<<, 

*  IhH  .C.I.i  V  '  l’  i'  1  1  |:Uf  ‘ 


/’  i'  ‘  1  i:Uf  1  '  Ml!*.  1  f.n*M 


{ n .  i  n ) 


whore  m*»  — y  is  the  thrus moment  coefficient, 

c  -v  ■■ 

■  ±iClr  J  A,. 

(in  those  express !  - oj ,  the  minus  sign  is  used  when  the  tali 

is  situated  aft  of  the  center  of  gravity);  oar,  bo  assumed 

‘  0 

equal  to  zero  in  first  approximation,  iii;(  and  n  ,  are  the 
FTD-HC-  2  3  -  7  5  3-  7 1  ?‘>7 
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effectiveness  coefficients  of  the  stabilizer  and  elevator,  respec¬ 
tively}  at  subsonic  speeds,  it  can  be  assumed  that  n0^  »  /Se^/Sh  t, 
while  at  supersonic  speed  n0^ 


WSh.t  ' 


5el* 


ngt  is  defined 


similarly}  Sh>t  is  the  total  area  of  the  horizontal  tailplane,  in¬ 
cluding  the  elevator; 


£&. 

»*r  S 


CJ"==^r.J‘5r.o^r.o«.; 


2 

cD  ■  2P/pV  S  is  tne  thrust  coefficient,  Ac  is  the  lift-coef- 
p 

ficient  increment  due  to  lowering  the  landing  flaps.  This  quan¬ 
tity  can  be  taken  from  statistical  data  in  first  approximation; 

Ac  is  the  lift-coefficient  increment  due  to  the  ground¬ 
ed 

proximity  effect.  It  can  be  taken  from  the  statistics  in  first 
approximation. 

§9-3.  SELECTION  OF  VERTICAL-TAILPLANE  PARAMETERS,  WINQ  DIHEDRAL 
ANCLE,  AND  AILERON  PARAMETERS 

a)  Selection  of  Vertlcal-Tallplane  Parameters 

The  vertical  tail  of  an  airplane  usually  consists  of  a  fin 
(fins)  and  a  rudder.  They  are  subject  to  the  following  require¬ 
ments  : 

-  they  must  provide  the  airplane  with  the  required  lateral 
stability  and  controllability  characteristics  in  all  operational 
flight  conditions; 

~  they  must  make  it  possible  to  trim  the  airplane  in  the 
event  of  failure  of  one  outboard  (critical)  engine  during  take¬ 
off  at  c  «  c  with  the  flaps  ui  , 
y  yl/o 

-  they  must  make  it  possible  to  trim  the  airplane  in  the 
event  of  failure  of  two  engines  on  one  side  in  flight  in  the  con¬ 
dition  most  characteristic  for  the  particular  aircraft  type; 

-  they  must  ra/e  it  possible  to  land  the  airplane  without 
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crabbing  in  a  side  wind  with  a  speed  of  no  less  than  15  m/s. 

It  is  possible  to  conform  fully  to  all  these  requirements 
made  of  the  vertical  tailplane  of  a  modern  aircraft  only  when  both 
the  vertical  tailplane  Itself  and  the  entire  aircraft  are  properly 
configurated  and  automatic  devices  are  used. 

During  the  preliminary-design  process,  it  is  necessary  to 
select  the  following  vertical-tail  parameters: 

-  planform  and  position  with  respect  to  the  fuselage  and 
with  respect  to  the  horizontal  tailplane; 


-  the  relative  value  of  the  area  Sy  ■  Sv  and  the 

moment-area  ratio  B  ■  Sif  L  /SI  of  the  vertical  tailplane; 

v. t  v. t  v. t 

-  the  rudder  relative  area  §  .  *  S,, ,.,/S  ,  the  type 


-  the  rudder  relative  area  §rud  *  ‘^rud^v.t’  ttie  °** 

compensation,  and  the  maximum  rudder  deflection  angles. 

Table  9.3 

Over-Ail  Dimensions  of  the  Vertical  Tailplanes  of 
Modern  Transonic  Aircraft 


'  ^Aircraft 
Parameter 
Bv.t  *  Sv.tLv.t/J 

Vt  “  Vt/S 

^rud  s  SruJ//Sv.t 


Light  turbo¬ 
jets 


Heavy  aircraft 


0.06-0.10 

0.040-0.065 

0.15-0.20 

0.10-0.17 

0 . 20-0 .28 

0.22-0.35 

i (20°-25°) 

L _ 

t(20<!-25°) 

Prop Jet 
0.050-0.080 

0.13-0.19 

0.08-0.50 

a(20°-;V  ) 


The  planform  and  profile  of  the  vertical  tail  are  selected 
on  about  the  same  basis  as  the  planform  and  profile  of  the  hori¬ 
zontal  tail.  The  reader  is  referred  to  §8.3o  concerning  the  posi¬ 
tion  of  the  vertical  tail  with  respect  to  the  fuselage  and  hori¬ 
zontal  tail. 

The  relative  values  of  the  areas  5V>(  and  SruU  and  the  mo¬ 
ment-area  ratio  B  .  of  the  vertical  tail  are  taker  in  first 

V  <  w 
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approximation  from  statistical  data. 
Analysis  of  statistics  on  t* e  geo¬ 
metrical  parameters  of  vertical 
tallplanes  as  used  on  modern  tran¬ 
sonic  airplanes  indicates  that  S„  h , 

Bv,t»  ^rud  are  in  the  ranEefJ  ln~ 
dicated  In  Table  9.3* 


In  determining  the  parameters 

listed  in  this  table,  only  the  part 

of  the  fin  above  the  fuselage  was 

included  in  the  vertical -tailpiane 

area.  Ventral-fence  areas  were  not 

included.  Figure  9*16  schematizes  the  determination  of  the  area 

of  the  vertical  tail,  the  position  of  its  mean  aerodynamic  chord 

b  ,  etc. 
av.  t 

Modern  supersonic  aircraft  have  the  following  vertical-tail- 
plane  parameters: 


Figure  9.16.  Illustrating 
determination  of  vertical 
tailpiane  area  Sy  t  and 

its  span  l'  t. 


B 


,.0~  0,07-4- 0,11;  5„„3s0,16-»-U,20; 
3>.„  0,20  -h  0,26;  ^  ±  25°. 


We  note  that  large  values  of  B„  „  are  characteristic  for 

v.  t 

supersonic  interceptors.  Analysis  of  statistical  data  indicates 
that  the  effective  aspect  ratios  of  the  vertical  tailplanes  of 
modern  personic  aircraft  lie  in  the  range  1.5  <  <  3.5* 

Here  the  effective  aspect  ratio  of  the  vertical  tail  is  a 
relative  quantity  equal  to  the  ratio  of  the  square  of  the  effec¬ 
tive  span  of  the  vertical  tail  (see  Fig.  9.16)  to  the  area 

of  the  vertical  tail: 


The  vertical  tailplanes  of  modem  transonic  and  supersonic 
aircraft  are  tapered  in  the  range  1.5  <  nvt  £3.3.  However, 
vertical  tails  with  tapers  of  2. 5-3*0  are  most  frequently  en¬ 
countered. 
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Thft  area  of  the  ventral  fences  used  to  improve-  lateral  sta¬ 
bility  and  controllability  characteristics  represent  2—5%  of  wing 
area.  The  effectiveness  of  ventral  fences  per  unit  of  fence  area 
is  approximately  1.5-1. 8  times  the  effectiveness  of  the  main  dor¬ 
sal  tailplane  surface. 

Following  tentative  selection  of  the  vertical-tailplane  and 
nidder  dimensions,  it  is  necessary  to  establish  the  wing  dihedral 
and  aileron  parameters. 

b)  Selection  of  Wing  Dihedral  and  Aileron  Geometry 

g 

The  designer  can  adjust  the  lateral  stability  nr  of  the  air¬ 
plane  by  varying  the  dihedral  of  its  wing.  Modern  transonic  and 
supersonic  aircraft  with  swept  and  delta  wings  are  given  a  nega¬ 
tive  dihedral  to  lower  lateral  stability,  which  becomes  excessive¬ 
ly  high  in  flight  at  large  angles  of  attack  (i.e.,  at  large  c  ). 

V 

Statistical  data  indicate  that  modern  transonic  and  supersonic 
aircraft  generally  have  negative  wing  dihedrals  from  aero  to  -f°. 
However,  there  are  also  known  aircraft  configurations  with  nega¬ 
tive  wing  dihedrals  of  minus  ten  degrees.  A  large  wing  negative 
dihedral  results  In  a  substantial  decrease  in  the  distance  be¬ 
tween  the  ground  and  the  wirgfcip3.  This  distance  must  be  suf¬ 
ficient  to  prevent  the  airplane  from  striking  its  wings  on  th? 
-ground  during  takeoff  and  landing  in  cross  winds  up  to  15  m/.< . 

For  this  purpose,  the  negative  wing  dihedral  is  sometimes  imparted 
not  to  the  entire  wing,  but  only  to  its  tip  sections.  It  is  ap¬ 
propriate  to  note  thau  the  airplane's  lateral  stability  can,  In 
principle,  be  lowered  by  imparting  a  negative  dihedral  to  the 
horizontal  tailplane  fandj  by  rlaclng  the  wing  lower  on  pin?  fuse¬ 
lage.  However,  the  latter  measure  lowers  the.  airplane's  Lift,,' 
drag  ratio  and  increases  the  fuselage-to-ground  distance,  whirl 
makes  it  difficult  to  use,  for  example,  on  transport  airplanes . 

It  i3  expedient  to  begin  by  assigning  a  wing  dihedral  on 
the  basis  of  statistical  data,  with  subsequent  hypothetical  test 
ing  and  adjustment. 
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Aileron  geometry  is  arrived  at  on  the  basis  of  lateral- 
control  requirements.  Basic  among  the  latter  are  the  following: 

-  providing  for  trimming  of  the  airplane  at  zero  slip  angle 

in  the  event  of  failure  of  an  outboard  engine  during  takeoff  with 

e  *  c  (wing  flaps  up)} 
y  yl/o 

-  making  it  possible  for  the  airplane  to  execute  its  landing 
glide  and  landing  (gear  and  flaps  down)  in  a  15-m/s  crosswind 
blowing  at  90°  to  the  runway; 

-  providing  for  trim  of  the  airplane  in  the  event  of  in¬ 
flight  failure  of  two  engines  on  the  same  side  in  the  flight 
situation  most  characteristic  for  the  particular  airplane; 

-  aileron  efficiency  must  be  such  that  when  they  are  fully 
deflected  during  takeoff  and  landing  at  speeds  V- (1.1-1. 3)^, 
the  dimensionless  steady-state  roll  angular  velocity  u>x  ■ 

■  u>x2:/2V  will  be  greater  than  or  equal  to  0.07; 

-  the  ailerons  of  maneuverable  aircraft  must  be  able  to  set 
up  a  roll  angular  rate  of 

1  rad/s  £  wx  <  1.6  rad/s 
in  flight  at  the  speed  limit; 

-  the  stick  effort  per  unit  of  roll  angular  velocity  at  the 
flight-speed  limit  munt  not  exceed  a  certain  value. 

Statistical  data  on  modern  aircraft  and  calculations  indi¬ 
cate  that  these  requirements  can  generally  be  satisfied  by  using 
conventional  ailerons,.  Their  dimensions  should  be  in  the  follow¬ 
ing  rang*?: 

-  aileron  relative  area  2S&/S  a  0.036-0.087'}  the  smaller 
figure  is  more  pertinent  to  interceptor-type  aircraft,  and  the 
larger  to  heavy  aircraft; 

-  the  chord  of  the  ailerons  (to  the  aileron  hinge  axis) 
should  be  20  to  30T  of  the  wing  chord; 
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-  the  span  of  the  ailerons  Is  often  limited  by  the  span  of 
the  landing  flaps,  usually  representing  30-40!?  of  the  wing  half¬ 
span  . 

The  maximum  aileron  deflection  angle  depends  on  the  type  of 
balancing  employed  and,  according  to  statistical  data,  ranges  from 
2CK-  to  30*^.  We  note  that  the  relative  span  and  chord  of  the  aile¬ 
rons  are  selected  simultaneously  with  the  dimensions  of  the  balanc¬ 
ing  tabs  and  the  maxirum  aileron  deflection  angle. 

Having  arrived  at  the  geometry  of  the  vertical  tailplane,  the 
ailerons,  and  the  wing  dihedral,  it  is  necessary  to  make  an  ap¬ 
proximate  calculation  of  the  airplane’s  lateral-stability  deriva¬ 
tives  and  its  axial  moments  of  inertia,  and  then  to  check  the 
selection  of  the  vertical-tailplane  and  aileron  geometries  and  the 
wing  dihedral  against  them. 

§9.4.  APPROXIMATE  CALCULATION  OP  THE  AIRPLANE'S  LATERAL  STABILITY 
AND  CONTROLLABILITY  DERIVATIVES 

a)  Calculation  of  the  Airplane's  Lateral  Stability 

The  lateral  stability  m®  of  the  airplane  is  determined  basic¬ 
ally  by  the  wing,  the  vertical  tailplane,  and  wing-fuselage  inter¬ 
ference.  The  lateral  stability  due  to  the  fuselage,  the  nori  '.'.ont- 
al  tail,  and  their  interference  is  usually  small  and  can  be  dis¬ 
regarded  In  preliminary  design.  Or.  this  basis,  the  airplane's 
lateral  stability  can  be  written 

ml  4-  imj  j-  m:'  ;  (  < .  lh  } 

K'P  h'*T  ’  IMI 

where,  m^  is  the  lateral  stability  due  to  the  airplane's  wing, 
ft  Xwg 

Am  is  the  lateral-stability  Increment  due  to  Interference  <4 
xint  g 

the  w'ng  with  the  fuselage,  and  nr  is  the  lateral  stability 

*v.t 

due  to  the  vertical  tailplane.  Let  us  consider  the  calculation  of 
each'  term  in  (9.15) • 

It  13  known  that  when  a  sweptback  or  delta  wing  acquires  u 
slip  angle,  the  forward  half-wing  has  a  smaller  effective  sweep 
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the  sweep  angle  of  the  other  wing  half  increases  by 
the  amount  of  th<e  slip  angle  8*  This  results  in  changes  of  the 
cy  of  the  right  and  left  wings  in  slip  and  in  the  formation  of  a 
wing  rolling  moment  characterized  by  its  coefficient  m®.  It  has 
been  established  theoretically  and  experimentally  that  the  lateral 
stability  of  a  swept  (delta)  wing  with  aero  dihedral  increases  as 
the  lift  coefficient  of  the  wing  increases  up  to  a  certain  point. 

If  a  wing  of  any  planforra  has  a  dihedral  angle  ifi  (formed  by 
the  chord  planes),  the  angle  of  attack  of  thf  forward  wing  half 
increases  at  a  slip  angle  8,  while  it  decreases  on  the  other  half 
of  the  wing  by  an  amount 

This  results  in  changes  in  the  lift  of  the  left  and  right  wings 
and  the  appearance  of  a  wing  rolling  moment  at  any  angle  of  attack 
a. 

The  airplane 'b  lateral  stability  is  strongly  influenced  by 
the  heigh twise  position  of  the  wing  on  the  fuselage.  Thus,  a 
high  wing  increases  lateral  stability  as  a  result  of  wing-fuse¬ 
lage  interference.  A  low  wing,  on  the  other  hand,  lowers  lateral 
stability. 

It  follows  from  the  above  that  the  wing  lateral  stability 
can  be  determined,  without  consideration  of  its  interference  with 
the  fuselage,  from  the  formula 


(9.16- 


L 

where  (it"  )  is  the  lateral  stability  due  to  the  sweep  of  the 
wgfix 

wing  and  (zr  ).  is  the  lateral  stability  due  to  the  wing  dihear.il 

angle  #.  At  small  m,  (mj  )  and  (m®  ).  car.  be  determined  appro x- 

wg  x  wg  w 

imately  from  formulas  (9  •  17)— C 9  -  22 ) . 


For  delta  wings  with  relative  tapers  •  >  r>  >  5,  these  deriva¬ 
tives  can  be  deterr’r.ed  from  the  expressions 
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— 0,li5tgz«.*p  '^TT^: 


(*i  )+—  — 0,167fJ  -A±L  $, 

'  *p  f  *«p  ij  j-  l  T 


(9.17) 

(9-18) 


where  n  *  bft/b  is  the  wing  relative  taper  and  b  is  the  length 

U  O  € 

of  the  tip  chord. 


Table  9-^ 


For  sweptback  wings  with  relative  wing  tapers  n  <  5, 
(ml  f  -3-±f  c,; 

'  «P  X  -1  «  T1  +  1 


(v.v.O 


(«\  )v  —  <‘13r; 

'  Vp"  hp  l|vl 


( 9 . 9  C 


For  unswept  wings 


r  K,  f « .  15«!  -  0. 15> 
l  'kp  <1  + 


where  X  is  the  wing  aspect  ratio,  Kn  is  a  coefficient:  that,  h- 
wg  u 

pends  on  wing  taper  (see  Table  9-iO»  and 

uni  ).  — 0.1«r’  9.  .  (c,<2' 
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Figure  9.17.  Plot  of  ra  /[I  +  (c,,/h<.)]  against 

xlnt  A  1 

helghtwl.se  position  of  wing  on  fuselage  y,,_/h«.  at 

A  w  * 

small  M  <  O.b 

Thr  increment  to  the  airplane’?  lateral  stability  due  to  the 
interference  of  an,v  wing  planform  with  the  fuselage  can  be  deter¬ 
mined  from  the  formula 


<■.*  \  *♦ 


(9.231 


where  cf  and  n,.  ar:  the  widtn  ar.d  height  of  the  fuselage,  respec¬ 
tively,  a  nil  i  ’.  1*.  radians. 
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The  quantity  (Am£  /[l  +  (cjyhf)])is  taken  from  the  diagram 

int 

in  Pig.  9.17.  We  note  that  the  results  are  valid  for  a  wing  with 

an  aspect  ratio  of  6.  For  wings  with  other  aspect  ratios,  the 

figure  obtained  from  Pig.  9.17  must  be  multiplied  by  a  correction 

factor  K^.  Table  9.5  shows  how  depends  ’on  wing  aspect  ratio. 

We  note  that  i'or  a  low-wing  monoplane,  (m®  /[I  +  (cr/hf)3)1  is 

xint  1  1 

taken  from  Pig.  9*17  with  the  plus  sign,  while  the  minus  sign  is 
used  for  a  high-wing  monoplane. 

We  know  that  use  of  a  vertical  tallplane  changes  the  air¬ 
plane's  lateral  stability.  This  is  because  the  total  lateral 
force  Z„  .  that  arises  from  the  vertical  tallplane  in  slip  is  gen- 
erally  applied  at  a  certain  distance  from  the  longitudinal  axis 
of  the  airplane,  thus  generating  a  rolling  moment  of  the  aircraft. 


The  vertioul-tailplane  lateral  stability  m^ 
for  small  M  from  the  formula 


can  be  determined 


1  fr)  *•■•], 


where  c^  Is  the  derivative  of  the  lateral-thrust  coefficient 

Vt 

of  a  vertical  tail  mounted  on  the  fuselage  (in  the  absence  cl  the 

wing)  with  respect  to  the  slip  angle  0,  YVtt  *  ^v.t^  arm 

ratio  of  the  vertical-tail  lateral  force,  l  is  the  wingspan,  0 

is  the  average  crosswash  angle  at  the  vertical  tallplane,  Kv  r  - 

qv  t/q  is  t.ho  flow-stagnation  coefficient,  [(1  -  'da/a6  )KV>  1 ]f+Wg  “ 

=  K„.  Is  a  coefficient  that  takes  account  of  the  change  in  tue 
f+wg  •  _  . 

effectiveness  of  a  vertical  tallplane  mounted  on  the  fuselage  cue 

to  the  influence  of  the  wing,  the  interference  of  the  wing  with 

the  fuselage,  and  stagnation  of  the  flow  by  the  wing  and  fuse'aje. 

With  the  airplane  at  a  given  angle  of  . attack,  0  is  a  practi¬ 
cally  linear  function  of  the  slip  angle  0  (for  0  <  10°),  i.e.,  it 
can  be  assumed  that 
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At  M  <  0,5,  the  derivative  3o/3A 
depends  on  angle  of  attaok  and 
the  configuration  of  the  air¬ 
plane.  In  the  preliminary-de¬ 
sign  stage,  the  dependence  of 
3c/3B  on  angle  of  attack  can 
be  disregarded,  using  its  aver¬ 
age  value  in  the  range  o  *  0- 

V 

0.4.  In  this  case,  the  deriva¬ 
tive  3c/ 3fi  will  depend  only  on 
the  airplane's  configuration, 
i.e.,  on  how  high  the  wing  is 
placed  on  the  fuselage.  As  com¬ 
pared  with  the  midwing  configura¬ 
tion,  a  high  posit ion  of  the  wing 
on  the  fuselage  increases  the 
crosswash  at  the  vertical  tail- 
,  thereby  lowering  its  effectiveness.  A  low position  yf  the 


O 

Figure  9.13.  Derivative  c;~ 

zv.t 

of  vertical  tail  as  a  func¬ 
tion  of  its  aspect  ratio  and 
1/4-chord  sweep  at  3mall  M  < 

<  0.5. 


plane 

wing  on  the  fuselage,  on  the  other  hand,  reduces  the  crosswash 
angle  o  at  the  vertical  tail,  thereby  increasing  its  effective¬ 
ness. 


Figure  9.19.  Variation  of  of-  figure  9.20.  Scheme  illustrat- 
fectivr  aspect  ratio  coeffic-  ing  determination  of  the  coor- 
lent  Kel>  of  vertical  tailplane  dinate  xht, 

due  to  its  i ? cerfertnce  with 
the  horizontal  uaiVat  M  <  0.5* 
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The  derivative  c8  referred  to  the  area  of  the  vertical  _ 
®v » t 

tailplane  can  be  determined  from  Fig.  9.18*  which  shows  the  varia¬ 
tion  of  vertical- tailplane  effectiveness  c8  as  a  function  of 

the  effective  aspect  ratio  Xy>t  -  (^.t^Ct  for  Vari0UB  SW6eP 
angles  at  1/4  chord.  If  a  horizontal  tailplane  is  mounted  on 
the  fin  or  fuselage,  the  derivative  c8^  ^  should  also  be  determined 

from  Fig.  9.18  for  small  M,  but  for  a  different  vertical-tailplane 

aspect  ratio  X* 


(9.25) 


where  K  -  is-  a  coefficient  that  takes  account  of  the  heigh twise 
position1 of  the  horizontal  tail  on  the  vertical  tail.  This  coef¬ 
ficient  can  be  obtained  from  the  diagrams  in  Fig.  9.19;  P  is.,* 
coefficient  that  takes  account  of  the  relative  positions  of  the 
horizontal  and  vertical  tails  along  the  longitudinal  axis  Ox 
(Fig.  9. 20).  Table  9-6  shows  how  R  depends  on  xh 1,e,»  un  thc 

distance  of  1/4  b,  from  the  leading  edge  b  • 

*h.t  n*r' 

Table  9*6 


1  l 


1  I 


-1.0  i  -0.5  I  0  I  0.5  j  U 


i  n,->  0.5  1.0  j  >•» 


If  1/4  b  is  aft  of  the  forward  end  of  the  vertlcuT-lal 

ah.t 

plane  mean  aerodynamic  chord,  we  have  *h.t/ba^t 

The  quantity  [U  -  ( 3o/3d) )KV> t^f+wg  “  Kf+wg  can  ut  1 
mined  approximately  from  the  formula 


C*+.f-0.95 


t . .  '  * 
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wlier*  is  the  distance  between  the  plane  of  the  wing  chord  and 

If  the  wing  is  above  that  axlf , 

y^g  >  O5  hj,  is  the  height  of  the  fuselage  (or  Its  diameter)  at  th- 
wing  1/4  b  level. 

Or  ■ 

We  note  that  determination  of  the  cosfficient  Kf+Wg  from 
(9.26)  rives  reliable  results  for  aircraft  configurations  in  which 
df/t  •  0.1-0. 3  and  the  coefficient  c  does  not  exceed  0.4. 

.  ■  tf 

The  value  of  the  airplane's  lateral  stability  m®  with  the 

'  A 

wing  landing  flaps  down  can  be  determined  on  the  assumption  that 
A  B 

bC  and  r  dc  not  depend  directly  on  flap  deflection,  but  only 


B  B 

et  and  r  dc  not  depend  directly  on  flap  deflection,  but  onlj 
wg  xv.t 

on  c Since  lowering  of  the  wing  landing  flaps  changes  cy,  this 
means  that  it  will  also  affect  the  airplane's  lateral  stability 

V 

Having  determined  the  airplane's  lateral  stability  for  small 
M,  we  can  then  convert  it  to  other  M  >  0.5  by  the  formula 


(9.27) 


u  . 

where  (m^)M<0  ^  is  the  airplane^  lateral  stability  at  H  <  0.5. 

The  procedure  for  determining  it  was  given  above;  K  is  acor- 

"v..  ,  '~;v^  ■  '  mx  • 

recti  on  factor.  Table  9.?  shows  how  it  depends  an  M  for  conven¬ 
tionally  configurated  airplanes;  these  data  can  also  be  used  in 

o';  . 

calculating  ra*  for  "tailless”  designs. 

b )  Calculation  of  Airplane's  Directional  Stability 

The ■  directf-inal  stability  of  the  airplane  can  be  determined 
in  approximation  as  a  sum  consisting  of  the  directional  stabilities 
of  the  fuselage,-  f us e  1  age -mpurit ed  vertical  tailplane , .  and  power- 
plant,  i.e.. 


The  fraction  of  the'  directional  stability  created  by  r ..c* 
fuselage  at  a  given  M  depends  on  the  shape  ar.d  dimensions  of  the 
fuselage  and  th-J  overhang  of  its  forward  end  relative  tc  the  a*r- 
piane's  center  c.f  gravity.  Assuming  that  the  fusel  bo  ias 
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M Wm#t 


aerodynamic  characteristics  similar  to  those  of  axisymmetric 


m 


For  fuselage; 


$ 

solids  of  revolution,  we  can  write  m^  -  — y^ 

with  shapes  closely  approaching  those  of  axisymmetric  solids  of 
resolution  with  parabolic  nose  and  tail  sections  and  having  slen¬ 
derness  ratios  X„  -  6-12,  directional  stability  can  be  determined 


from  the  empirical  formula 


»  ,  t  \  s*'  L*  ( jla 

»%*'(%)«  s'  /  I  U 


•*u.t 

4  / 

(9.29) 


where  (c£  )%  is  the  derivative  of  the  fuselage  lateral-foxes  coef¬ 
ficient  referred  to  its  lateral-projection  area  Sfl,  3  is  expressed 
in  degrees,  Lf  is  the  total  fuselage  length,  xc<g/Lf  is  the  dis¬ 
tance  from  the  airplane's  center  of  gravity  to  the  no'e  of  the 
fuselage,  expressed  in  fractions  of  its  length,  xPf/Lf  Is  the 

distance  of  the  fuselage  aerodynamic  center  from  the  no-e  o'  ti.e 
fuselage,  expressed  as  u  function  of  its  length,  a^,  *  Ff-/df 
the  fuselage  slenderness  ratio,  df  is  the  mldships-section  djam 
eter,  S  is  the  wing  area,  and  l  is  the  wingspan. 

For  M  <  0.5,  <cj  )x  and  xp  -  xp  /Lf  can  be  determined  fa,u 

the  formulas 

(r ;  ), -•••  -  0,0063  1 0,P002Uit>»  ■  g  _  ^  •, 

(t*  '  *  "  ‘ 


xP  -0.021/.^ - -0,092. 


( 5 ■  it ) 


The  fraction  of  the  directional  stability  due  tx  th<  vor'.lwi 
tal lplane ,  »“  .  depends  on  Its  area,  aspect  ratio,  sweep,  -ad 

arm,  as  *.11  "as  on  the  relative  positioning  of  the  vertloa^  -.nd 
horizontal  tailplanes  and  the  crosswash  at  the  vertical  vd 

3  can  be  determined  from  tho  formula 


The  quantity  m, 


nr, 


»n.« 


o^n.’A  'V  ;  Kp1 


3-.  - 


where  Ly  t  •  L v#t/l  l*  the  arm  of  ttv  vertical  tail,  c-xpr^f.eu 


PTD-HC-fj-75  3- VI 


221 


as  a  fraction  of  wingspan. 

The  procedure  for  determining  the  derivative  c 


3 


and  the 


'v.  t 


coefficient  Kf+wg  was  set  forth  above  (see  §9.*<a). 

The  influence  of  the  powerplant  on  the  directional  stability 
of  a  turbojet-engined  airplane  can  be  determined  approximately 
from  the  relation 


Mn 


Vv  57.3 


PI 


where  <>, - — — --  [see  (9-3)3,  *ln  is  the  distance  between  the 


air  intake  and  the  airplane's  center  of  gravity.  For  air  intake's 
ahead  of  the  center  of  gravity,  x^  is  positive;  l  is  the  w’ng- 
span,  and  q  is  the  ram  pressure. 

For  M  *  0.5  and  c  =  0-0.2,  the  airplane's  directional  sta- 

y 

bility  can  be  determined  approximately  from  the  formula 


mu  "Awi  • 

t' 


(9.33) 


,8. 


where  (mp,^  c  is  the  airplane's  directional  stability  at  M  <_  0 5 5 
and  K  Q  is  a  correction  factor  that  depend:-.  on  M.  The  value  of 
"y 

this  coefficient  can  be  taken  from  Table  **.'<  . 

q , 

c )  Determining  the  Derivative  t\,  of  the  Airplane1;.  Lateral-Force 
C oef  Tie. lent  with  R espect  to _ Sl_ Angle 

The  derivative  of  the  ai  rpl  •' 1  :  lateral -force  coefficient 
with  respect  to  slip  angle  car:  be  onto  rmi  v.'d  ippr-  xlmately  a  ■>  the 
sum  of  two  derivatives: 

tr:  \  ,  (v.3*») 


where  (c 


)»  is  the  fraction  ■  .  tua  •  - 1  I '—angle  de rival  •  ■  ■*’  the 


'v.  t 


airplane's  lateral -force  roof  l’i  d  r..t  th  ,t  is  due  to  the  vet  t  Leal 


FTP  -H(. 


It  is 

rrf^rre  1  to  ■ : :  n  t 

is  the 

i  •  M 

a  ’on  of 

git  ie 

r ... trive  of  t  al  :■ 

plane's  later'.' 

ce  due  to 

hi- 71 

.22 

Table  9.7 


Variation  bf  c§#wkdtion  Factor3  with  M 


M  m'},»  1,0  1.1  1.26  1,3  2,0  2,5  a.o  Not#B 

— — r - — - — L - - - ' _ _ 

K  ,  1  1.07  1,01  1.009  1,00  1,03  0.B7  0.77  0,72  for 

«x  -  s  f„~0  0.2 

K,  I  1,1  1,12  1.13  1,14  1,03  0,68,0.38  0,18  for 

mf  e„™0~0,2 

A,  1  1,06  1.1  t.12  1,15  j.12  1,0  0,84  0,74  for 

ty-0  0,2 

A’mi.  I  0,08  0,04  0,89  0.78  0.34  0,3  0,2  0,13  for 

x  0.2 

A'**  .1  1,06  1,03  0,98  0,82  0,02  0,1  0.25  0,19  f0r 

fjfteO-o,; 

Km»j,  I  1, 06  1,10  1.12  i.U  t.O  0,76  0,«2  0.54  for 

*  Cy  ,1—0,4 


the  fuselage,  It  is  referred  to  the  area  of  the  airplane’s  wing. 
At  M  <  0.5,  (c®  )*  and  cj*  can  be  determined  from  the 


formulas 


(9.35) 


(9.36) 


The  determination  of  ,  (c^  ),  ,  and  K.,+w  was  given  above. 

zv.t  zf  * 

The  airplane's  derivative  c®  can  be  determined  for  M  >  0.6 
and  c  •  0-0  4  from  the  expression 

y 


(C!)m~~(C5)w<0,'A  r>  • 


(9.37; 


Table  9*7  shows  the  dependence  of  the  correction  factor  K  g  or:  H. 

0  z 

6  6  5  * 

tX  V  X1  I* 

<?)  Determination  of  the  Airplane’s  Oe rl vat  1  ves  nx  »  cz  »  nx  *  mv 

The  approximate  effectiveness  of  conventional  ailerons ,  mx 
for  M  <  0.5  and  c  <_  O.ll  can  be  determined  from  the  formula 

"™  y 


i  i 


•s-i: 


r'!  ^  •  .  & 


■  T  J.‘  ■ 


- i-  ;I  A  j> 

«;*«•  ~2 


JlSU  A 

s 


(9.38) 


whtre  S^isthe  King  area  serviced  by  the  aileron.  It, is  deter- 

M'i  U.  A  il  '  J  JlJI  _  _  A  A  AM.  _  _  '  f  ' 


alned  as  indicated  in  Pig.  9.21.  b„  is  the  aileron  mean  geo- 


a 


metric  chord,  b  is  the  mean  wing  geometric  chord  on  the  segment 


serviced  by  the  aileron,  is  the  coordinate  of  the  center  of 
gravity  of  the  wing  area  S1  (see  Fig.  9.21),  and  (c0  )»*  is  the 


derivative  eharacteMzlng  the  lifting  properties  of  the  wing 
with  consideration  of  Its  inter ferenc;  with  the  fuselage  and 
engine  nacelles;  its  determination  wrs  given  in  §9. 2b. 


It  follows  from  formula  (9.38) 
that  the  effectiveness  of  the  aile¬ 
ron  can  be  varied  by  varying  its 
geometry:  S  /J,  b„/b,  and  zjl, 

l-  a.  a 


The  effectiveness  of  the  ailerons 
at  M  >  O.S  can  be  estimated  by 
the  formula 

(w,s)m  (<»  s  , 


m  * 


Figure  9.21.  Illustrating 
determination  of  wing  area 
serviced  by  aileron  for 

M  <0.5. 


where  (n./)M<0i5 


(9-39) 
is  the  effective¬ 


ness  of  the  ailerons  for  M  <  0.5, 


and  K  5,  is  a  -orrection  factor 

in  a 
x 


that  depends  on  its  values  are 
given  in  Table  9.7. 


The  airplane's  derivative  c  for  M 
from  the  expres -ien 


0.5  c  an  L  o  de  t  o r.*ni n e ; 


/  v.r 


*  «,  >Vt 


(9.40) 


where  b  is  the  mean  geometric  chord  of  tin.  rudder,  n  i  re 

r  '  v .  t  n 

mean  geometric  chord  of  the  entir  •vr'-ieal  tall,  and  (c0  )*  is 

v.  t 


f  •  V 

determined  In  accordance  with  <•?.  )•,»'.  It,  can  he-  assume  i  in  the 
preliminary-design  st  age  that  f\.r  omaJ  i  M  <  0.5,  the  krivative 
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.  -  .  .  -  .  wsw.  s  r  !■ 


f’vU^liWT 

I.,  ■  '  -J-i 


of  the  lift  eoefficitnfc  xy  in  the  range  c 


*  0-0.5 
Fo 

formula 


For  M  >  0.5,  the  derivative  ogr  can  be  determined  from  the 


-•  * 

"»(f  |k)m4#,»  Kf  »„  • 


4  fr 

where  (cgr)M<0  ^  1*  the  value  of  the  derivative  cz  at  M  <  0.3 

and  K  l  is  a  correction  coefficient  that  depends  on  M  (see  Table 

■  O' 

z 

9.7).  6 

Having  the  airplane's  derivative  cgr  for  any  M  and  the  arm 
ratios  Ly  t/l  and  VVtt/l  of  the  vertical  tail,  it  is  easy  co  de¬ 
termine  the  derivatives  n^v  and  mxr  from  the  formulas 

(9.^2 


v*v— 


9n*  *  l 


(9.^1) 


f  9 .  -4  3 1 


where  e  *  is  the  derivative  of  the  lateral-force  coefficient  with 
% 


respect  to  rudder  deflection  angle,  referred  to  the  wing  area, 

L  t  is  the  distance  between  the  center  of  gravity  and  the  center 

of  the  mean  geometric  chord  of  the  vertical  tailpl&ne,  yv  ^  ^he 

distance  from  the  x  axis  tc  the  center  of  pressure  of  the  vertical 

tail  with  the  rudder  deflected,  and  l  is  the  wing3pan. 

n* 

e)  Determining  the  Rotary  Derivative  mx  of  the  Airplane 

The  derivative  m“x  characterizes  the  damping  properties  of. 
the  airplane  in  rotation  aoout  the  longitudinal  axis  x.  In  ap¬ 
proximate  calculations  it  is  quite  admissible  to  assume  that  t.hir 
derivative  of  the  airplane  is  numerically  equal  to  the  sum  of  the 
darping  coefficients  of  the  wing  m°x  ,  the  vertical  tailplans 

3..  wg3x 


S.t 


,  and  the  horizontal  tailplane  m.,x  ,  i.e 


h.  t 

m**=m*'  +«C*  ;  "C'  • 

X  *Uf  ».«• 


((  ■  ‘ii:  ) 
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%•'  “Sail  damping  arises  when  the  wing  is  rotated  about  tne  air¬ 
plane's*  longitudinal  axis  x  as  a  result  6f  redistribution  of  the 
load  dver  the  wingspan.  'This  redistribution  takes  place 
owing  to  the  appearance  of  additional  normal  velocities  AV^  that 
increase  from  zero  at  the  axis  of  the  airplane  to  <*>^7/2  at  the 
wing  tip.  At  a  given  M,  the  derivative  ®“x  depends  basically  on 

the  aspect  ratio,  sweep,  and_taper  of  the  wing.  At  M  <,0.5  and 
ev,  *  0-0.8,  the  derivative  nr?*  can  be  determined  from  the  diagrams 


shown  in  Fig.  9.22,  This  figure  shows  the  variation  of  the  de¬ 
rivative  nrjx  at  a  function  of  the  aspect  ratio  X  for  various 


1/4-chord  sweep  angles  and  three  values  of  wing  taper.  These 
data  apply  for  swept,  delta,  and  straight  wings. 


To  determine  the  roll 
damping  moment  of  the  vertical 
tailplane,  its  motion  on  ro¬ 
tation  of  the  airplane  about 
the  longitudinal  axis  x  can 
be  resolved  into  a  transla¬ 
tional  motion  at  a  rate  V_  * 

<6 

*  w  v  .  (v  .is  the  distance 
from  the  x  axis  to  the  center 
of  pressure  of  the  vertical 
tai  Lplan  ).  and  a  rotational 
motion  about  the  axl3  passing 
through  the  cents’'*  of  pressure 
of  the  ’vrtieal  tailplane  paral 
U:i  to  the  x  i  x \  o  .  At  M  <_  0 .  b » 
the  vert! cal-taliplane  center 
of  pro.f.-iro  is  th.en  situated 
near  the  1/4  polr,.  of  the  ver- 
L I  cal  -  tall  pi ane  mean  uerelynam- 


X  at  1/4  chord 


Xat  1/4  chord 

i  > 


Figure  9 • / 2 .  Derivatives  m  A 

wg 

of  isolated  wings  as  functions 
of  their  aspect  ratio  X  at 


rotates  about  an  axis  passing  through  the  center  of  pressure  can 
he  .asfega^Oea,  i^e*;  It  d*h  he  wieuawl  that  the  vertical  tail  . 
has  only  hra&slationai  motion  at'  rate  Yf-  *  fx^h.t*  8  10 * 
suit  ,  the  .averaged  vajue  of  the  slip-angle  increment  appears  over 
the  entire  span  of  the  vertical  teilplane:  • 


where 


The  slip-angle  increment  A6  causes  an  increase  in  the  force 
and  moment  about  the  %  axis  whose  coefficient  is  given  by 


m..  —m*  At-  mt  tia.u.  \ 

Vo  *n.»  xVt'u 

It  follows  from  this  expression  that 


(9^5) 


The  determination  of  the  derivative  mj  was  given  above  (see 

V  •  t/ 

§9  -  ha) . 


The  following  procedure  should  be  used  in  determining  the 
fraction  of  the  torizonfcal-tailplane  roll  damping  at  small  M  < 
<  0.5: 


-  given  the  sweep  the  &3Pect;  rati>>  .t*  horizon 

tal-tai lplane  taper  nh<t,  and  the  diagram  shown  in  Pig.  °.22,  de¬ 


termine  m^x  ; 

v;g 


..  rnltlH!  tire  value  obtained  for  m“*  by  the  coefficient  *  - 
h  tKh  t(Jh  t/l)2'  ThC  result  1,111  0<'  "x*  ' 


The  airplane's  derivative  m®*  for  K  >  0.5  can  be  determined 
by  the  formula 


K‘»«  K‘)m<o.5^  = 
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jurfwk  k  tri  X 


mm 


’The  jroj&Hilty  of  Ihe  s^bijftd  lifts  a  noticeable  influence  on 
the  Islerfti  stability  ^  djfecbiiafiftl  stability  mj,  and  aileron 
I ^  and  rudder  aij*  effectiveness.  ; 

-  -■  The  influence  of  $)n£  ground  at  the  lraidlng  angles  of  attack 
on  the  derivative;  0^,  m®,  tf£a ,  and  a^r  depends  on  the  distance, 
to  the  /round,  the  wing  a spent  ratio,  wing  planforra,  and  the  con 
figuration  of  the  airplane.  For  modem  transonic  ard  supersonic 
aircraft  of  conventional  configuration,  the  ground  effect  at  land¬ 
ing  angles  of  attack  (with  the  flaps  down)  results  in  an  increase 

of  and  a  decrease  in  m®,  m^r,  and  The  increase  in  the 

a  g  y  v 

derivative  near  the  ground  is  explained  by  the  unequal  effects 
of  the  ground  on  the  lift  from  the  left  and  right  sides  of  the 
wing  at  a  slip  angle. 

It  has  been  established  tha'  the  larger  the  wing  aspect  ratio 
the  greater  the  amount  by  which  the  proximity  of  the  ground  in- 

g 

creases  the  derivative  nr,  and  the  *;e  sharply  does  it  thereby 


wept-wing 


applies  e 


reduce  the  derivative  m 
aircraft. 


For  aircraft  having  swept  'wings  wi  th  aspect  vatic.!  X 
the  increase  in  the  lateral  stability  ,•»£  near  the  ground 
landing  with  the  flaps  down  vt »  to  The  a..ialle 

pertains  to  aircraft  with  smallei --aspect-ratio  wings  and 
larger  to  aircraft  with  larger-nspevt-ratJo  wings.  For  t 
craft,  the  proximity  rt  the  vr-.-und  1  owe rs  aileron  eifroti 
m^a  at  the  landing  attack  angle.,  oy  about  -iOf.  The  la 
figure  pertains  to  °  urge  wing  aspect  'rat t  .3.  The  derlvat 
and  tn**M  are  then  ..owe  red  by  ap,  ■*'\«mate:!y  (>  -1?S. 


For  delta- winged  atrdraft  with  aspect  ratios  Xwg  *  2-3,  the 
proximity  of  the  ground  results :  ir  ,, 

-  in  an  18-25?  decrease  in  mj  and  ®*r  at  the  landing  attack 
angles; 


in  a  6-12?  decrease  in  m£a; 


in  a  5-10?  increase  in  the  airplane's  lateral  stability 


The  substantial  decrease  in  the  directional  stability  of  the 
delta-winged  aircraft  near  the  ground  i3  evidently  caused  by  the 
vertical  tailplane  entering  a  strongly  stagnated  flow  at  large 
angles  of  attack  near  the  ground,  since  the  wake  zone  behind  the 
delta  wing  is  shifted  upward  by  the  ground  effect. 

For  airplanes  having  trapezoidal  wings  with  aspect  ratios 
X  a  2-3,  the  proximity  of  the  ground  causes  an  increase  of  aboui 


X  a  2-3,  the  proximity  of  the  ground  causes  an  increase  of  about 
4-8?  in  the  airplane's  lateral  stability  m®  and  an  8-16?  de¬ 
crease  in  the  aileron  effectiveness  mxa.  In  this  case,  there  is 
practically  no  change  in  the  derivatives  my  and  myr. 


We  see  from  the  above  data  that  the  proximity  of  the  ground 
makes  lateral  balancing  of  the  airplane  difficult-  -n  -lip  and 
is  detrimental  to  lateral  stability  characteristics .  This  pppllf  .' 
in  particular  to  swept-  and  dalta-wiiig  aircraft. 


g)  Approximate  Determination  of  the  Airplane's  Axle.l  Moments  of 
Inertia 


To  determine  the  dynamic  stability  and  controllability  chn-- 
icteristlcs  of  the  airplane,  it  is  necessary  to  know  its  axial 


moments  of  inertia  lx,  Iy,  and 


Table  9-8 


Coefficients 


up  to  20,000  kg 
jrbojet  aircraft  weif 
more  than  20,000  kg 


■  - 

K 

X 

ijL, - — 

0.10-0.12 

0.13-0.15 

OTTFT 

0.2  1 
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?  The  moments  of  inertia  of  a  conventionally  configurated  air- 
ffiMane  with  normally  loaded  wing  about  the  main  central  axes  can 
be  calculated  approximately  by  the  empirical  formulas 


K 


(9.47) 


(9.48) 


ti 


(9.-4  9) 


where  G  is  the  weight  of  the  airplane  in  kg,  l  is  the  wingspan  in 

meters,  L  is  the  length  of  the  airplane  in  meters,  and  Kx,  Ky, 

and  K  are  coefficients  taken  from  statistical  data, 
z 

Table  9.8  gives  values  of  these  coefficients  for  aircraft 
with  normal  specific  wing  loads. 

The  moments  of  inertia  of  the  airplane  about  coordinate  axes 
that  deviate  by  an  angle  $  from  the  main  central  axes  of  inertia 
can  te  calculated  by  the  formulas 

V"=A,,cesVf-/v„smi><j>;  (9. 5  O’* 

/#W(,,fosy4-/jr4s»n'>:  f9.ri) 

-y-7"--  slnfo,  (9.52) 


§9.8.  VERIFYING  SELECTION  OF  '/ERTI CAL-TA l i  -LANE  DIMENSIONS!,  WING 
DIHEDRAL,  AND  AILERON  UMEN3I0NS 

In  a  first  approximate or* ,  the  si  lection  “-.'  the  dimension,*  •  unu 
position  ::>f  t:  •  'vrt.  i  eai  tail  hi  1  tin  wing  dihedral  can  he  checked 
against  the  earn  meter  <  3  u»  ,/w  ,  which  Indicates  tiv-  ratio 

x.i,:iX  J  in  >: 

of  the  maximum  rol !  angular  rate  to  ho  maximum  angular  rate  of 
yawing  motion.  The  following  expression  applies  for  the  param¬ 
eter  k: 


JV  _ . _ _ 

1  <  ,  l'  i 

F  **  *  Hi' 
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where and  m®  are  the  airplane’s  transverse  ana  aireetionau 
stabilities ,  respectively}  Ix  and  Iy  are  the  airplane's  ^moments 
of  inertia  about  the  axes  x  and  y,  respectively.  m7  is 

the  roll  dancing  derivative,  a  is  the  ram  pressure,  S  is  the  vd 
area,  and  l  is  the  wingspan. 

Practice  has  shown  that  airplanes  with  good  lateral  sta¬ 
bility  and  controllability  characteristics  have  k  ™  0-3.0.  rt 
particular,  it  is  desirable  to  have  w  <  3*2  for  fast  maneuvers! 
airplanes  and  tc  <  1.0  for  heavy  airplanes.  The  value  cf  tc  muti 
be  checked  for  takeoff  and  landing  situations  and  for  flight  o: 
the  airplane  near  its  celling  at  its  speed  cr  Mach-number  liml 

to  check  the  choice  of  aileron  and  rudder 
y  slip  at  an  angle  8  *  Wa/V  (wnere  vfl£  «  lb 
.ing  glide  and  landing  of  a  single-engined 
engined  airplanes,  these  parameters  muse  b 
balancing  of  the  airplane  without  slip  >, 3 


parameters  for  steaj 
m/s)  during  the  Ian* 
airplane.  For  mult 
checked  for  lateral 
«  0)  in  two  cases: 

-  failure  of  one  outboard  engine  during 
Wing  flaps  not  deflected; 

-  failure  of  two  engines  on  the  same  si 
tion  most  characteristic  for  the  particular 

The  conditions  for  lateral  balancing  of 
written 


AsauHtBlgf  thiti  the  aerodynamic  forceaandmomcnta  are  linear 

}  '.V«  -  _  -w  J  V  ^  -  f  J-  -  ;  ~  ' 

it  ion  s  -of  the  slip  angle  $  ami  the  aileron  and  rudder  deflec- 
iB^ye  eMte  the  By  stem  of  equation*  (9. 5*0  in  expanded 
;  <e  '  •  *  Os  "?  . 

y  AtJ*  4-  -f  AfJ-a,  4-  M,„  *,  0; 

AfX+^A»H  +  Af^«0;  (9#5, 

2*< '+#?+ ^  +0  co§  » -  sfin  y  «=• 0, 


where 


about  the  y  axis  due  to  the  un 


the  sum  of  the  moment 


balanced  thrust  and  additional  frontal  drag  of  the  nonfunetloning 
engines . 

5)  ip** + 


n'oal an o l n  t o.s  i  Honing 


is  the  total  rolling  momon 


the  iondo  (witu  res  f  t. -t  r.o  th 
are  the  aileron  and  rudder  clef 
the  slip  angle; 


x  axis)  under  the  wing 
alien  angle:’,  respect:’. 


\u  tan>  =-  Y .  .To 
'on  angle r,  ani  t 


trimming  rudder 


g- 


■‘A  ’-’:v"  j:?1-.  '-  ;  ’  ^  ,.J  Y'.°  ‘"~  ""'>  ■' 


it  is  convenient  to  write  the  system  of  equations  of  the  airplane’s 
lateral  steady-state  motion  in  dimensionless  form: 

mjt,-!-  ro***^ — W+%0) ; 


~r!{t 


(9.56) 


-*a  „  m4a 


Assuming  in  a  first  approximation  that  c^a  ■  m"11  »  0  ,  we  obtain  the 
following  expressions  for  the  rudder  and  aileron  deflections  and 
the  roll  angle  that  are  required  to  balance  the  airplane: 


dLs—Ss 

*u  r  4- 

vt 


»&4J 


/  ml  ml/»\  \ 


«/*#! 


it 


22- 


nr,**/ 


1  ** 

l 

O'*# 

(9.57) 


(9-58) 


(9.59) 


where  y  Is  in  radians. 

It  is  clear  from  these  expressions  that  the  balancing  values 
of  the  control-surface  deflections  and  the  roll  angle  consist  of 
two  parts : 

the  first  part  la  composed  of  the  control-surface  deflections 
and  roll  *»ngle  necessary  to  balance  the  airplane  in  steady  slip  at 
a  constant  3llp  angle  6  in  the  absence  of  mounts  produced  bv  un¬ 
balanced  engine  thrust  and  stores  that  are  not  symmetrically  ar¬ 
ranged  with  respect  to  the  x  axis; 

the  second  part  is  composed  of  the  control-surface  deflec¬ 
tions  and  roll  angle  needed  to  fly  the  aircraft  without  slip  (8  - 
»  0)  when  the  airplane  is  being  acted  upon  by  moments  due  io  un¬ 
balanced  engine  thrust  and  wing  stores  that  are  positioned  asym¬ 
metrically  relative  to  the  x  axis. 

The  aileron  and  rudder  deflection  angles  determined  irerr, 
(9.p8)  and  (9.57)  should  be  3°-5°  smaller  than  their  maximum 
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;  1 


the  aileron  $$$$&$*  defle 
airplane  are  larger  than  the 


satisfy  the  stated  requirement. 

, ;  ,  y  ■  * 1  ;  I -  p 

.  If  this  measure  dees  not  produce  the  desired  result,  it  will 
als©  ft  necessary  to  adjaak  the7  parameters  ©t  'the  vertical  tall 
and  .the  wing  dihedral,  '  ■■■: 

it  is  advuahie  to  re&ict  tto|*  lalermi ng  datlac-* 

tlon  §r  of  the  redder  by  increasing  it?  effsctlvenear  *?/.  1* 
-  vf  fcal  i  j'.;:  ■:■•>  ./«  W:" , 

it  best  to  reduce  the  balancing  defiaebkbh  lyV;  ©f  the  iilerofts 

by  increasing  their  effectiveness  »^a  and  by  reducing  the  air¬ 
plane's  lateral  stability  §<M  discusses  these  parameters 
as  functions  of  the  vertical-tail  and  aileron  parameters  and  the 
wing  dihedral. 


Footnote 


1 


Part  III 


DETERMINATION  OF  THE  BASIC  WEIGHT,  GEOMETRICAL, 

AND  STRUCTURAL  CHARACTERISTICS  OF  THE  NEW  AIRCRAFT  DESIGN 


Chapter  10 


SELECTION  OF  THE  AIRPLANE'S  CONFIGURATION 


§10.1.  CONFIGURATION  AS  AFFECTED  BY  THE  INTENDED  USE  OF  THE  AIR¬ 
PLANE 


The  external  configuration  of  an  airplane  is  characterized  by 
the  shapes  of  its  airframe  components  and  their  relative  posi¬ 
tions  and  by  the  type,  number,  and  placement  of  she  engines,  as 
well  as  their  air  intakes. 


The  intended  use  of  an  airplane  influences  its  configura¬ 
tion  both  directly  and  through  the  required  fli ght-technical  and 
taKeof.f/landing  properties. 


The  direct  influence  of  the  airplane's  purpose  on  specific 
features  of  its  configuration  car:  be  traced  '  t  the  decision  ae 
to  the  number  of  engines  to  be  U3ed  on  a  r  asr-'-n,;  or  aircraft.  One 
of  the  basic  requirements  made  of  the  passenger  airplane  is  safety, 
and  this  is  provided,  among  other  measuie? .  by  matting  the  airplane 
capable  of  taking  off  and  flying  urt'’r  fain.  ;<•  of  one  or  more  en¬ 
gines  . 

Since  ''light  accidents  caused  by  !r-‘  light  eng  in-  failure 
involve  forced  landings,  the  prooabi  ltl:y  forced  landing  due 

to  engine  failure  may  be  consld  r  ed  instead  cf  the  acn  v.." proba¬ 
bility.  Cf  the  air:  lane  has  ?.  engines,  the  probability  that  one 
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of  them  will  fail  is  greater  the  larger  the  number  z,  and  for 
small  r*  this  probability  equals  z  •  p  with  sufficient  accuracy, 
where  p  is  the  probability  of  engine  failure.  If  the  total  thrust 
of  the  engines  is  such  that  failure  of  one  of  them  does  not  leave 
enough  thrust  to  continue  flight,  the  probability  z  •  p  of  failure 
of  one  of  the  z  engines  will  also  be  the  forced-landing  proba¬ 
bility. 

If,  on  the  other  hand,  the  remaining  thrust  is  sufficient  to 
sustain  flight,  flight  may  be  continued.  Then  the  probability  of 
failure  of  one  of  the  remaining  (z  -  1)  engines  equals  (z  -  l)p. 
The  probability  of  the  first  and  second  engines  on  the  same  flight 
equals  the  product  of  the  failure  probabilities  of  the  two,  i.e., 

Up*”  2(2—1  )P*. 


5£) 

</ 


a  10"3  _  probability  of 
failure  of  one  engine 
a  z  -  number  of  engines 


- i - 


z-2 


»■* 


_ _ z-Z 


Thrust 

margin  in  % 

no  too  wo 

200 

mo  too 

nj T7- 

""  j 

'  *  5  U 

the 


Figure  10. 
number  of 
bility. 


I  Influence  of  thrust  margin  and 
engines  on  forced-landing  proba- 


This  probability  becomes  the  forced-landing  probability  if 

thrust  remaining  after  failure  of  the  second  engine  is  not 


r.  37 
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enough  for  continuation  of  flight.  Thus,  given  enough  total 
thrust  in  a  multiengined  airplane,  it  becomes  possible  to  con¬ 
tinue  flight  after  failure  of  the  first,  second,  etc.  engine. 

This  is  accompanied  by  a  stepwise  decrease  in  the  forced-landing 
probability  until  one  engine  remains  in  operation,  at  which  point 
we  obtain  the  minimal  forced-landing  probability.  § 

Figure  10.1  shows  the  forced-landing  probability  in  the 
event  of  engine  failures  as  a  function  of  tne  total  thrust  of 
all  engines  for  z  *  1,  2,  3j  and  4  engines.  The  probability  is 
plotted  logarithmically,  with  p  s  10  J  taken  as  the  probability 
of  engine  failure.  The  total  thrust  is  given  in  relative  form 
P  -*  EP/F  ^  ,  where  Pmin  la  the  minimum  thrust  required  to  con¬ 
tinue  flight.  We  see  from  the  diagram  that  when  the  total  thrust 
is  smal1 ,  an  increase  In  the  number  of  engine.",  increases  the 
forced-landing  probability. 


For  a  single-engined  airplane,  the  forced-landing  probability 
equals  the  probability  p  of  engine  failure  and  remains  at  this 
value  regardless  o'*  thrust.  For  a  twin-engined  airplane,  tne  re 
is  one  step  on  the  forced-landing  probability  l'^reaso  curve  at 
P  »  2  (thrust  margin  100?.);  for  a  three  ■.<.:<!  a  I  rpl  ..trie  ,  there  are 
two  such  steps,  and  three  for  a  four-engjn  ■'  airplane.  The  larger 
the  number  of  engines,  the  greater  the  b.  gi  of  safety  that  can 
be  attained,  provided  that,  there  Is  -a  sl*i, , «  .  . us.  hn.rf.a8S:  in 

the  thrust  margin. 

Thus,  the  optimum  number  of  engine"  •  or  .i  ■•••’.ger  ui  rplan  * 

from  the  standpoint  of  maximum  f.lignv  ■  m  .  ;  in  the  event  of 

engine  failure  is  determined  by  the  i  h-_..t  ■ 

airplane  a3  compared  with  the  minimum  r  is.' 

In  the  event  of  engine  failure  during  -no  \ ■ 

below  V.  ,  ,  safety  in  ensured  by  a‘  orb  * 
trim 


v,  re q c.  1  rod  of  th e 
i  t-'.id  flight. 

ft'  :-n  :  at  a  speed 


. '  takeoff  ;•  id  stop¬ 
ping  the  airplane  bv  fore  tne  e..d  nf  :.m>  ro. iw,-..y :  in  the  >*vr  -f 


engine  failure  at  a  "pood  above  V. 


ike- iff  :ls  Co..  ..  <:  1 1?  d 


and  the  question  of  safety  aid  'he  number  of  •. ngir.es  is  resolved 
on  the  basis  of  rV,u  diagram  (:■»■“  ?l.g.  lb.  :  ;  ,  he"'  P  R., . 


2  32 
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determined  on  the  basis  of  the  thrust  excess  that  ensures  an  "en¬ 
gine  -out  takeoff"  on  the  particular*  runway  and  not  on  the  basis 
of  level  flight  at  aero  altitude. 

It  should  be  noted  that  making  s  passenger  airplane  safer  by 
increasing  the  number  of  engines  and  their  relative  thrust  as  com¬ 
pared  to  the  minimum  requirement  results  in  heavier  powerplants. 

In  addition  to  the  specific  requirements  as  to  the  airplane's 
configuration  that  proceed  from  its  purpose,  it  must  also  satisfy 
general  requirements  that  are  mandatory  for  airplanes  of  its  par¬ 
ticular  purpose.  Such  requirements  are  drawn  up,  for  example,  by 
the  State  Scientific  Research  Institute  of  Civil  Aeronautics  fur 
Soviet  civil  aircraft. 

Our  passenger  airplanes  must  now  also  conform  to  ICAO  (Inter¬ 
national  Civil  Aeronautical  Organization)  requirements. 

There  are  also  general  requirements  for  other  types  of  air¬ 
craft. 

§10.2.  INFLUENCE  OF  REQUIRED  SPEED  ON  CONFIGURATION,  ENGINE  TYPE, 
AND  ENGINE  LOCATION 

The  basic  property  that  has  the  strongest  influence  on  selec¬ 
tion  of  the  airplane's  configuration  13  its  speed.  The  changes  In 
aircraft  layout  that  took  place  during  the  development  of  avia¬ 
tion  were  at  all  times  prompted  by  the  desire  to  obtain  increased 
speeds.  At  the  same  time,  the  configuration  had  to  guarantee  the 
necessary  stability  and  controllability  characteristics  in  the 
airplane. 

The  braced  biplane  has  major  advantages  when  speed  require¬ 
ments  are  minimal  and  emphasis  is  placed  on  load  capacity,  takeoff 
and  landing  properties,  light  weight,  small  dimensions,  and  low 
cost.  In  this  biplane,  the  additional  drag  of  the  ribbon  bracing 
is  accepted  as  the  price  of  the  great  weight  reduction  resulting 
from  the  fact  that  the  entire  height  of  the  biplane  cell  becomes 
the  base  that  takes  the  cell  bending  forces. 
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in  practical  work  with  such  alr- 
|f-^XC#'Q-2 ).  designed  by  N.-N.  Pollkarpov  and  the  An-2 


-  Wheel  fairings  are  mandatory  for  a 


■  Ibderii  biplane.-  - 

-were  raised,  the'  biplane  yielded  to 
^'1^a:filght- speed  at  which  the  biplane  loses  Its 
advantages  can  be  stated  only  in  a  given  particular  case  after 
catering  the  figure fi  for  the  same  job  done  by  the  biplane 

and  the  monoplane.  The  semicantilever  monoplane  may  be  found 
superior  in  A  comparatively  narrow  range  of  required  speeds.  In 
this  ease*  the  nigh-wing  type  will  be  best,  ,  ce  the  struts  work 
in  tension  during  flight,  the  upper  surface  o:  the  wing  is  free 
of  superstructures ,  and  the  downward  visibility  is  good.  As  in 
the  case  of  the  biplane,  the  rectangular  wing  is  found  to  be 
simpler  and  cheaper  for  the  sem! cantilever  monoplane,  and  much 
weight  is  saved  ty  viitue  cf  the  name  lengthening  cf  the  base 
that  takes  the  half-wing  bending  load;  this  can  be  regarded  as 
a  principle  in  which  lift  Is  transferred  from  the  wing  half  to 
the  fuselage  by  the  shortest  possible  rear.'  (the  strut).  Non- 
retractable  landing  gear  with  wheel  fairings  Is  preferred  to 
save  useful  space  in  the  fuselage. 

The  thick-profile  cantilever  monopiam.  will  be  advantageous 
with  a  further  increase  in  the  required  'Light  speed.  Specific 
calculations  are  again  performed  to  establish  the  preference  of 
this  configuration  in  accordance  with  t  he  re  rod  ''■peed,  In 
specifying  the  profile  thickness  ratio,  5  >.  is  necessary  to  re¬ 
solve  a  contradiction  between  the  ihrdtv  u  reduce  wing  wvtght 
and  increase  its  rigidity  on  the  one  hand,  and,  on  the  other,  to 
reduce  its  induced  and  profile  drag.  Thu  first  two  conditions 
dictate  a  small  span-to-maximum- uni cknesf.  ratio  for  the  wing,  a 
quantity  expressed  as  follows  'n  tenss  of  tne  wing's  parameters: 

/  I  <|r  X  I _ l,  "k_:J 

7  '** 


where 


2<i0 
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r), =» Jim. ,  and  c~  —  ~ 

'.i.  s' 

This  n*akes  it  clear  that  to  reduce  wing  weight,  it  is  necessary 
to  reduce  X  and  increase  c,  but  reducing  X  and  increasing  e  ■ 

■  smj_a/s  increases  both  wing-drag  component's.  In  first  approxi¬ 
mation,  the  problem  is  resolved  by  taking  l/c  -■  X/c  from  sta¬ 
tistical  data  on  good  airplanes  of  the  same  type,  and  then  more 
precisely  to  minimize  the  aviation  weight  of  the  wing  at  a  given 
flight  speed;  the  general  method  of  optimum-parameter  selection 
might  also  be  used. 

The  demand  for  higher  flight  speeds  influences  the  airplane's 
configuration  especially  strongly  with  the  approach  to  the  speed 
of  sound.  First,  the  compressibility  of  the  air  begins  to  make 
itself  felt,  and  wher  local  velocities  become  supersonic,  com¬ 
pression  shocks  appear,  primarily  on  the  wing,  so  that  wave  drag 
must  be  dealt  with.  Thinner  and  M-stable  profiles  and  small 
aspect  ratio  swept  wings  are  used  to  reduce  wave  drag.  If  3hocks 
appear  and  develop  primarily  on  the  thickest  profile  and  the 
fuselage  effect  promotes  their  development,  it  is  advantageous 
to  U3e  the  so-called  "crescent  wing,"  which  has  a  larger  sweep 
angle  at  the  root  and  a  smaller  one  toward  the  tips.  To  simplify 
the  design  of  extension  flaps  and  increase  their  effectiveness  on 
the  3wept  wing,  it  is  helpful  to  reduce  the  sweep  of  the  trailing 
edge  at  the  root,  offsetting  this  with  a  larger  sweep  angle  at  the 
root  of  the  leading  edge  (a  leading-edge  "buildup").  All  of  these 
measures,  which  shift  the  wave-drag  point  to  higher  speeds  (with 
the  exception  of  the  reduced  aspect  ratio),  make  the  wing  more 
complicated  and  heavier.  Measures  that  shift  the  appearance  of 
wave  drag  to  larger  Mach  numbers  also  lower  the  maximum  wave  drag 
at  the  transition  to  the  speed  of  sound. 

Thus,  to  break  the  sound  barrier  it  is  necessary  to  use  a 
wing  with  even  smaller  profile  thickness  ratio  and  aspect  ratio 

and  stronger  sweepback. 

2hl 
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These  requirements  arc  met  by  the  delta  wing  or  similar  Mngs 

yvith  Short  tip  chords  «nd  wings  with  increased  sweep  at  the  root 

>■  <  1  n‘i; 

the  leading  oUkey"  Such  wings  are  lighter,  have  larger  inter- 
nal  capacities ,  and  make  flap. design  easier,  Hie  designer  is 
l  guided  fyr the  same  configurations  in  specifying  the  shapes  of  the 
horizontal  and  vertical  tails. 

;/•  The  fuselage  and  canopy  are  made  as  slender  as  possible  to 
reduce  wave  drag.  Observance  of  the  "area  rule"  helps  reduce 
Vfave  drag  in  the  region  of  the  speed  of  sound.  This  rule  states 
that  the  curve  of  the  over-all  cross-sectional  areas  perpendicular 
to  the  airplane’s  longitudinal  axis  must  be  as  smooth  as  possible. 
It  implies  thct  hollows  and  bumps  on  this  curve  must  be  smoothed 
out  by  moving  various  components  of  the  airplane  along  this  axis 
and  slimming  down  and  filling  in  the  corresponding  cross  sections. 

Configuration  requirements  and  wing- fuselage  interference 
influence  the  beightwise  placement  of  the  lag  on  the  fuselage. 

A  low  wing  reduces  structural  weight  and  simplifier  retrac¬ 
tion  of  the  .landing  gear  into  the  wing,  but  it  a  too  increase: 
parasite  interference.  The  midwing  post  ion  produces’  less  inter¬ 
ference  between  the  wing  and  a  round-sect  i  •  ui  fa,.  el  age,  but  clut¬ 
ters  the  Interior  space  of  the  fuselage. 


The  high  wing  gives  little  interfere.; 
traction  of  the  landing  gear  into  the  wing. 


ut  complicate:.?  re- 


He: re  it  must  be  ren.c*mbere«  tb.it  taw  umies  i :  at  *  e  interference 


of  the  low  wing  can  be  corrector  fcv 
section  and  providing  wing  fillets. 


fuselage  cross 


As  concerns  the  relative  positions  of  -he  wing  and  f.e  hori¬ 
zontal  tailplane,  the  prevalent  eonf :  cur  it.  ,.  on  will  be  the  con¬ 
ventional  one  with  the  tailplane  aft  of  .the  wing  as  long  as  the 
airplane's  speed  does  not  exceed  that  of  joum-j.  ouch  long-  .own 
configurations  as  the  "frying  wing,  »n<-  "tali  tens"  airplane,  and 
the  "canard”  have  been  built  and  1  I  .wu  nu  f  mes,  but  they  were 
found  inferior  to  aircraft  wltr  :  »  normal  toil  design  id  have 
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not  come  Into  extensive  use. 

The  main  reason  for  failure  of  the  "canard”  to  gain  accept¬ 
ance  is  that  It  is  not  as  safe  in  flight  owing  to  the  "sticking" 
that  occurs  whan  the  attack  angle  is  increased  to  critical.  The 
Influence  of  stability  and  controllability  requirements  on  the 
relative  positions  of  the  wing  and  stabilizer  was  discussed  in 
detail  in  Chapter  8. 

Plight  speed  influences  not  only  selection  of  layout,  but 
also  selection  of  engine  type.  Since  the  development  of  the 
aviation  engine  paralleled  the  development  of  configurations 
basically  under  the  pressure  for  increased  speeds,  it  is  natural 
that  there  is  a  1‘elation  between  the  speed  of  the  airplane  and 
the  type  of  engine.  At  low  subsonic  speeds,  0  <  M  <  to. 6,  the 
air-cooled  piston  engine  is  the  optimum,  while  the  propjet  be¬ 
comes  more  advantageous  at  higher  speeds  (to.  6  <  M  <  to. 8).  At 
traps-  and  supersonic  speeds,  0.8  <  M  <  t3,  various  types  of  turbo 
Jet  engines  are  used. 

In  turn,  the  type  and  number  of  the  engines  influence  the 
configuration  of  the  airplane.  Engines  may  be  placed  in  the  fuse¬ 
lage,  on  the  fuselage,  or  on  the  wing. 

Placing  the  engines  in  the  fuselage  reduces  the  drag  on  the 
airplane,  but  it  also  complicates  the  ,-tructure  of  the  fuselage 
and  makes  It  heavier.  If  there  are  an  odd  number  of  engines,  one 
of  them  must  be  placed  in  or  on  the  fuselage;  ^he  best  place  for 
a  propeller  engine  is  the  nose  of  the  fuselage,  but  this  is  in¬ 
evitably  detrimental  to  the  pilot's  forward  vision.  For  tu-bojet 
engines,  the  optimum  placement  is  the  tall  section  of  tho  fuse¬ 
lage  because  of  the  short  exhaust-gas  path  that  this  gives.  As 
for  the  air  intake,  It  can  be  either  frontal  or  lateral.  With  uie 
intake  in  the  nose  of  the  fuselage,  the  air  passage  must  be 
3pllt  to  accommodate  t  he  retracted  nose  wheel  and  the  cockpit. 

Thi3  explains  the  advantage  of  having  an  oven  rather  than  an 
odd  number  of  engines.  In  the  case  of  propeller  eng  nes.  the 
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nose  of  the  fuselage  is  left  free  a rid  the  pilot  cow  see  better} 
with?  turbojets t  the  tail  of  the  fuselage  is  unburdened  and  in 
both  cases  the  fire  hazard  ia  reduced  and  the  nose  level  is  lower¬ 
ed  for  passenger.  An  even  number  of  propeller  engines  is  best 
placed  on  the  wing  in  such  a  way  that  the  propwash  increases  lift 
at  takeoff.  An  even  number  of  jets  can  he  placed  either  on  the 
wing  or  on  the  fuselage  tail  section.  Placing  the  engines  on  the 
wing  gives  a  distinct  weight  advantage  over  the  tail  mounts  on 
the  fuselage,  because  wing  weight  IS  lowered  by  engine  "unloading " 
of  the  wing  and  fuselage  weight  is  increased  by  the  additional 
load  imposed  by  the  engines. 

handing  gear  can  be  retracted  into  the  engine  nacelles  with¬ 
out  greatly  increasing  their  midships  area. 

When  the  engines  are  mounted  on  the  wings,  it  is  necessary 
to  consider  reciprocal  effects  between  tne  nacelles  and  the  wings. 
This  makes  it  desirable  to  place  the  nacelle  under  the  wing,  as 
can  he. done  when  the  wing  is  high. 

When  the  airplane  has  a  high  wing,  retraction  of  the  gear 
into  the  wing  or  engine  nacelles  is  not  advisable;  it  is  better 
t  retract  it  Into  tl  <■  fuselage  with  u *,•>(■:«  ;-ier"%s*d  by  rigging 
tne  supporting  arms  out  on  the  sides  of  ’ < 
them  with  faxring:'',  as  was  done  In  the  A;:-1.. 

O.K,  Antonov. 


fuselage  and  covering 
.  I  :p !  an e  c.  f  de s  i g ne r 


Combining  turbojet  engines  with  the  w;jt*  may  re  advantageous 
whether  the  eng  in .  fi  are  placed  under  .M.r.g  (on  pylons  or  with- 
out  pylons)  or  behind  the  wing.  To  reduce-  parasite  interference 
and  Improve  observance  of  the  ar;  a  rui*v  wnen  thr  .jh.5i.ne0  ai’e  sus¬ 
pended  ' on  pylufi^,  it  is  necessary  to  move,  t.hrm  as  far  forward  as 


possible;  when  pylons  are  not  us  wi,  t;  by 
or  aft  0  that  the  maximum  thic- nur.srs  o; 
engine  nacelles  wij.1  not  coincide.  . 


must,  ini  moved  forward 
♦  r.rofile  and  the 


Placing  the  ecclnes  behind  •,!.  win.  urs  lowers  drag  ap¬ 
preciably.  ;n  tnl.  •r..3o,  the  all  j.  ..usage  must  bt  run 
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through  the  spars r  and  this  increases  their  weight.  The  passage 
is  run  under  the  wihg  if  the  latter’s  profile  is  thin.  In  placing 
turbojets  on  the  span  of  the  wing,  they  can  be  placed  close  to 
one  another  and  to  the  fuselage.  The  possibility  of  placing  turbo¬ 
jet  engines  close  to  the  fuselage  makes  it  possible  to  reduce  the 
moment  that  causes  the  airplane  to  yaw  on  failure  of  an  engine  on 
one  side.  It  also  becomes  possible  to  hang  a  pair  of  engines  on 
a  single  underwing  pylon  or  mount  a  whole  "package"  of  engines 
flush  under  the  wing.  Turbojet  engines  can  also  be  mounted  on 
the  tail  section  of  the  fuselage  on  horizontal  pylons.  This  set:; 
up  a  favorable  interference  with  the  fuselage,  reduces  the  fire 
hazard,  and  lowers  the  noise  level  in  the  passenger  cabin. 

Turbojets  mounted  on  the  fuselage  tail  section  must  not 
blanket  the  horizontal  tailplane  at  large  attack  angles.  If 
there  are  an  odd  number  of  engines,  one  of  them  can  be  placed 
in  the  root  section  of  the  vertical  fin  or  In  the  tail  section 
of  the  fuselage.  In  addition  to  the  weight  penalty,  placing  a 
heavy  engine  on  the  tail  section  of  the  fuselage  makes  it  diffi¬ 
cult  to  trim  the  airplane,  so  that  it  is  necessary  to  lengthen 
the  nose  section  and  accept  the  associated  deterioration  ol  longi¬ 
tudinal  and  directional  stability. 

§10.3.  INFLUENCE  OF  TAKEOFF  AND  LANDING  REQUIREMENTS  ON  CONFIGURA¬ 
TION 

The  configuration  selected  for  the  airplane  on  the  basis  of 
the  required  flight  speed  is  often  inconsistent  with  good  takeoff 
and  landing  characteristics. 

In  specifying  the  configuration  for  the  airplane,  therefore, 
it  is  also  necessary  to  take  takeoff  and  landing  properties  Into 
consideration. 

Three  basic  trends  are  now  emerging  in  the  aircraft  indusn-y 
in  regard  to  selection  'f  configuration  with  allowance  for  take-it'!' 
ahd  landing  behavior: 

1.  Use  of  the  conventional  airplane  configuration  with  t  .e 
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relative  geometrical  parameters  selected  to  ensure  the  required 
fli#rt  speed  and  takeoff/landing  characteristics,  with  use  cf  ef¬ 
ficient  high-lift  devices  on  the  wing. 

2.  Varying  the  geometry  of  the  airplane  in  flight,  e.g. ,  using 
a  wing  with  sweep  angle  variable  in  flight.* 

3.  Use  of  the  engines  (sustainer  or  special)  to  develop  lift. 


Chapter  11 


DETERMINING  THE  AIRPLANE'S  WEIGHT  AND  BASIC  DIMENSIONS 

§11.1.  THE  METHOD  OF  RELATIVE  WEIGHTS 

This  method  is  of-  great  Importance  in  preliminary  aircraft 
design.  It  enables  us,  without  imposing  additional  requirements, 
to  determine  the  takeoff  weight  and  dimensions  of  the  airplane 
quite  quickly  and  accurately,  tc  establish  whether  all  item*  of 
the  Technical  Specifications  are  ;  alistlc,  and  to  analyze  the  in¬ 
fluence  of  various  factors  on  takeoff  weight  and,  consequently, 
on  the  cost  of  the  airplane  and  the  technical-economic  criteria 
used  as  a  basis  for  determining  the  optimum  version  of  the  de¬ 
sign. 

This  method  consists  essentially  in  the  following. 

The  takeoff  weight  G  is  broken  up  into  four  groups  of  weights: 

1)  G  ,,  the  weight  of  the  payload,  which  consists  of  the. 

r  '  **■ 

weights  of  the  crew,  equipment,  armament ,  end  cargo; 

2)  0^,  the  structura1  weight; 

3)  Gp  p»  the  weight  of  the  powerplant; 

l»)  G„  ,  the  weight  of  the  fuel  and  fuel,  system. 

The  weight-balance  equation  Is  obtained  in  the  form 
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w fjit ten  in  fractions  'of  « takeoff  weigh t  will 


I  I ‘•Cjui+Cii+Ca.f+Ct.t- 
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/  ’%is  equation  might  be  called  the  "equat 
properties  of  the  airplane,"  because 
It  Jinks  the  flight  properties  of  the  al 
with  the  payload,  and  with  other  propert 
■'  airplane  and  its  engine. 

The  weight  G  L  (ir.  kilograms)  depei 
airplane;  It  can  be  established  at  the  vi 
work  and  assumed  constant  for  .t  given  cl; 


for  propjet.  engine 


for  turbojet  engine 


wnere  Kft-  =  Ua'/1en  ls  the  relative  weight  of  pewerplant  accessories 
expressed  as  a  function  of  engine  weigh-,  The  power/weight  ratio 
N/G  of  a  propjet  airplane  and  the  thrust /weight  ratio  P/G  of  a 
turbojet  airplane  are.  determined  In  nccor-Umco  with  flight  data, 
i.e. ,  on  the  basis  of  top  speed  uml  flight  altitude,  ceiling, 
rate  of  climb,  or  takeoff  distance. 


f  0  _  from  among  those  determined  for 

P  •  P 

to  be  substituted  into  (11.1).  the 


IHS^ulreaenta  for  the  rest  of  the  properties  will  then  be  more 
than  satisfied.  The  weight  of  the  fuel  system  Is  determined  from 
the  formula 

•  ’;V  ST.c>»(l-f  AT,)3t, 

where  K„„  »  G  /G„  is  the  relative  weight  of  the  fuel-system 
sy  sy  i 

machinery  and  tanks  expressed  as  a  fraction  of  fuel  weight  and 
the  relative  weight  of  the  fuel  5f  «  Gf/G  is  determined  from  the 
desired  flight  range  or  endurance.  To  this  end,  it  is  neces¬ 
sary  to  know  the  engine's  fuel-consumption  curve  and  the  aero¬ 
dynamic  characteristics  of  the  airplane. 

*  n  and  3. 


If  the  relative  weights  3S»  ^p.p»  auu  uf,3 


are  known,  the 


relative  payload  weight  can  be  determined  from  (11.1): 

Gn.„~1  — (Gx+G,.r+ 0T.c). 

Knowing  the  absolute  and  relative  payload  weights,  we  can 
determine  the  takeoff  weight: 

in  —  Jlma  —  ^ti.H 


^'n,H 


-^(7*  »f-  (i t,y  H 


Equation  (11.5)  clearly  shows  that  the  higher  the  strength 
and  flight-performance  requirements,  i.e.,  the  larger  $s,  Sp>p» 


,  the  smaller  is  the  fraction  remaining  for  G  and  the 
f .  3  F 


and  8^ 

larger  the  airplane's  takeoff  weight. 

A  near-zero  remainder  from  the  unity,  and  the  more  so  a  nega¬ 
tive  remainder,  indicates  that  the  design  is  unrealistic  because 
the  flight-performance  requirements  are  too  high. 

Thus,  the  equation  Interrelating  the  properties  of  the  air¬ 
plane  enables  us  to  determine  the  feasibility  of  meeting  the  set 
of  property  requirements  and  to  determine  (or  approximate)  the 
optimum  combination  of  these  requirements  on  the  basis  of  minimum 
takeoff  weight. 

We  see  from  (11.5)  that  a  relative  error  in  the-  determination 
of  the  payload  Gp  ^  results  in  an  Identical  relative  error  in  ubc 
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fcakeof£*t*eight  determination,  but  the  absolute  error  in  the  lat- 
■:  ter  will  be  larger  by  a  factor  3./S  ^  than  the  absolute  error  in 

“^p.l*  consequently ,  the  payload  must  be  determined  as  accurately 
as  possible  the  first  time  to  avoid  the  need  to  recompute  it  re- 
peatedly. 

§11.2.  DETERMINATION  OP  PAYLOAD 

The  payload  consists  of  the  crew,  equipment,  and  cargo.  Pro¬ 
ceeding  from  the  intended  use  of  the  airplane,  it  is  necessary  to 
determine  the  composition  and  weight  of  the  crew,  draw  up  a  de¬ 
tailed  list  of  equipment,  and  calculate  its  weight,  including 
fasteners,  wiring,  and  p3.umblng.  The  special  cargo  of  a  military 
aircraft  consists  of  armament,  launchers,  ammunition,  and  special 
equipment.  For  a  cargo  aircraft,'  the  maximum  cargo  weight  can 
be  determined  as  the  weight  of  a  single  heaviest  transportable 
object  or  even  the  weight  of  several  such  objects.  The  maximum 
■„  cargo  dimensions  determine  the  dimensions  of  the  cargo  bay. 

The  situation  becomes  more  complex  when  the  payload  of  a  pass 
enger  airplane  is  to  be  determined.  This  is  because  a  given  traf- 
-  fic  load  on  a.  given  line  can  be  handled  during  a  given  period  by 
a  small  number  of  hauls  by  larger  airplanes  or  a  larger  number  of 
hauls  by  small  airplanes.  In  the  former  case,  the  intervals  be¬ 
tween  hauls  may  be  longer,  which  is  inconvenient  for  passengers, 
but  in  the  latter  the  -irport  may  be  overloaded  and  the  cost  of 
compensating  the  crews  may  rise.  For  how  many  passengers  should 
the  airplane  be  designed? 

The  ontlmum  payload  can  be  determined  from  the  minimum  value 
of  a  genera’  criterion.  A  tentative  answer  can  be  obtained  from 
such  considerations. 

In  the  finished  airplane,  the  maximum  sum  of  payload  and 
fuel  weights  Is  determined  by  takeoff  conditions  and  strength, 
and  can  be  assumed  constant: 


in 


»■ .  .  .•VjT'v  t  f  1 
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.  The  opi  Imuro  range  L  will  be  that  at  which  the  payable  "work" 

Q  -  ,Xi  done  by  the  airpl?  ;e  is  maximized.  Since  L  is  approxi* 

■  yii  ... 

stately  proportional  to  Gf,  we  can  write  in  approximation  that 

CajiGt—max.  (11.7) 

corresponds  to  the  condition  (Gp  jk)nax- 

It  follows  from  (11.6)  and  (11.7)  that  the  airplane  will  be 
optipjsi  if 


Gnn^G*. 


The  new  aircraft  design  will  be  near-optimum  if 

Gan  *»  Gr 


■*  T.p* 


where  G„  is  the  weight  of  the  fuel  consumed. 
1  *  c 


Since  the  weight  G  of  the  passenger  equipment  stands  in 

p  •  6 

about  the  same  relation  to  the  payload  weight  as  the  weight  of 


the  navigational  fuel  reserve  and  the  weight  of  the  dry  fuel  sys¬ 
tem  have  to  the  weight  of  the  fuel  consumed  (^25-3055),  the  last 
equati an  can  be  replaced  by 

0u4  + Oji.  i53  Gt-o. 


where  fl-  is  the  weight  of  the  fuel  system  with  a  full  fuel  load 

1*3 


G,,  as  determined  from  the  technical  range  Lt>  In  this  case, 


takeoff  weight  is  determined  as  follows 


where  Gc  e  is  the  weight  of  the  crew  and  equipment  (without  the 


passenger  equipment). 

§11.3.  DETERMINATION  OF  RELATIVE  STRUCTURAL  WEIGHT 


(J 


1  —  (0#  •)-  O'l.y  *{•  2t  •  ,  c) 


(11 


The  structural  weight  is  composed  of  the  weights  of  the  wing, 
fuselage ,  landing  gear,  and  control  systems?.  Weight  formulas  muss, 
be  used  to  determine  the  weights  of  these  parts  of  toe  airplane 
with  satisfactory  accuracy  as  functions  of  their  parameters. 
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The  weight  0  of  the  wing  consists  of  the  weight  of  the 
spar  flanges  (or  the  carry-through  structure  in  general)  G 
the  weight  of  the  spar  webs  Qa  the  weight  of  the  rib  flanges 
dr  the  weight  of  the  rib  weba  Grw,  the  weight  of  the  skin 
on  the  leading  and  trailing  parts  of  the  wing  Gglt>  and  the  weight 
of  the  ailerons  and  flaps  (?a 

0KparjG%.a  +  Gci  a  +  OoT.Bep  G0f\-G&M.  (11,9) 


The  weight  of  the  spar  flanges  is  [12]: 


I2-1000«/f  co»*x 


(11.10) 


Here  Cg  ^  is  an  empirical  coefficient,  n^  is  the  computed  ulti¬ 
mate  overload  for  case  A,  Q  is  the  takeoff  weight  of  the  airplane 
in  kg,  Y  if-  the  specific  gravity  of  the  material  in  g/cm  ,  f  » 

■  0.82  is  the  ratio  of  the  average  stress  in  the  flange  to  the 
maximum  stress  in  the  same  cross  section,  A  is  the  ratio  of  the 
arm  of  the  force  couple  acting  on  the  upper  and  lower  flanges 
(panels)  to  the  wing  profile  thickness,  a  is  the  stress  at  an 
•iTtfarclr 'point  on  the  flange  at  the  moment  of  failure,  l.e.,  with¬ 
out  consideration  of  stress  concentration  in  the  weakened  cross 
section,  in  kgf/  .n2,  x  is  the  sweep  angle  of  the  wing  on  the 
line  of  maximum  profile  thickness,  X  is  the  wing  aspect  ratio, 
c  is  the  wing  mean  profile  thickness  ratio,  arid  l  is  the  wingspan 
in  meters.  The  numeral  1000  takes  account  of  the  dimensions  in¬ 
dicated  above  for  the  quantities  Q.  y,  cr ,  and  l. 


The  coefficient  K  P  allows  for  the  lighter  weight  of  the 
spar  flanges  in  the  trapezoidal  wing  due  to  unloading  as  compared 
with  the  flange  weight  in  the  rectangular  wing  with  spanwise- 
constant  thickness  and  load  per  unit  length  and  without  considera¬ 
tion  of  unloading.  It  is  determined  from  the  formula 

Kn  r — •*i|K|>(jnp”^lT('T"  (11.11) 

Here  the  coefficient  k1  depends  on  the  wing  tapers  nb  *  bmax/bmin 
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in  plan  and  nc  •  cBax^0Biin  ^•hiP8*  *na  expresses  the  decrease 
in  the  flange  weight  of  th#  uttr*Utv«d  trapezoidal 
pared  with  the  constant-profile  rectangular  wing;  k^,  is  a  Cor¬ 
rection  factor  that  refleots  the  influence  of  the  spanwise  dis¬ 
tribution  of  the  circulation  T  as  compared -with  the  distribution 
according  to  the  law  of  ohords. 

The  remaining  coefficients  express  the  influence  of  unloading 
due  to  the  weight  0wg  of  the  wing  itself*  the  weight  Gf  of  the 
fuel,  which  is  distributed  over  the  entire  span  of  the  wing,  and 
the  weight  of  concentrated  loads  G^.  These  concentrated  loads 
may  be  engine  nacelles  with  engines,  landing-gear  housings  with 
landing  gear,  tank3  with  fuel  if  they  occupy  a  small  fraction  of 
the  span,  etc . 

These  coefficients  are  determined  from  the  following  for-  _t 


mulas : 


!)(1e—  ip 


3(nc— ])— (n-— h  3 


— L — inv]; 

tk-i  '  («fc-ip  ! 


(13.12) 


(11.13) 


1,04— 0.02(4— 


when  nv  >  4,  kir  »  1.04}  klwg  is  determined  from  (11.12),  where 
nb  is  replaced  by  nQ  *  «  or  nQ  -  nfenc;  klf  can  also  be  determined 
from  (11.12),  where  nb  is  replaced  by 

where  (b.cj  „  and  (b,c.  )  .n  are  the  cross-sectional  areas  of 
\0  X/  max  x*  w  mm 

the  fuel  tanks  at  the  root  and  tip  of  the  wing; 


{Tfc->P 


(edc-lMl+Ulc-nx 


xO  ~  <?)J  ln- 


i-Mnc-  DU -5)  i 


(11.14) 


where  5  *  e/(i/2)  and  e  is  the  arm  of  the  load  measured  from  the 
airplane's  plane  of  symmetry. 
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-£* ,’  -  3^1?- 3* 

l 4 ctg^»s£<*^iKtjJ  f  -T.  *&<“*:  _  ‘  *. ; . .  i-‘.  ^\r  -  suij-  vu  *^*v  a.  :  ^ ^i5;-,  5  .  = ,_  =  -_- 

.  ^vTSp^F-  -.  »f.tf-*rr*tw,'-  fi  ■-;-£•  ■  ■  < 

■  5  ft;  ;?'V->.t;  #s^r  \.  lv  i  jj  ‘: . 

■  '-Si i  *c  i-fevK  / wT •**:»■-■'-  •“  m  ■ 


"r'W'~"t&WA 


*/  '  . 

weight*  of  the  spar*  webs  from  the  formula 


oe,  =---  itMaia/-  /f„  „ 

t'J'  4*l006fre?V 


(11.15) 


I^S^;|»«S#'-'-%4-.  empirical  coefficient,  Q  is  taken  In  kg,  y  in 

■a  ■  '  *».'■*'  ”  '  ej 

'  •:  v-w'bra  »  anl  t  In  kgf/mnr . 


;  *  1:  Here  the  coefficient  K  „  takes  account  of  the  decrease  in 

;*;■  ;  &.V 

Web  weight  In  the  trapesoidal  wing  due  to  unloading  as  compared 
■i,?  with  web  weight  in  a  rectangular1  wing  with  spanwise  constant  thick" 
■  •  ness  and  load  per  unit  length. 

hirf'3  It  is  determined  from  the  formula 


K,,,  ^j^jr ”  ^atipbitp  k3rfOrf  -r0^y  K„a. 


•  (11.16) 


Here  the  coefficients  k^»  k^p,  k-,  ,  k^p,  and  k3id  are  ana“°&ous 

to  the  coefficients  k^ ,  k-^p,  lfiwgJ  kif’  anci  klld‘  The  term 

(c/ccs  x)K  ,,  takes  account  of  the  unloading  of  the  webs  by  forces 
s  •  1 

acting  along  the  ..par  flanges. 


•1  Hi.  f  I 

ktr  =■•  1.03-0.013(1 


(11.17) 

(11.18) 


If  hb  >  4,  we  have  k~p  *  1.03- 


k^Wg  Is  determined  from  (11.17)  after'  replacing  nb  by  n,-  * 
or  n *  nv  n  ;  k-,,,  Is  determined  from  (11.17).  taking  instead  of 


(**•<•  jOnm 

I'.rii  2r; 


•If  <1,  1  I 


(11.19) 


h,  I. 
s .  1 


determined  from  (11.11).  T1:.  weight  of  the  rib  flanges: 


a  31 li  .'_/ 

u"-"eP  )0)0  . 


11.20) 


The  weight  of  the  rib  webs: 
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«t.M9  «T.M>  |000  t 


;  :  (11>I^)  _ 


The  weight  of  the  skin  on  the  leading  and  twilling  parts  of  the.  • 
wingi  .  <  \:v  ,  . 

Gm-c^S.  (11422) 

The  weight  of  the  ailerons  and  t&keoff/landlng  flaps:  " 

0»,Krc  (Sa^"  5  m){j.  r;  .  (11‘23) 

Substituting  all  of  these  weights  into  (11.9)  and  dividing 
both  sides  of  the  equation  by  the  takeoff  weight  fl,  we  obtain  an 
equation  for  determination  of  the  wing  relative  weight:  $wg  * 

*  °wg^®‘  .  1 

Solving  this  equation  for  U  ,  we  obtain  a  formula  for  the 

Vfg 


relative  weight  of  the  wing: 


V*P  “  j  [  -  *lrp^rp)  +  r-~  (  Wv  ~  >»/*,  ' 

».  Z  *  -  «...«*>  ,  f«r...p]  rtAV/  ,  C„*  .  .  ,'B\lw 

**»tv n  — I  TooT +~T  T SJjx 

(  A+r-BC  \  r1  v 

y  1  -4-1 - - - *,  K.  4-  I -2A1L  . 

\  fOiJt  Uf  cos*  s*7  1000 


X  1+1— ^ - 

V  fOl!  t 


( 1 1  •  2  h ) 


Here  a  denominator  larger  than  1  reflects  the  decrease  in  wing 
weight  due  to  t,°lf-unloading. 


o!2/y>  ’ 


It 


(11.25) 


(11.26) 


JL  nc  - 1 

3?  He  4.  1 


(11.27; 


The  following  numerical  values  of  the  coefficients  can  be 
taken  for  the  calculation: 
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e0>f  *  1 . 3-1 *  ^ ; 


cSiW  fc  3,3**Ms 


cr.f  "  0f7§~0.90; 


Y  *  2.85  S/cm^i 


cr.w  *  9i 


a  *,^5  kgf/mm2; 


5sk  *  °'01^* 


t  ■  20  kgf/mra  . 


For  duralumin 


ca.f  *  O.086-0.088j 
f  ■  ♦  ■  0.82. 


If  all  available  space  inside  the  wing  Is  used  to  hold  fuel, 
the  weight  of  the  fuel  in  the  wing  can  be  assumed  proportional  to 
the  external  volume  of  the  wings 

(Jrfp^lOOOw.WYr.  (Ilr28) 


where  Yf.  is  the  specific  gravity  of  the  fuel,  wf  is  th6  ratio  of 
fuel  volume  to  wing  volume,  w  is  the  volume  of  the  wing  In  and 


is  determined  by  the  formula 


w  0.44 


n 


(11.29) 


where 


K 


0,  4-  >>  +  2t|wt|c  +  ! 

(n»+  l)(Se4  1) 


(11.30) 


If  nb  *  nc  *  n,  we  have  ^ and  If  n  *  ",  we  have 


K  -  2. 


Formula  (11.24)  holds  for  wings  with  aspect  ratios  X  >  4;  the 
same  formula  can  be  used  for  wings  of  smaller  aspect  ratio  if  the 
influence  of  that  part  of  the  wing  area  and  span  taken  up  by  the 
fuselage  is  allowed  for.  This  can  be  done  in  approximation  by 
reducing  the  coefficients  c  „  and  c,  in  the  ratio  ( l  -  D p)/l 

u  1  i  O  •  W  A 


and  the  coefficients  cr  f  and  cr  w  in  the  ratio  (S  -  S^  j,)/S. 


For  a  variable-sweep  wing,  the  wing  weight  calculated  by 
(11.24)  at  minimum  sweep  must  be  increased  by  the  weight  of  the 
swing-wing  mechanism  and  hinges,  which  makes  up  about  35 S  of  the 
weight  of  the  wing 


There  ere  also  other  formulas  for  wing  weight. 

»  •  •  i.  .  •'  -  ■  ■  .  :  • 


Table  11.1 


Material 

Temperature, 

“c 

100 

150 

200 

Duralumin  (Dl6) 

1.03 

1.06 

1.14 

Refractory  duralumin 

•  1.015 

1.03 

1.10 

For  a  small-aspect -ratio  delta  wing  for  a  supersonic  airplanes 
A, A.  Badyagin  [22]  proposes  the  formula 

)  4"“4*  ®»°15] ,  (11.31) 

where  $  is  the  unloading  factor;  ♦  ■  0.55-0.75,  nc  is  the  cal¬ 
culated  unloading  factor,  Kt  Is  a  coefficient  that  takes  account 
of  aerodynamic  heating  and  is  taken  from  Table  11.1,  l  is  the 
wingspan  and  p  is  the  specific  load  on  the  wing. 

The  approximate  formulas  of  Driggs  can  be  used  for  the  wing 
weights  of  subsonic  airplanes. 

These  formulas  are  much  simpler  than  (11. 2*0  but  less  exact. 
They  appear  for  the  first  time  in  this  book  and  are  converted  to 
the  metric  system,  with  the  o  «*  f(G.)  and  o  *f(a)  graphs  replaced 
by  formulas.  To  orii.g  out  more  clearly  the  analogy  between  the 
Driggs  formula  and  formula  (11.24),  we  replace  the  ratio  1/ cmax  by 

the  expression  L  i±_! ,  which  is  equal  to  it.  Then  we  have  for 

c  h« 

the  straight  wing 


(11.32) 

For  a  swept  wing 

S.,—  1.86  ,  J  [ s+i-^r-fw  »1 

**  Ki3«rosi  [  c  OTcr0*T 

(11.33) 

Here 

o  ■  KG®’^  is  in  kgf/mm2 

(11.34) 
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and  G  Is  expressed  in  tons. 

Given  good  design,  small  cutouts,  and  extensive  unloading, 

K  »  13. 

Under  average  conditions,  K  ■  10. 

In  the  case  of  poor  design,  numerous  cutouts,  and  little  un- 


loading,  K  a  8; 

a  —  1 

(11.35) 

f  (a) -0,0567  4 - — - ; 

10  4-  2,9  y  a 

/(js) =0,0.567+ - - - ; 

50 +  2,9  pH 

(11.36) 

a==l_dh-; 

n. 

If  ab  =  nc  *  n*  a  =  °» 

/•  («,  ;d  /t;i)-0,o.i67  i  -  2g  . 

,  10a. 

h 

b)  Relative  Weight  of.  Fuselage. 

The  weight  of  the  fuselage  is  composed  of  the  weight  of  the 
stringers,  skin,  bulkheads,  flooring,  canony,  windows  and  glazing, 
doors  and  doorframes,  and  assembly  hardware. 

1.  Weight. of  stringers  and  attached  skin  . 

Taking  case  A'  or  12'  as  the  design  ea,.e  for  the  fuselage  in 
accordance  with  the  larger  of  the  design  overloads  nft,  of  nE,,  we 
shall  consider  the  fuse age  a-,  a  beam  resting  on  two  supports  - 
the  front  and  rear  wing  spars.  We  shall  disregard  the  aerodynamic 
forces  and.  the  inertial  forces  due  to  ngular  acceleration.  The 
fuselage  is  replaced  by  a  cylinder  with  wall  thickness  5  constant 
around  the  cross-sectional  contour  and  a  radius  R.  The  section 
moment  of  Inertia  or  such  a  cylinder  is 


an<i  its  wall  thickness 


Mhait 


Figure  11.1.  Two  methods  of  simplifying  moment 
diagram. 


The  weight  of  the  carry-through  structure  is 

r.  *RA'tr  !*  AA. i » 


Here  ccts  *  1,2  ir  a  correction  factor  that  reflects  the  con¬ 
version  from  the  theoretical  weight  of  the  carry-through  structure 

to  its  real  weight  and  is  obtained  from  weight  statistics  and  o  » 
2  c  i? 

■  25  kgf/mm  .  The  diameter  D  of  the  fuselage  is  taken  out  of  the 

integrand,  since  we  disregard  the  variation  of  diameter  over  the 
length  of  the  fuselage.  However,  this  circumstance  can  be  taken 
into  account  by  an  approbate  increase  in  the  moments  with  re¬ 
spect  to  the  ends  of  the  fuselage,  j  Mdx—  is  the  area  of  the 
bending-moment  diagram  over  the  fuselage  length  (Fig.  11.1a).  The 


points  of  the  fuselage  axis,  we  obtain  a  triangle  of  area  larger 
than  the  aiea  of  the  moment  diagram: 


V  Mdxst  — ~~ 


(11.38: 


If  the  locations  of  the  wing  loads  and  spars  are  not  known, 
^max  can  used,  as  in  the  case  of  a  beam  under  uniform  load 
^aid.f  +  Gf^  and  supported  at  the  center: 

w  («rP0  + 

V*  (11.39 


i  4  Vi 


(11.40) 


If  the  .load  and  spar  positions  are  known,  the  resulting  mo¬ 
ment  diagram  can  be  simplified  by  substituting  a  broken  line 
drawn,  through  the  moment  points  at  the  front  and  rear  spar  (see 
Fig.  '  ll.  lb) .  -  -  •••  • 

This  results  In  a  slight  increase  in  the  area  of  the  moment 

diagram,  but  doc;  not  exaggerate  the  weight,  since  the  formula  is 

correct',  .i  by  the  factor  c  .  . 

etc 


In  this  case 


)  Mdx  J--  J.i /„(/.,  f  M 


(11.41) 


The  nose  moment  Mn  about  the  front  spar  is  determined  as  the 
sum  of  the  moments  from  loads  that  can  be  regarded  as  lumped  and 
from  distribute. J  loads,  which  are  assumed  uniform: 


Here  Gfj  and  arc  the  concentrated  forces  from  the  wing  front 
spar  and  their  arms  and  qn  and  X(J  are  the  distributed  loads  per 
unit  length  and  the  arms  of  the  forward  ends.  The  moment  of  the 
tail  section  at  the  roar  spar  is  detemlned  similarly. 

2.  Weight  cf  bulkheads 

The  framing  bn'  rheads  are  designed  to  maintain  the  sectional 
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ar.«n  PWiBM,  tnvyUfV 

f  «Hi -f  %i,  is  L-:Q  '£■;  *  '£&,?  1 « . 


tTOT'  IflFlW 


shape  of  the  fuselage  when  Attends  end  twist* ,  end  unless  ah, 
additional  loeel  force,  td  a  huliais^i;  the  design  case 

correspondingto  it  is  bending  of  thefuselage. 

In  this  case,  the  bulkhead  is  compressed  by  opposing  forces 
and  the  maximum  moment  in  two  opposite  bulkhead  sections  is  deter¬ 
mined  from  the  formula 


Man  m  "*0.25 ?bm^P, 


(11.42) 


where  R  is  the  radius  of  the  bulkhead,  which  can  be  assumed  equal 


to  the  fuselage  cross-section  redlus  and  qmax  is  the  maximum  load 


per  unit  length,  >  -'pressing  the  bulkhead  as  a  result  of  fuselage 
bending j  it  la  determined  from  the  formula 

MW 


£/» 


(11.43) 


Here  6  is  the  relative  thickness  of  the  skin  in  the  annular  fuse¬ 
lage  section,  M  is  the  bending  moment  in  the  particular  fuselage 
cross  section,  I  is  the  moment  of  inertia  of  the  fuselage  cross 
section,  E  is  the  elastic  modulus,  and  a  is  the  distance  between 
bulkheads.  Substituting  the  expressions 


-f  *-y  /-Jf » 


into  (11.43) ,  we  get 


-Vtoa, 


M  Cl.  M 

I  mi.  I  II .  I  IJ.  1^11  »» 1  -  r1"11 1  ' 

'  *p  10S£ 


(11.44) 


We  substitute  the  resulting  expression  for  qmax  into  (11.42)  and 


obtain 


M . 


«qi  ,.M 


2  ED* 


Assuming  that  the  bulkhead  has  a  Z-  or  channel  cross  section  with 
height  h,  we  determine  the  cross-sectional  area  of  its  two  flanges 


2f=s2  '£-***-=» 


where 


fhe  weights- ‘.-iof idfoe-.  bulkhead,  not  courting  its  vertical  members ,  is 


Substituting  the  element  dx  of  fuselage 'length  for  a,  we  ob- 
tain  the  weight  of  the  bulkheads  on  :nch  element  dx  of  fuselage 
length;  integrating  over  the  entire  length,  we  obtain  the  weight 
of  al3  bulkheads;  ' 


the  3t.vess  from  the  compressive  force  P 


«4'rf,*U+«i)  /♦./. 

-c„„ .  —  i  flh/jc. 


10 *EomakD 


Here  the  multiplier  (1  +  4h)  takes  account  of  the  fact  that 


qmaxD  is  ad<led  to  the 


structure j  and’  a 


abh  ~  2<*  kgf  are  the  stresses  in  the 


cax’ry- thro  ugh  structure  and  bulkheads. 


The  statistical  coefficient  ®  23  takes  account  of  the 
weight  of  the  bulkhead  vertical  members  and  the  conversion  to  the 


real  weights. 


This  large. cbh  is  explained  by  the  fact  that  It  also  includes 

the  weight  of  the  reinforced  bulkheads,  which  i3  three  times  the 

-  -  -  .  _  ^ " 

weight  -  of  the  standard  bulkheads  .  The  in;  egrai  expresses  the.: 
area  of  the  fuselage-bending  moment  diagram  considered  earlier'. 

Combining  the  weights  of  the  stringers,  tie  attached  skin, 

and  -the  bulkhead.-  i.sev  (li  -37).a.nd  (  iL  45)l*-we - 


"  “  Hk  j  iCP'D  • 


In  formulas  (11. 37)  and  (31.45),  c 


addition,  it  was  a  .cumed  that  a  «  If  kgiVmm  ,  cn. 

^  ex  on 


26  kg  f /non  , 


h  «  0.03,  and  E  =  7Q90‘ kgf/mm ' . 

J 


The 


oefft,oic?.xi.  10  in  introduced  so  that  y  can  be  Substl- 

ir.  ) 


tuted  Jut'  the  funn-In  in  g/cm  ,,.,0  and  E  in 
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,  and  the ' 


(11.45) 


stress  from  the  moment  Mmax  *  *n  the  bulkhead  cross  sec¬ 

tion;  .ocr  *  26 .  kgf/;;X  is  the  critical  atrt  >s  in  the  carry- through 


(11.  *16) 


X 


quantities  in  meters  and  kilograms. 

value  of  the  coefficient  c^  indicates  that  there  is 
for  reducing  the  weight  of  the  bulkheads  and  a 
Individ':  all  red  approach  to  the  design  of  each  bulkhead 
e  1  o^ance  for  its  effective  forces. 

"formula  (11.46)  shows  that  the  area  of  the  bending-moment 
diagram  appeals  as  a  common  multiplier  in  the  weights  of  the  ca^ry- 
through  structure  and  the  bulkheads.  Let  us  now  examine  how  the 
ifing  sweep  .ingle  will  influence  the  area  of  :the  moment  diagram 
and  this  weight. 

If  the  wing  sweep  angle  is  changed,  the  aerodynamic  center  of 
the  wing  and  its  mean  aerodynamic  chord  must  remain  in  the  same 
positions  to  preserve  the  trim  of  the  airplane ;  it  the  wingtips 
arc  shifted  aft,  the  wing  root  chords  and  the  wing  spars  in  the 
elage  will  be  shifted  forward. 

We  plot  the  stationary  wing  aerodynamic  center,  i.e.,  the 
oint  at  25%  of  mean  aerodynamic  chord  (Fig.  11.2)  from  the  wing 
leading  edge,  on  the  fuselage  axis.  If  it  is  assumed  that  the 
forward  spar  runs  through  the  line  of  centers,  then  for  a  g  ven 
sweep  angle  x»  the  forward  spar  passes  through  the  fuselage  at 

a  distance  (see  Fig.  11.2) 


where  z  is  the  coordinate  of  the  wing  area  center  of  gravity  and 
I)f  is  the  width  of  the  fuselage. 

Having  plotted  the  diagrams  of  the  nose  and  tail  bend.ng 
moments  to  the  point  at  which  they  intersect,  we  lay  off  the  dis¬ 
tance  x  from  the  aerodynamic  center  in  the  oi lectic-n  of  the  nose 
for  the  particular  angle  x*  obtain  the  position  of  the  front  sPar; 
and  obtain  the  position  of  the  rear  spar  by  laying  off  t»  •  width 

b  of  the  wing  box  from  the  front  spar  in  the  direction  to  the 
r 

tall. 
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Thua,  we  havecfotalned 
all  data,  for  calculation  of 
the  s^pment-dlagrCIi  area  fro» 
(.11*41)  as  a  function  Of  x*- 

and  tall- 


IS  the  nose' 

moment  curves  are  extended  to 
th'e  point  where  they  meet,  the 
intersection  will  Indicate  the 
position  of  the  fuselage-load 
center  of  gravity  and,  in  ap¬ 
proximation,  that  of  the  fuse¬ 
lage  itself.;  We  see  from  this 
construction  of  the  moment  dla* 
gram  that  the  smallest  value 

of  will  hold  when  » 

max  n 

*  M*.*,  *  M _ and  these  values 

1 1  max 

of  the  moments  Mn  and  M^.will  be  the  smaller  the  greater  the 
distance  between  the  wing  spars.  Consequently,  the  minimum  weight 
will  oe  obtained  for  the  carry-through  structure  and  bulkheads 
when  the  fuselage  and  its  loads  ax-e  suspended  at  their  center  of 
gravity  approximately  midway  between  the  spars  and  the  weight  of 
the  fuselage  framing  will  be  smaller  the  larger  the  distance  be¬ 
tween  tne  wing  spars  at  the  fuselage. 


Figure  11,2.  Influence  of  wing 
sweep  on  fuselage  moment  dia¬ 
gram. 


i.  Weight  of  skin  cn  press urltcd  recti „u 


Part  of  the  weight  of  this  skin  was  included,  as  its  attached 
width,  in  the  weight  of  the  carry-through  structure.  The  remainder 
is  determined  as  the  weight  of  the  wall  of  a  cylindrical  container 
with  an  excess  pressure  Pexc  inside  it.  The  maximum  stress  in  the 
skin  is  a  section  along  the  generatrix  of  the  cylinder  is 

'*  ”  »7r 

whence  the  thickness  of  the  skin  Is 


The  weight  of  the  preesurixed  part  of  the  akin  is 


(11.47) 


where  the  number  10.33  has  been  introduced  so  that  y  can  be  sub- 


;2 


atituted  in  g/enr  and-Pexc  and  afe  in  kgf/mm  .  Here  y 


2.85 


g/cnr,  p. 


0.25-0.6  atm  depending  on  the  altitude  capability 

(taken  from  the  fatigue 


*  •'exc 

of  the  airplane,  and  ob  •  8  kgf/mm' 
calculation). 


The  coefficient  0.8  allows  only  for  that  part  of  the  skin 
not  included  in  the  width  attached  to  the  stringers. 

4.  Weight  of  pressurized  end  wall 

If  the  end  wall  has  the  form  of  a  spherical  segment,  it  will 
work  under  tension  when  the  excess  pressure  is  applied,  and  the 
bulkhead  bracing  it  will  be  compressed  by  a  uniform  load  directed 
toward  the  center  of  the  bulkhead.  The  weight  of  these  two  parts 
of  the.  end  wall  can  be  expressed  by  the  formula 

_  d-.?)1 

L  T 


10.33V*, |(1  +  7;P  ,  (1 

1?  I  2/1 P  /« C  j 


Here  ?  »  f/R  »  2f/D  is  the  relative  depth  of  the  end  wall.  The 
first  term  in  the  square  brackets  takes  account  of  the  weight  of 
the  shell  and  the  second  the  weight  of  the  framing  bulkhead.  It 
is  easily  shown  that  the  minimum  of  the  expression  in  the  brackets 
and,  consequently,  the  weight  minimum  of  the  end  wall  and  bulk¬ 
head  will  occur  at 


i  rr-fr  \ 


(11.4V) 


Even  if  we  assume  o^  *  og,  we  have  ?0pt  *  i»  which  is  not  accept¬ 
able  in  practice. 

We  convert  (11.48)  to  the  form 


r,  — /*  •  lO.^Aah^P1  „ 

U.UM 


Cu.st" 


He™  °ew.bh  *  2-5  ana 
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For  a  lattice-reinforced  flat  end  wall,  we  can  asaurne  a  * 

2  2 
*  3  kgf/mm  ,  and  ag  *  16  kgf/mm  . 

5.  Weight  of  skin  on  unpressurized  section  of  fuselage 

With  the  exception  of  the  part  already  considered  with  the 
carry-through  structure,  this  skin  works  in -shear  under  the  fuse¬ 
lage  shearing  and  twisting  forces. 

The  maximum  tangential  stress  In  the  fuselage  section  at  the 
base  of  its  unpressurlzed  part  due  to  the  shearing  force  Q  is  de¬ 
termined  from  the  formula 

Q2/W  I  C. 
l/?3  '  26  ’ 

If,  in  addition  to  the  vortical  shearing  force  Q,  the  verti¬ 
cal  tailplane  is  also  acted  upon  by  a  horizontal  lor-ce  Y  .  ,  these 
forces  must  be  replaced  by  their  resultant  /Q  +  Yy  ^  and  in¬ 
creased  by  the  stress  t,  from  the  torsional  moment  M  *  Y  .  *  h', 
J  tors  v.t 

where  h'  is  tho  arm  of  the  force  Y  t  with  respect  to  the  fuse¬ 
lage  axis.  Then 

M  J. 

K,i)"  :r  2a  R-  i 


The  total  stress 


M  -i ( |  ‘ -yL  1  yn  o i 


From  this  wo  determine  the  sk> n  hnicknest; : 


‘.•U 


(11.51) 


Practice  give 3  uo  the  following  simple  dependence  of  the  critical 
stress  on  the  thickness  of  the  sheet  metal: 


‘crl  t 


.-•*  S  [  k  f/mtr/  j , 


From  this  we  obi,  a  in 


.  •  j  i  1  i  i  i  >  „ .  i  -  •  mrT!' 

l  1  ’  .0-,  ur.t.o,,, 


(11.5?) 
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Instoad  of  the  fuselage  diameter,  the  diameter  of  the  pressurized 

iii  this  formula  because  the  end  of  the  press ur- 
iillf-fietiph  of  the  fuselage  may  be  aft  of  the  end  of  its  cylin- 

■  "7  .  r.  *  - 

drical  section. 


Knowing  the  thickness  of  the  skin,  we  determine  its  weight:: 

0ot.wMC««jffY80e»4r  •  10*  •  6, 


where  y  is  in  g/em^  and  the  remaining  dimensions  are  in  meters. 


She  ehef fieieht  Cgk>up  «■  1.05.  DftV  la  the  average  diameter  of 
the  unpressurlzed  se ction . 


For  aircraft  in  which  the  pressurized  part  occupies  less 
thin  half  the  length  of  the  fuBelage, 


Q&flA'£ 


For  passenger  aircraft  with  short  unpressurized  tail  sections, 
it  can  be  considered  only  for  the  forces  Yy  t  and 

We  combine  the  weights  of  the  entire  skin  and  the  pressurised 
end  wall  in  the  single  formula 

o«.,+  o.H+Q»«.Hr-(0.8fr4-^Oa ) 

-H.osnzyjca 


Here 


,  J<!±Zf ‘-zZLl  7 -x 

[  1/  /'  J'  '  I 


for  6 ,  see  (11.52) . 

The  sum  of  all  loads  in  the  unpressurized  part  of  the  fuse¬ 
lage  with  overloading  n^,  should  be  taken  as  the  shearing  ■‘■orce  w. ■ 

for  military  aircraft 


Q  «  nA'  ~2~ , 


for  passenger  aircraft 


Q*>ia-  Q„«. 
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.theVf^fgEfcif  of,  the  -  re n^l^lrig  parts  of.  the  fuselage  , are  state 

Kiselev  by  proc- 


edbythe  empirical  formulas  derived  by  V.A 

statistics  /the y  reflect  the  theoretical5  relation 
,pt: approximately) .  '  '  .  .  T  - 


G^mV'OK^xi  4-p^ 


s  uanopy,  KQ&  *  1.5  for  pilot  and  naviga- 
+  p  ^/^slgnlfies  that  the  canopy  has  a 


ft  WtightS  of  windows  and  glazing 


fii  "  fhlrfi  weight  is  proportional  to  the  length  1W( j  of 
the  fuselage. with  windows  and  depends  on  the  moments  b< 

--J  ~  . .  -  '  -  ' ' "  •  ‘  ‘ 

tail  section  of  the  fuselage  and  the  excess  pressure  p 
G$bin  r  n  t 

f  -  ^ok3^  Q.SO/oilsro  0  "i  Pua&)  ■ 


If  the  length  of  the  row  of  windows  and  the  length  of  the 
fuselage  tall  section  are  still  unknown,  it  can  be  assumed  for 
passenger  aircraft  that 


8.  Weight  of  doors  and  doorframes 

Q„~  14,90^1+^1) 


length  i  of  the  pres 
diameter: 


.vpqneii 


,■  rite  u  ed  to  Join 
,  and  engines,  count 
and  the  re In for cements 


******  an  ifrmimxm 


applied  to  the  corresponding  fuselage-! racing  elements : 

■»Vy  " 

■  •  +*aG*.,+*«C4-A$C). 


(11.57) 


Here  k^  *  4  for  a  low-wing  monoplane  and  kj  *  7  for  a  high-wing 


monoplane j  G.^  is  the  weight  of  the  loads  in  the  fuselage  plus 
the  fuselage  itself i  «  5»  Gtl  is  the  weight  of  the  tailplenes, 
k. 


7,  *  0  if  the  engines  are  wing-moused,  G„  „  is  the  weight 


3  1  *  ”3  -  --  —  — o— —  —  — rj  -  ~p.p 

of  the  powerplant,  •  0.1  (counting  the  nose-wheel  attachment), 


k,.  *  0.3  if  the  main  undercarriage  is  mounted  to  the  fuselage, 

y 


kc  *  Q  if  the  main  undercarriage  Is  mounted  to.  the  wing,  and 
y 


the  takeoff  weight. 

11.  Weight  formula  for  fuselage 

We  can  now  write  a  formula  for  the  fuselage  relative  weight, 
having  selected  its  dimensions  and  the  excess  pressure  p,  X(,  5n  the 
cabin  and  kncwing  the  weights  of  all  loads  carried  in  ttv  fusel ap"? 
with  the  weight  of  those  parts  of  the  airplane  mounted  on  the  f  t- 
lage  given  as  fractions  of  takeoff  weight.  We  adopt  the  follow- 
ing  simplifying  assumptions  for  this  purpose.  The  weights  of  L! 
pressurized  akin,  end  wall,  canopies,  windows,  aoors ,  and  f'l 
can  be  computed  from  (11.47)  ant.  (11. 50)-(11.56)  in  kilo  ; 
and  compose  a  constant  sum  Gf  oonSt  in  kilograms. 

To  determine  the  thickness  6  of  the  unpressurized 
skin,  we  assume  Y„  .  *  0  in  (11.52)  and  substitute  a  11: 
tion  for  the  parabolic  one.  We  then  obtain  the  approxlua, 

mu  ..a 


'U+-=^h<v.+<^ 


s«14-103 


where  K  .  .  ■  1  for  a  military  airplane  and  K.  nn 

sk . up  ^  k . up 

passenger  airplane. 


Now  the  weight  . of  tne  unpressurized  part  of  the  si- 
broken  up  into  two  terms: 
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of'T^fF-  t'^pression  appears*  In  the  sum  G- 

'■‘Sj  ’■  --•  %  _  .  '  ’  "  ‘-*S£~'  y  “  -  *  \\  -i-±  -  v  -f  <*  ^  O  flS  v  i 

||ibiy$tpfc©  :/ormuia  Cll,®  Info  fen5  the  weight  of  .the 

•&-  5  (G  -4- Gil« 

*.vf  .  -  ru*»w  d*T  £h 


Th#  relative  weight  -df  the  fuselage'  is  now  connected  by  the  e^ua- 

vion  s  .  >;;-r  ;J"“  .  ';J;-  ;  '■’  '  ■>  =  _  *v  ’ 

, : ;  fV:  +  $)  •+ 

’’  fcdRii  *4*  „i ,  i»/»  J  ft  !  fe  V  (ll*60) 


Here,  for  m3  lit ary  and  civil  aircraft 


'or-- military  aircraft 


const 


where  G~  ^  Is  the  sum  of  t h :.  con  tant  weights, 
f  const  • 

The  values  taKen  for  the  coefficient,  k-^-k^  are  the  same  as 

for  formula  ( 11.57 )• 


The  weight  of  the  fuselage  appears  in  the  first  three  terms 
of  (11.60).  We  might  derive  from  this  a  formula  for  the  weight 
of  the  fuselage  as  sir  explicit  function  of  all  the  other  quanti¬ 
ties,  as  we  did  for  the  weight  of  the  wing.  Remembering,  bow* 
ever,  that  simplifying  asrumpt f*.  v?  have  already  been  made,  we 
introduce  yet  ar.o ' .  We  .substitute  the  expression 


||ggg^g| 

M 

VV.'S  .  \C  . .  .  -  ;>  ” 

;  v  -  -  \0  -jjv  *5? '  Js*5' 

’^v5Tr‘g~' 

-  -  -  ■  -  " ' 

~hf V’  ■- 

3 

Into  (11,60)  and  obtain 

S#  —  0  +  5  +  *l^rp.«i "M**  coiut  +  ^an  —  kjjx  y  -j-  (n,6i) 

+  *«  +  *&■ 

Here  ^  is  composed  of  the  relative  weights  of  the  crew3  equip¬ 
ment",  payload,  tailplanea,  powerplant,  and  landing  gear  if  the 
latter  are  attached  to  the  fuselage. 

;  •  }  . .  '  *  ■  :  \  ■  H 

If  the  main  undercarriage  struts  are  secured  to  the  wings, 
we  have  k^  *  0. 

If  the  engines  are  mounted  on  the  wings,  the  terms  with  5p>p 
are  dropped. 

As  we  see  from  (11.63),  the  relative  weight  of  the  fuselage 
has  been  distributed  over  the  weights  of  the  fuselage  loads  in 
such  a  way  that  each  part  of  the  fuselage  weight  represents  a 
certain  fraction  of  the  load  carried  in  it.  This  distribution  of 
the  fuselage  weight  and  the  weight  formula  can  be  derived  more 
accurately  if  the  area  of  the  moment  diagram  is  determined  from 
the  two  moments  M  and  [see  (11.41)]:  this  will  take  account 
not  only  of  the  influence  of  each  load,  but  also  of  its  position 
along  the  length  of  the  fuselage. 

The  weight  of  the  fuselage  can  be  determined  approximately 
from  the  formula 

(11.6?) 

where  a?d  f  is  the  sum  of  all  fuselage  loads. 

Such  loads  are  the  crew,  equipment,  commercial  or  bomb  cargo 
and  the  equipment  necessary  to  handle  it,  the  tailplanes,  most 
of  the  controls  and  possibly  the  fuel,  landing  gear,  and  engines 
jf  these  loads  are  accommodated  in  whole  or  in  part  In  the  fuse¬ 
lage. 

Statistical  lata  indicate  the  following  average  values  for 
the  coefficient  Kr  expressed  as  a  fraction  of  the  weight  of 
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»j^^^»ySn'  ■  *■■»! 

;;3ffvv‘  •■'■■■■■&  -v  '•»  -  ■'  -**» 

-rki 


‘Jr 


f  "S  ‘si^Nd 


f  loads:  r the  heaviest  fuselages,  are  obtained  foi*  subsonic 
passenger  aircraft  with  the  engines? on  the  wings:  f  •'— , 

•  *  .  •  :-  -  -•  :  ..'  -  •  ...  o. .  -  -.  ■..  v  _  . 

;  £  '■  ,.V  '  •  0.33* 

If  the  engine  of  a  passenger  aircraft  is  mounted  on  the  fuselage, 
Kf  *  0.23*  ;  *  '  '  .  -....'  '•  •  •  i  .  .  %..; 

This  decrease  is  explained  not  only  by  the  fact  that'  the 
weight  of  the  fuselage  is  referred  co  tue  weight  of  the  loads 
increased  by  the  weight  of  the  engines,  but  also  by  tha  fact  that 
an  increase  in  the  longitudinal  frrces  from  bendipg  of  *"he  fuse* 
lage  makes  it  necessary  to  thicken  the  skin,  stringers,  and  spars, 
with  the  result  that  the  critical  buckling  stresses  are  larger. 

If  the  tutelages  are  to  aceo,  modate  loads  of  the  same  weight 
as  passengers,  but  these  loads  are  less  bulky,  as  is  the  case, 
for  example,  for  military  aircraft,  the  fuselage  diameter  can  be 
reduced  considerably,  and  then  the  stresses  in  the  material  may 
be  increased  even  further.  - 


This  fact,  together  with  the  reduction  of  the  fuselage's 


surface  area,  makes  the  Kf  of  a  military  aircraft  even  smaller. 


and  the  coefficients  assume  the  following  values: 

For  aircraft  with  engines  in  the  wing  Kf  *  0.20. 

For  aircraft  with  engines  on  the  fuselage  tail  section,  K ^  * 

*  0.16. 

There  may  be  deviations  in  either  direction  from  these  aver¬ 
age  values,  by  4.0.  .  .  ... 

For  supet sonic  airplanes ,  Kf  should  be  selected  on  the  basis 
of  the  upper  limit. 

Applying  (ll.b£y,  we  can  distribute  the  fuselage  weight  ap¬ 
proximately  in  prop!  rtion  to  the  toselege  loads,  multiplying  the 
weight  of  each  load  by  (1  +  Kf),  l.e.,  adding  the  appropriate  frac 
tion  fuselage  weight  to  each  lend.: 
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iV. ,-ii ;  f  ,  y  r,  •  i  r  r  -  j-~~  i  'r~  rgi.i.  a&i  sLiisr=& 


"  '  The  we 

off  weight! 


proportional  tc  the  take 


where 


More  precisely,  this  coefficient  decreases  slightly  with  incfeaa 
ing  takeoff  weight. 

V.M.  Sheynin  [2M]  gives  the  statistical  dependence  of  <3  on 

^  ..  •  O 

takeoff  weight  in  diagram  form.  This  dependence  can  also  be  ex¬ 
pressed  by  the  following  formulas: 


or  passenger  aircraft 


for  military  aircraft 


"  —  0  +  2«  ’ 
where  0  is  the  takeoff  weight  in  tons  and  3  is  in  %. 

-  r 

d)  Weight  of  Tallplanes 

The  weight  formula  for  the  wing  can  be  used  to  compute  the 
absolute  weight  of  the  horizontal  tail,  but  the.  calculation  -is 
simpler  because  there  is  no  unloading  at  the  tall  and  we  can  as¬ 
sume  -  k^p  »  1  and  nb  16  nc  *  n. 

The  largest  value  from  among  all  the  cases  listed  by  the 
Strength  Norms  is  taken  as  the  design  lead.  The  ..procedure 
can  also  be  used  to  compute  the  weight  of  the  vertical  tailplane, 
regarding  it  as  half  of  a  wing  with  span  l  *  21^^  and  aspect 
ration  X  “  t*  Since  th® ^eight ‘of  the  tail  represents  a 
small  fraction  of  the  takeoff  weight  >2S),  Its; weight  can  be 
considered  in  simpler  fashion,  although  major  errors  are  undesir¬ 
able  even  in  this  calculation  owing  to  the  possibility  of  sub-, 
stantial  trim  deviations.  ,, 


approximate  weights  of  the  horizontal  and  vertical  tail- 
can  be  determined  thus: 


®r.o— Pr.o^r.o' 

G..O--/VA.O* 


(11.65) 


where  ph  t  and  pv  ..  are  the  Weights  of  one  square  meter  of  hori- 
al  and  vertical  tailplane.  For  subsonic  airplanes,  these 
weights  are  determine  1  as  functions  of  the  area  of  the  correspond¬ 
ing  tallplane ,  using  the  formula 

Pr.o  —  7 +0|22<Sr.o  (11.66) 

with  p  t  defined  by  the  corresponding  formula.  For  supersonic 
aircraft,  the  weight  per  square  meter  of  tail  surfaces  must  be 
'taken  from  statistical  data  on  similar  aircraft  types. 

e)  Weight  of  Controls 

The  weight  of  the  airplane's  control  consists  of  the  weight 
of  the  control  station  with  all  its  auxiliary  devices  and  the  con¬ 
trol  lines  in  the  fuselage  and  wing;  also,  the  hydraulic  boosters 
in  the  control  systems  of  fast  aircraft.  The  weight  of  the  con¬ 
trol  lines  in  the  fuselage  is  propnrtio  .ai  to  their  length,  and 
the  weight  of  those  in  the  wing  to  its  span.  The  weight  of  th 
control  station  can  be  assumed  constant.  The  weight  of  the  en¬ 
tire  control  system  can  be  determined  thus: 

^  (11.67) 


where  the  weight  of  the  control  station  Qctl  ,,  *  125  kg  for  one 
pilot  and  OL,. ,  „  a  200  kg  for  two  pilots. 

C  w  x  •  S. 

if  boosters  are  used,  their  weight  must  be  included  in  the 
first  term  of  ( 11 . C7) • 

§11.  H.  DETERMINATION  OF  RELATIVE  WEIGHT  OF  FUEL  SYSTEM  AND  POWER- 

PLANE 

a)  Relative  Weight  of  Fuel 

For  turbo  .let  aircraft 'of.  which  long  range  is  required,  the 
relative  weight  of  the  fuel  ran  be  obtained  from  the  familiar 
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logarithmic  formula  for  flight  ranges 

■  •  _  t«JL- 

’  CfX  Og*# 


(11.68) 


This  formula  can  be  written 

i.«ln -J-,  (11#) 

where  8fln  is  the  relative  final  weight  and 

,  WKX  Q_,  (11.70) 

Here  T  *  L/3.6V  is  the  flight  time  in  hours  and  the  aerodynamic 
efficiency  K  Is  expressed  as-the  ratio  of  the  Initial  weight  0  to 
the  initial  thruet  P,,.,.  Formula  (11.70)  brings  out  the  physical 
significance  of  1/A:  It  Is  the  relative .weight  of  fuel  that  would 
be  needed  If  the  thrust  remained  equal  to  Plnl  for  T  hours.  For- 
mula  (11.71)  can  also  be  written 


«e\ 


whence 


G,=  l— f 


Formula  (11.71)  can  be  replaced  by  the  simpler  formula 


(11.71) 


(11.72) 


'’A+Q.iM' 


calculations  by  this  formula  yield  results  with  errors  no  greater 
than  1*  In  the  range  5f  »  0.5-0. 3. 

If  the  amount  of  fuel  Is  small,  It  can  t*  determined  by  con¬ 
sidering  the  consumption  rate  to  be  constant  and  tc  correspon  o 
the  average  weight  of  the  airplane. 


then 


(11.73 


+0.6 
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The  relative  weights  of  the  fue]  aboard  airplane?  with  pis¬ 
ton  and  prop jet  engines  can  be  determined  by  the  same  formulas 
{(11.71),  (11.72),  and  (11.73) J,  but  the  specific  fuel  consumption 
Cgp  is  now  referred  to  1  hp,  requiring  inclusion  of  a  factor  75n/V 
In  the  expression  for  A.  The  result:  .  / 

Here  K  =  K  ,  n  5  0.75,  and  C„  is  found  from  the  fuel-eonsump- 
m  ci  x  bp  ___ 

tion  curve  of  the  particular  engine  type. 

,4^74—^^— -S~.  ’(11.74) 


b)  Relative  Weight  of  Powerplant 

The  following  formula  can  be  written  for  relative  power- 
plant  weight: 


b\  y~(l  -\  Ky )~  Vj,-  (1  T  Ks)p\ln> 


(11.75) 


where  y  =  P/G  is  - the  thr-ust/weight.  ratio  of  the  airplane. 

In  level  flight  at  constant  speed,  y  *  1/K.  For  near-celling 

altitudes,  K  =  K  ,  and  y  must  be  referred  to  the  thrust  P  at 

• .  .  .  ■  rna:<  en  . 


that  -  altitude. 


pressure  pu  above  11  km,  we  have 

cl 


luce  thrust  is  proportional  to  the  atmospheric 


■i, 


(11.76) 


The  thrust/ weigh*  ratio  must  also  in.  determined  'from  other 
required  flight-  properties,  e.g.,  cruising  altitude  and  speed, 
takeoff  distance, •  etc..,  and  the  relative  powerplant  weight  must 
ba  ttdken  far-  the  f light  property  that  requires  the  largest  value. 

If  the -airplane,  must  have  a  short  takeoff  run  Lm,  the  rela¬ 
tive  powerplant  weight  is  determined  on  the  basis  of  the  static 
zero-altitude  thru!'; bAyeight  rati-.,  y  *  Py’Gt 


P  can  .be  dr-ter'ii’n-  1  with  the  foiruia 
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/  -  i£-ln 


(11.77) 


whence 


P0~f-T- 


(11.78) 


I  —e  *p 


or,  from  the  series  expansion  of  the  natural  logarithm 


K~f 


£e*orp^piS 


(11.79) 


Here  f  *  0.02  on  concrete,  f  *  0.06  on  hard  dirt,  c  is  the 

frontal-drag  coefficient  during  the  runup  with  consideration  of 
the  landing-gear  and  wing- flap  effects; 

c*orp=r°'8r'w 

For  piston  and  prop-jet  aircraft,  the  relative  powerpiant 
weight  is  determined  from  a  similar  formula: 


6,.y=(l  +  *yV£Y, 


(11.80) 


Here  y  is  taken  for  the  specific  engine  and  the  specific  alti- 
1  en 

tude . 

ks  we  see,  the  relative  powerpiant  weight  is  now  determined 
for  the  power/weight  ratio  N/G. 

To  determine  the  power/weight  ratio  for  a  giver,  top  speed, 
we  use  the  top-speed  formula  from  [28],  which  is  valid  for  alti¬ 
tudes  below  the  ceiling: 


3  f  1200T1  N  a  _ 
y  d  S 


_ih  1  _n_ 

225  S  .V 


Raising  both  sides  to  the  third  power,  we  obtain  a  quadratic 
equation  in  N/G,  from  which 
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If  the  cruising  speed  VGPuise  for  a  giyen  altitude  is  stated. 


*e  substitute  V  into  (11.81)  to  obtain,  instead  of  V  ,  the 
^  *  max 


cruising  power/weight  ratio  Ncruise/Qi  then 


Y*». 


^11.81) 


(11.82) 


where  v  ~  0.7  is  the  fraction  of  the  power  used  in  cruising  flight. 


•the  following  relations  are  used  to  determine  G  for  a 

P  *  P 

given  runup  distance: 


Nn/G  =  u,  for  piston  engines; 


'O'-  -c 
N q/G  »  1.4uq  for  propjet  engines. 

§11.5*  LETERMINATION  OF  BASIC  DIMENSIONS  OF  AIRPLANE  AND  ENGINE 


When  the  airplane's  takeoff  weight  can  be  determined,  its 
basic  dimensions,  areas,  spans,  characteristic  wing  and  tailplane 
chords,  fuselage  diameter  and  length,  and  engine  basic  dimensions 
(diameter  and  length)  can  be  computed. 


The  areas  are  determined  from  the  formulas 

o 


S~- 


where  p  is  the  specific  load  on  the  wing, 


=  5r 


sM~sm.0s. 


The  wing  and  tail  spans  are  computed  as 


h  ,  o  ~  V  r‘r  i»k^r. 


h.oT~:  I 


The  formulas  for  d-termining  the  root,  tip,  and  mean  aerodynamic 
chords  take  the  form 


FTD-HC-23-753-73 


■2J8 


itt&ltiititm+i (iiti  -ii-  iat-W mu ^  'ns.  f ' 


2_ 

2 


t(-H) 


b*  Tb,cop*t1  ^~n<i  +n)]‘ 


The  diameter  and  length  of  the  fuselage  can  be  evaluated  from 
relations  of  the  type 


/>♦=! f 

X  nPt-* 


where  p  is  the  specific  load  on  the  fuselage  midsection ,  and 
in*  i 

/*=!*  •  Aji, 

where  Xf  is  the  fuselage  slenderness  ratio. 

Engine  diameter  is  estimated  from  the  formulas. 

For  turbojet  engines 


J/ 


/ 


r  4P>. 


nPF 


where  Pgn  is  the  thrust  of  the  engine  and  Pp  is  its  specific 

frontal  thrust. 

For  propjet  engines 


D  =  1  f  ^r■,, 

A"  V  n*F  ’ 


where  Ngn  is  the  engine’s  power  output  and  Np  is  its  specific  lronl 
ai  power?  The  engine’s  thrust  or  power  is  determined  as  follows: 


Pu — VpG/z, 
N  it=^yGjz, 


where  yp  is  the  available  thrust/weight  ratio,  tN  is  the  avail 
able  power/weight  ratio,  and  z  is  the  number  of  engin-o  on 

airplane. 

Engine  length  can  be  estimated  from  the  relation 
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Chapter  12 

PRINCIPLES  OF  STRUCTURE-DIAGRAM  ELABORATION 
§12  1.  THE  PRINCIPLE  OF  SHORTEST  FORCE-FLOW  ROUTE 

Force  flows  are  transmitted  through  the  elements  of  a  struc¬ 
ture. 

The  shortest  path  of  the  basic  force  flow  (shortening  the 
principal  structural  elements)  endows  the  structure  with  the 
lowest  weight.  The  straight  rod  in  tension  or  compression  may 
serve  as  an  example. 

The  extreme  case  is  that  in  which  the  force  is  not  tra.io 
mitted  anywhere,  but  is  taken  up  directly  at  its  point  of  appli¬ 
cation.  Forty  years  ago,  at  one  of  the  Central  Aerohydrcdynamics 
Institute  conferences,  A.N.  Tupolev  puu  It  this  way.  A  force  rust 
be  caught  where  it  has  appeared."  This  is  the  gist  of  the  re¬ 
lieving  or  unloading  principle  as  a  particular  case  of  the  shcr..- 
est-path  principle  for  force-flow  transmission.  On  the  airplane, 
this  principle  is  embodied,  for  example,  in  the  wing,  ’"here  part 
of  the  aerodynamic  load  is  offset  by  the  weight  of  the  vir.g  and 
the  loads  accommodated  in  it. 

The  unloading  principle  was  first  used  by  I. I.  Sikorskiv  in 
the  "Russkiy  Vityas'"  airplane  (Fig.  12.1),  where  the  engines  were 
carried  outboard  in  the  biplane  cell,  helping  make  it  possible  to 
build  a  large-aspect-ratio  wing.  The  unloading  principle  Is  also 
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Figure  12.1.  I. I.  Sikorskiy's  "Russkiy  Vityaz'” 
airplane . 


used  in  placing  the  undercarriage  u'-der  the  engines.  It  is  used 

in  more  complete  form  in  large  "Flying  Wing"  aircraft  (Fig.  12.2). 

» 

Another  particular  case  of  the  sh -rtest-route  principle  in 
the  transmission  of  force  flow  is  found  in  the  principle  of  clo¬ 
sure  of  the  force  circuit  by  means  of  auxiliary  structural  ele¬ 
ments  . 

If  some  auxiliary  structure  sets  up  large  reaction  forces  In 
the  main  structure,  it  is  advisable  In  many  cases  to  add  closing 
structural  members  for  complete  or  partial  mutual  cancellation  of 
these  reactions,  thus  relieving  the  main  structure.  This  is  il¬ 
lustrated  by  Fic:.  12.3,  where  rod  CD  relieves  the  basic  frame  com¬ 
pletely  of  the  force  2P,  and  by  Fig.  12.^,  where  rod  AB,  which 
joins  the  u;  per  n.inges  of  the  shock  absorber  and  the  skid  knee 
action,  relieves  the  airframe  of  some  of  the  horizontal  forces. 


It  is  sometime:^,  necessary  to  reroute  a  force  flow  (forces) 
or  shift  them  parallel  to  their  original  direction.  This  requires 
additional  at  r sutural  elements.  Examples  of  elements  th  it  change 
the  direction  of  a  fo  -ce  are  the  roller  in  the  control-cable  run 
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Figure  12.3.  Straight  twin-arm  control  honkers 


Figure  12.4.  Cargo-aircraft  skid. 

(Fig.  12.5)  and  the  bellcrank  in  the  rigid-rod  control  run  (F'g. 
12.6a) . 

A  change  In  the  direction  of  a  force  nets  up  a  reaction  force, 
while  Shirting  a  force  parallel  to  itself  sets  up  a  bending  moment 

and  shear. 
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and  not  only  from  the  standpoint  of  strength,  but  also  from  the 
standpoint  of  the  rigidity  of  the  element  to  which  the  pulley  or 
bellerank  is  secured;  otherwise,  additional  elastic  lash  will 
appear  in  the  control  link*  All  of  these  measures  require  an 
increase  in  weight;  this  is  the  "penalty"  for  changing  the  direc¬ 
tion  of  the  force.  Using  the  force-closure  principle,  it  is 
necessary  to  connect  the  ends  of  the  hellcrank  with  a  tension 
rod  (see  Pig.  12.6b),  i.e.,  to  make  :'.t  triangular  and  thereby 
relieve  it  of  bending  strains. 

An  example  of  shifting  a  force  parallel  to  itself  with  re¬ 
versal  of  its  direction  can  be  found  in  the  straight-armed  rocker 
used  in  control  rods  (see  Pig.  12.3)*  The  "price"  of  this  shift 
is  still  higher,  since  in  this  case,  in  addition  to  a  reaction 
equal  to  twice  the  force  P  acting  through  the  rods  and  all  of  the 
associated  weight  penalties,  there  is  also  part  AB,  which  works 
in  bending,  i.e.,  with  definitely  superfluous  poorly  utilized 
material . 

Shifting  a  bending  moment  into  another  bending  plane  paral¬ 
lel  to  the  original  one  calls  for  a  member  working  in  torsion, 
i.e.,  it  results  in  additional  strain  and  extra  weight.  The  tor¬ 
sion  tube  (Pig.  12.7)  is  an  example  of  such  a  parallel  transfer 
of  a  bending  moment  in  a  control  line. 

Eccentricities  should  be  avoided  in  order  to  reduce  bending 
moments . 

Sometimes  the  detrimental  effect  of  eccentricities  (Pig. 
12.8a)  can  be  eliminated  by  use  of  another  eccentricity,  as  indi¬ 
cated  in  Fig.  12.8b,  which  shows  the  lower  flange  of  a  trussed 
spar. 

§12.2.  PRINCIPLE  OF  FORCE-FLOW  SMOOTHNESS 

Obstacles  may  be  encountered  on  fhe  path  of  a  force  flow. 
Elbows,  notches,  holes,  and  the  like  (Fig.  12.9)  are  obstacles  to 
the  flow  of  forces.  Bending  moments  and  stress  concentrations 
arise  when  the  force  flow  is  diverted  around  such  obstacles.  To 
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mitigate  this  effect,  the  force  flow  should  be  aimed  as  close  as 
possible  to  the  cutout  or  hole,  i.e.,  a  major  part  of  the  material 
must  be  placed  at  the  points  of  stress  concentration  (Pig.  12.10), 
and  the  force  flow  must  be  smoothed. 


Mil 
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Figure  12.11.-  Non- 
smooth  force  flow. 


Figure  12.Q.  Obstacles  to 
force  flow. 


Figure  12.10.  Reinforcement 

around  bole. 


Violation  of  this  principle  in  the 
force  flow  results  in  nonuniform  distribu¬ 
tion  of  stresses  and  lowered  strength  or 
additional  weight.  Such  a  violation  is 
illustrated  clearly  by  Fig.  12.9  and  by 
che  plate  working  in  tension  with  two 
slots  (Fig.  12.11).  Using  this  plate  as 
an  example,  we  shall  set  forth  the  pro¬ 
cedure  for  observance  of  the  force-flow 
smoothness  principle. 


Stress  concentration  occurs  at  the 
internal  angles  of  the  slots  at  points  B, 

C,.  D,  and  E  and  i-r  rccponsibl.  for  the  low  strength  of  this  par¬ 
ticular  specimen .  Bounding  the  corners  -with  small  radii  reduces 
this  concentration. 

After  elimination  of  stress  concentration,  the  maximum 
stresses  occur  in  the  neck  region  B,  C,  D,  E,  and  when  the  speci¬ 
men  fails  through  the  neck,  the  stresses  in  its  remaining  sections 
are  still  far  be"'  ->v»  tne  breaking  stress.  r>’h  ls  nonuniformity  is 
particularly  r.d::  ■  i.r.o.ie.  under  impact  loading,  when  tne  work  is 
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absorbed  basically  by  the  material  in  the  volume  of  the  neck  and 
only  a  small  fraction  of  work  falls  to  the  rest  of  the  volume. 

The  stresses  are  practically  zero  in  zones  A  at  the  external 
angles  of  the  slots.  Such  corners,  which  are  useless  for  handling 
forces,  must  always  be  cut  off. 

Any  nonuniformity  in  the  distribution  of  stresses  lowers  the 
static,  impact,  and  fatigue  strengths  of  the  design.  When  external 
ends  are  cut  off  and  internal  angles  are  rounded,  the  force  flow 
created  in  the  specimen  is  smoother,  with  uniform  stress  distribu¬ 
tion  in  each  cross  section,  but  the  stresses  become  nonuniform 
along  the  flow.  By  cutting  off. all  excess  material  to  constant 
width  equal  to  the  neck  width,,  we  also  obtain  uniform  stressing 
over  the  length  of  the  specimen.  This  equal-strength  ribbon  will 
have  static  strength  equal  to  that  of  the  previous  smooth  specimen 
and  its  dynamic  strength  will  be  higher.  The  equal-strength  rib¬ 
bon  will  be  lighter  than  the  original  component;  for  this  reason, 
it  is  always  desirable  to  aim  for  equal  strength  in  structural 
members  and  the  design  as  a  whole. 

In  addition  to  acute  angles,  slots,  and  holes,  stress  con¬ 
centration  may  also  result  from  defects  in  material  and  technology 
-welding  nonpenetration,  cracks,  gouges,  and  scratches.  A  con¬ 
tact  stress  that  arises,  for  example,  from  the  pressure  of  a 
structural  rivet  or  bolt  on  the  internal  surface  of  the  material 
in  a  hole  may  also  amplify  or  initiate  concentration. 

Stress  concentration  should  be  eliminated  by  eliminating  its 
causes  or  by  reinforcing  the  place  in  question  by  increasing  the 
thickness  of  the  material  or  adding  a  reinforcing  plate. 

§12.3.  ADVANTAGES  OF  TENSION  AND  COMPRESSION  OVER  BENDING 

It  is  known  that  the  distribution  of  stresses  over  the  cross 
section  of  a  member  working  in  bending  and,  consequently,  also 
the  utilization  of  its  material,  are  nonuniform.  Figure  12.12a 
shows  the  distribution  of  normal  and  tangential  stresses  in  a 
rectangular-section  beam,  and  Fig.  12.12b  the  distribution  of 
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Figure  12.12.  Stresses  in  rectangular  (a) 
and  I-  (b)  beams. 

these  stresses  in  an  I-beam  made  from  the  same  material  and  with 
the  same  section  height,  but  with  a  wider  flange.  When  the  two 
beams  are  subjected  to  equal  maximum  normal  stresses,  the  dis¬ 
tribution  of  the  normal  stresses  over  the  section  height  remains 
the  same  in  the  1  beam,  but  stresses  close  to  the  maximum  act  on 
a  larger  area  (owing  to  the  wide'”  flanges).  These  stresses  can 
be  regarded  as  heightwise-eonstant  stresses  from  the  pure  tension 
and  compression  of  the  flanges  and  the  small  bonding  moments  act¬ 
ing  on  each  flange  will  redistribute  the  stresses  in  the  height- 
wise  direction. 

The  tangential-stress  distribution  obtained  in  the  I-beam  is 
also  more  advantageous,  since  the  largest  stress  (at  the  neutral 
layer)  is  larger  and,  consequently,  the  wall  material  is  better 
utilised. 

Thus,  structures  designed  to  tube  dp  tending  moments  must 
be  made  in  such  a  way  that  the  elements  of  the  structure  are  loaded 
to  the  maximum  by  tens, ion,  compression,  anu  shear. 

The  effort  to  reduce  bending  stresses  and  optain  more  uni¬ 
form  stress  distribution  has  leu  to  the  practice  of  covering  each 
"frame"  of  a  frame- type  spar  witn  a  sheet ,  thereby  converting  to 
a  "webbed"  structure,  or  inserting  diagonal  rods  into  the  ; rames 


to  et  a  in  a  "trussed"  construction. 
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In  a  .strutted  wing,  the  moment  bending  the  spars  is  reduced 
by  asking  the  3trut  work  in  tension  or  compression. 

§12.4.  USE  OP  THE  LONGEST  BENDING  BASELINE 

In  certain  structures,  it  is  necessary,  to  transmit  a  force 
P  by  transferring  it  parallel  to  itself  ever  a  distance  l  into  a 
different  plane  (Pig.  12.13),  in  which  the  height  h  avail  — 

A  : 


Figure  12.13.  Use  of  the  long-  Figure  12.14.  Use  of  the  long 

est  bending  baseline.  est  bending  baseline  and  long 

est  -'ontour  in  torsion. 

able  is  substantially  shorter  than  I.  This  is  done  using  a  girder 
or  beam  with  full  advantage  taken  of  the  base  height.  This  mini¬ 
mizes  the  weight  of  the  girder  or  beam. 

The  same  principle  obliges  us  to  select  a  spar- flange  cross 
section  such  that  the  material  is  situated  as  close  as  possible  to 
the  skin  of  the  wing  and  the  spars  themselves  are  as  close  as 
possible  to  the  maximum  wing  cross-sectional  thickness  (Fig. 

12.14)  and  to  design  the  Jointing  elements  in  such  a  way  that 
they  will  transmit  the  forces  acting  along  the  flanges  as  close 
as  possible  to  the  wing  surface  without  projecting  from  the  wing. 

§12.  ‘j.  ADVANTAGES  OF  A  MAXIMUM-AREA  CLOSED  CONTOUR  IN  TORSION  AND 
A  ROUND  TUBE  IN  LONGITUDINAL  BENDING 

In  some  design  cases,  structural  parts  of  an  airplane  are 
loaded  by  twisting  moments. 

Solid-section  rods  work  poorly  in  torsion  because  the  tan¬ 
gential  stresses  are  distributed  nonuniformly  over  the  cross  sec¬ 
tion.  In  a  circular  cross  section,  the  maximum  tangential 
stresses  occur  along  the  entire  outer  surface  (Fig.  12.15a),  while 
in  a  square  cross  section  (Fig.  12.15b),  the  maximum  stresses  are 
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Figure  12.15.  Cross  sections  of  rods 
working  in  torsion. 


obtained  at  points  a,  b,  c,  and  d. 
These  stresses  will  be  larger  for 
a  given  twisting  moment  in  a  square 
cross  section  of  the  same  area  as 
the  round  section.  In  an  oblong 
rectangular-  cross  section  (see  Fig. 
12.15c),  the  maximum  tangential 
stresses  due  to  torsion  are  obtained 
at  points  a  and  c,  and,  other  condi¬ 
tions  the  same,  become  even  larger,  and  a.;  the  section  is  length¬ 
ened  further  (see  Fig.  12.15d),  they  continue  to  increase.  The 
stress  does  net  change  if  this  thin  plate  (Fig.  12.15d)  is  rolled 
up  into  a  tube  (see  Fig,  12.15©'*  without  joining  the  contacting 
edges.  However,  the  picture  changes  abruptly  if  the  edges  are 
joined  to  one  another,  e.g.,  by  welding  (see  Fig.  12.150.  In 
this  case,  the  stresses  decrease  abruptly,  are  identically 
directed,  and  uniform  along  the  contour,  and  practically  constant 
in  the  direction  across  the  wall.  Tubes  f  and  g  can  take  much 
larger  twisting  moments  and  will  twist  through  smaller  angles 
than  the  solid  rods  a  and  b  at  the  same  material  cross-sectional 
area.  The  round  tube  will  be  stronger  and' more  rigid  than  the 


Figure  12.16.  Cross  sec¬ 
tion  of  beam  equivalent 
to  section  of  round  tube 


. \t.  ,  ;v 

V.  -  h:.V>?Vr  . >- -j 

’  ■'  '  ...  ...  ■  . ,  „  *.  ......  .  ;■»  ~ 

,y~;  . ..  ... _ » 

t  .  > 

,  ll>”.  l11  ™ 

■•V  w  -  ^ 
it** 


buckle  under  larger  stresses  than  the  fl^t  walls  of  square  tuues. 

Round  (solid)  and  annular 'cross  sections  are  in  general  the 
optimum  for  rods  working  in  torsion.  For  a  given  weight,  it  is 
expedient  to  increase  the  diameter  of  the  pipe  and  the  area  Inside 
the  cross-section  contour  up  to  a  certain  point,  even  though  the 
wall  thickness  will  be  reduced. 

The  principle  of  increased  contour-section  area  holds  for 
any  form  of  closed  contour.  For  example,  in  designing  the  struc¬ 
tural  contour  of  a  wing  cross  section  working  in  torsion  (Fig. 
12.14),  it  is  advantageous  to  utilize  the  entire  wing-profilo 
contour  unless  it  is  broken  by  flaps  or  leading-edge  slats. 

The  principle  of  utilizing  the  longest  contour  in  tors 
does  not  apply  when  the  contour  is  too  long  for  the  moment  in¬ 
volved,  since  in  this  case  the  walls  of  the  contour  become  so 
thin  that  they  lose  stability  due  to  warping. 

The  round  tube  is  the  optimum  design,  not  only  In  the  case  of 
torsion,  but  also  for  longitudinal  bending,  because  the  moment  of 
inertia  of  the  round  annular  cross  section  is  the  same  for  bend¬ 
ing  in  any  direction  and  will  be  greater  than  the  smallest  moment 
of  inertia  of  any  other  cross  section  for  a  given  amount  of 
material,  e.g. ,  that  of  the  square  tube  (Fig.  12.15g).  We  note 
in  passing  that  the  round  annular  section  will  be  the  optimum  for 
a  revolving  shaft  under  a  transverse  bending  load  imposed  by  a 
force  of  constant  direction.  In  all  other  cases  c 
bending,  the  round  tube  will  no  longer  be  optimal, 
tube  does  not  work  badly  in  bending i  for  example,  it 
and  more  rigid  than  a  square  tube  of  the  same  weight,  by  shift¬ 
ing  material  along  the  neutral  layer  x  toward  the  y  axis  m  the 
annular  section  (Fig.  12.16),  we  obtain  a  section  whose  moment  of 
inertia  and  modulus  of  strength  approach  those  of  the  I-beam. 

§12.o.  CONCENTRATION  OF  FORCES  IN  MEMBERS  THAT  BUCKLE 

Structural  elements  working  in  shear  and  compression  may 
buckle. 


•  *■’  transverse 
However,  the 
stronger 
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Figure  12.17-  Advantage  of  Figure  12.18.  Advantage  of 

transmitting  bending  through  transmitting  compression  through 
a  single  beam.  a  single  tube. 

In  all  cases  of  such  loading,  it  is  advantageous  to  trans¬ 
mit  the  force  through  a  single  structural  member  rather  than  dis¬ 
tributing  it  among  several  members  working  on  parallel.  By  way 
of  example,  the  right  side  of  Fig.  12.17  shows  three  beams  working 
together  in  bending  under  the  action a  force  P.  If  the  ten¬ 
sion  flanges  ere  strong  enough,  the  compression  flanges  or  the 
webs,  which  work  in  shear,  may  buckle  ae  *he  force  P  is  Increased. 
In  a  single  beam  of  the  same  height  but  with  cross-sectional  di¬ 
mensions  three  times  larger,  the  stresses  -  normal  and  tangential 
-  will  remain  the  same,  but  the  stability  of  the  flange  and  web 
will  be  more  than  three  times  greater.  Consequently,  the  strength 
of  the  design  is  increased  at  the  same  weight  or  its  weight  has 
been  reduced  with  no  loss  of  strength. 

Transmission  or  a  compressive  force  through  a  single  round 
tube  (Fig.  12.1.8)  of  a  given  length  will  be  more  advantageous 
than  transmitting  K.  through  several  parallel  tubes  of  the  same 
length  made  with  the  same  amount  of  material  and  with  the  same 
ratio  of  wall  thickness  to  diameter,  since  the  moment  of  inertia 
of  the  tube  cross  :?  ration  and,  consequently,  the  critical  force 
are  proportional  to  the  fourth  power  of  the  diameter,  and  the 
cross-sectional  area  of  the  tube  to  the  square  of  diameter.  Given 
equal  weights,  one  tube  will  carry  more,  and  given  equal  st  ength, 
it  will  weigh  less  than  several  tubes. 


§12.7.  INCREASING  THE  LOCAL  STABILITY  OF  THIN  WALLS 

As  we  know,  thin  walls  may  buckle  In  compression  and  shear. 

Unsupported  edges  and  flat  wall  areas  buckle  most  readily; 
for  this  reason,  the  vertical  members  of  an  open  profile  do  not 


Figure  12.19.  Cross  sections  Figure  12.20.  Cross  section 

of  steel  spar  and  stringers.  of  spar  of  "Stal’-2"  airplane. 

perform  as  well  in  compression  as  those  of  a  closed  profile.  Open 
profiles  in  structures  that  work  in  compression  should  be  closed 
by  use  of  an  additional  member.  If  unsupported  edges  remain,  they 
should  be  reinforced  to  increase  their  stability  by  beading  or 
rolling.  Flat  areas  should  be  avoided  or  made  as  narrow  as  pos¬ 
sible  and  bounded  on  both  sides  with  small-radius  foldovers.  The 
latter  serve  as  supports  for  the  flat  area. 


Figure  12.21.  Thin-walled  Figure  12.22.  Sandwich- pan el 

construction  with  corru-  construction, 

gated  reinforcement. 


The  smaller  the  curvature  of  the  wall,  the  less  stable  will 
it  be;  compressed  walls  of  small  curvature  and  broad  flat  areas 
must  therefore  be  reinforced  by  rolling  grooves  ("beads”)  Into 
tnem  or  reinforcing  them  with  section  membeis  or  corrugate'’  metal, 
figure  12.19  shews  a  cross  section  through  .a  steel  spar  and 
stringers  used  on  the  British  Bristol  Bulldog  airplane.  Figure 
12.20  shows  a  cross  section  through  the  spar  of  the  "Stal'-2" 
airplane  designed  by  A. I.  Putilov,  and  Fig.  12.21  the  cross  sec¬ 
tion  of  a  hypothetical  wing  in  which  the  entire  structural  con¬ 
tour  is  formed  by  two  sheets  of  skin  with  corrugated  met il  between 
them. 

Tnose  last  two  designs,  which  are  built  up  from  a  series  of 
adjacent  ceils,  ma1'  be  referred  to  as  "honeycomb"  designs.  The 
spaces  between  the  two  sheets  are  now  filled  with  a  honeycomb 
struct  lire  that  resembles  the  combs  of  bees,  except  that  the  axes 
of  the  hexahedral  cells  are  directed  normal  to  the  skin  instead  of 
along  the  skin. 

Finally,  there  is  one  more  effective  way  to  reinforce  a  thin 
wall  for  stability:  reinforcing  the  sheet  of  metal  with  a  layer  of 
porous  material,  e.g. ,  a  foamed  plastic.  Figure  12.22  shows 
single- laminated  (a)  and  sandwich  (b)  structures  of  this  type. 

§12.8.  THE  PRINCIPLE  OF  EQUAL  STABILITY 

We  observed  in  §12.6  that  when  the  diameter  of  a  tubular 
strut  working  in. longitudinal  compression  is  increased  with  nc 
change  in  length  c  r  weight ,  the  thickness  of  the  wall  decreases,, 
but  the  total  stability  of  the  strut  im.reises  until  the  wall 
buckles  locally.  On  further  increase  in  the  diameter  and  de¬ 
crease  in  the  wall  thickness,  only  local  buckling  occurs,  with  a 
decrease  in  local  staoility  (Fig.  If-  2.0 .  enviously,  a  design 
such  that  general  arid  local  buckling  jre  equally  possible  will 
stand  up  under  the  largest  force,  '’fa s  design  will  have  ti.c  low¬ 
est  weight  for  a  given  compressive  force. 


2  U  I 


9'i 


FTD-HC-23~7,:  5-:  i 


' 


I  4?«d*p  ^cp 


6kPo“<*  ^  *“**  6^x-7|fp 

a)  b)  ' 


Figure  12.23.  Buckling  of  compressed  round 
tube:  general  (a)  and  local  (b). 


Figure  12.2*4.  Local  and  gen¬ 
eral  buckling  on  banding  of 
fuselage. 


Figure  12.25.  Monolithic  panel 
with  T-sections . 


Another  illustration  of  use 
of  the  equal-stability  principle 
is  the  circular-section  fuselage 
working  m  bending  [12].  Let  us 
y ///  /o'  /p  assume  that  with  a  given  okin  and 

&/ (/{/{ /jr  skin-suaporting  stringers  and 

with  a  given  interval  between 

Figure  12.26.  Ribbed  mono-  bulkheads,  the  rigidity  (El)  of 

lithic  panel.  the  bulkhead  cross  section  is 

inadequate  and  the  fuselage  loses 
general  stability  at  a  certain  bending-moment  value,  i.e.,  the 
skin  buckles  inward  together  with  the  stringers  and  bulkheads. 

On  an  increase  in  the  rigidity  El  of  the  bulkheads,  this  buckling 


will  occur  at  a  larger  tending  moment  and  a  larger  ocr  in  th_  .kin 


(Fig.  12.24,  curve  AA).  At  some  critical  value  of  El,  local 
buckling  of  the  compressed  panel  between  bulkheads  will  occur, 
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l.e.,  the  skin  will  buckle  with  the  stringers,  but  the  bulkheads 
Will  remain  intact. 

On  a  further  increase  in  bulkhead  rigid- ty,  only  local  buck¬ 
ling  of  the  panel  will  occur,  and  the  moments  and  a  will  stop 

cr 

increasing  (line  8B):  consequently,  an  increase  in  El  will  only 

increase  the  weight  of  the  bulkheads.  The  value  El  will  be 

cr 

the  optimum. 

Yet  another  example  of  use  of  the  equal-stability  principle 
can  be  found  in  the  monolithic  panel  with  stJ  f fening  ribs  in  the 
form  of  T~sections  (Pig.  12.25),  work  ng  in  compression.  This 
panel  "an  be  made  by  extrusion;  it  t.aj  be  subject  to  general 
loss  of  stability  of  the  entire  pane-L  or  local  stability  loss  of 
the  skin  between  the  ribs.  The  panel  shown  in  Pig.  12.25  is 
not  the  optimum  and  is  usually  subject  to  local  skin  buckling, 
but  it  can  be  ptimized  by: 

1)  shortening  the  spacing  between  ribs  and  thereby  increas¬ 
ing  the  stability  of  the  skin; 

2)  lowering  the  stability  of  the  ribs  by  making  the  T-sec- 
tions  smaller  or  going  over  to  simple  ribs  without  the  T.  The 
latter  approach  also  simplifies  manufacture  (Pig.  12.26). 


§12.0.  CONTRADICTIONS  BETWEEN  PRINCIPLES 

laeh  of  the  principles  set  fort;,  above  is  valid  within  its 
own  limits,  and  they  may  contradict  one  another.  1'n  this  case 


Figure  12.27.  Optimum  neight 
of  spar  inside  fuselage. 
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it  is  necessary  to  find  a  solu¬ 
tion  such  that  the  weight  of  the 
structure  is  minimized  with  im¬ 
perfect  satisfaction  of  each  of 
the  mutually  contradictory  prin¬ 
ciples. 

Vie  consider  the  following 
problem  as  an  example:  it  is 
necessary  to  run  a  wing  spar 
through  the  fuselage  of  a  single- 


Figure  12.28.  Transmission  of 
moment  through  truss. 


Figure  12.29.  Transmission  of 
moment  across  annular  bulkhead. 


engined  airplane  (Fig.  12.27),  or,  stated  differently,  it  is 
necessary  to  compensate  the  right-wing  moment  M  with  an  identical 
moment  from  the  left  wing  working  through  a  fuselage  bulkhead. 

The  principle  of  shortest  force  path  calls  for  Joining  the  star¬ 
board  fasteners  of  the  spar  flanges  to  the  port  elements  with 
rods  working,  in  compression  and  tension,  i . e.  ,^S^erting  into  tue 
bulkhead  a  segment  of  spar  with  the  same  st rue tur alight  h  as 
in  the  outer  wing  sections.  On  the  other  hand,  the  princl>A^of 
the  longest  bending  base  requires  that  the  structural  height  H  cT 
this  spar  segment  be  increased  to  the  extent  permitted  by  avail¬ 
able  space  in  the  fuselage.  The  problem  can  be  solved  approxi¬ 
mately  as  follows:  we  place  vertical  members  that  work  in  bending 
and  have  a  constant  structural  height  e  along  the  sides  of  the 
bulkhead  and  join  the  ends  of  these  members  by  rods  working  in 
compression  and  tension.  The  expression  for  the  weight  of  the 
entire  frame  for  a  given  moment  M  as  a  function  of  frame  height 

H  is 


‘’-“tIt+T2?" 


(12.1) 


where 


77  =  -,  £=- .  e^~- 

h  h  h 


(,nd  is  used  to  find  the  minimum  of  the  resulting  expression  with 
respect  to  H. 


The  minimum  weight  for  the  framework  as  a  whole  is  obtained 


with 


Yil 


1  ,  f  2 


eD>  1, 


(12.2) 


l.e.,  at  a  H  >  h,  despite  use  of  the  vertical  members  that  work  in 


bending.  This  will  be  the  optimum  solution  for  this  particular 
M  ) 

example.'  It  is  also  necessary  to  consider  the  case  of  un¬ 


balanced  loads,  e.g.,  from  deflected  ailerons.  It  will  obviously 
be  necessary  to  abandon  the  hinges  and  make  the  frame  rigid;  it 
will  also  be  necessary  to  cover  the  bulkhead  with  sheetmetal 
beyond  the  limits  of  the  frame  if  a  passage  must  be  left  in  the 
frame  to  conduct  air  to  a  turbojet  engine.  Depending  on  the 
required  area  of  the  cutout  in  the  bulkhead,  some  other  design 
may  be  optimal.  For  small  cutouts,  for  example,  it  is  better  to 
replace  the  vertical  girders  by  trusses  (Fig.  12.28),  and,  con¬ 
versely,  if  a  large  passage  area  is  required,  it  is  advantageous 
.0  use  the  entire  bulkhead  a-  an  annular  beam  working  in  bending 
(Fig-  12.29). 


§12.10.  COMBINATION  OF  FUNCTIONS 


S.  A;  applied  to  stressed  structural  elements,  the  principle  of 
combin>8sJ*uncti--*ns  consists  in  using  the  s:.me  structural  element 


”™T; 


Figure  12.30.  Snell  wing. 


to  take  several  different  loads, 


An  example  of  combination  of  functions  can  bo  found  in  a 
fuselage  in  which  the  external  structural  elements  work  with 
bending  and  torsion  of  the  fuselage  In  ail  directions  and  accept 


Footnote  (1)  ap;  e-'-'S  or  page  300 , 
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aerodynamic  loads  from  the  external  airs tre am,  while  the  pressur¬ 
ized  section  of  the  fuselage  is  loaded  by  an  internal  excess  air 
pressure.  Another  example  Is  the  shell  wing  section  (Fig.  12.30), 
which,  like  the  fuselage,  works  in  bending  and  torsion  with  its 
panels  accepting  aerodynamic  loads  and  the  shell,  if  it  is  made 
airtight ,  also  serves  as  a  fuel  tank.  Such  designs  are  widely 
used  in  modern  aircraft,  and  if  they  have  not  displaced  other 
constructions  entirely,  this  is  only  because  of  the  need  to  pro¬ 
vide  access  to  the  inside  of  the  wing  and  accommodate  various 
semblies  in  it. 

It  should  be  noted  that  combination  of  stress-bearing  func¬ 
tions  usually  results  in  a  statically  indeterminate  structure. 
Damage  to  some  elements  of  such  a  structure  will  not  render  it 
unserviceable,  and  this  is  yet  another  advantage.  Like  the 
other  principles,  the  function-combining  principle  is  not  uni¬ 
versal.  There  will  always  be  structural  elements  with  narrow 

special  functions. 
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typical  example 
que. 


Chapter  13 

BALANCE  AND  LAYOUT  OP  THE  AIRPLANE 
§13.1.  GENERAL  PRINCIPLES  OP  LAYOUT  AND  BALANCE 

The  layout  of  an  airplane  is  related  to  the  development  of 
its  external  configuration  and  consists  in  accomodating  the  crew, 
equipment,  and  loads;  It  is  accompanied  by  repeated  determinations 
of  the  airplane's  center  of  gravity.  Layout  culminates  in  elabora- 
ton  of  a  layout  drawing  in  two  projections  with  explanatory  cross 
sections,  with  indication  of  the  basic  airframe  elements  and  the 
center-of -gravity  positions  for  characteristic  loading  cases. 

To  reduce  errors  in  balancing  the  aircraft  from  the  very 
outset,  layout  should  begin  with  the  wing,  on  which  the  designer 
pints  the  mean  aerodynamic  chord  and  marks  the  required  CO  posi¬ 
tion  with  respect  to  the  airplane's  aerodynamic  center  to  obtain 
the  required  static  stability.  The  other  parts  of  the  airplane 
and  Its  loads  are  positioned  relative  to  the  wing  in  such  a  way 
that  the  airplane's  center  of  gravity  coincides  with  the  positio 
selected  for  it.  It  is  desirable  to  place  variable  leads  a.. 

,  a  f-Meht  as  close  as  possible  to  the  airplane  s 
loads  produced  in  flight  as  cuse  a  ► 

center  of  gravity  to  minimise  their  effects  on  balance.  Then 
basic  elements  of  the  fuselage,  wing,  and  tailpipe  frames  are 
entered  on  the  layout  drawing,  for  the  time  being  on  axial  lines 
loads  and  machln  ry  (ire  accommodated  and  their  centers  of  gray  -y 
narked;  to  begin,  a  common  center  of  gravity  can  be  used 
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equipment.  A  table  of  balances  is  drawn  up  and  the  airplane's 
center  of  gravity  determined.  To  bring  the  CG  position  into  coin- 

r-  .[  i- -■ 

Cidence  with  the  position  stated  for  it  on  the  mean  aerodynamic 
/^lahord,  loads,  machines,  and  equipment  are  at  first  shifted 

the  limits  of  the  volumes  available  ‘inside  the  airplane, 

;  and  if  this  is  not  enough,  the  various  parts  of  the  airplane  are 
♦Shifted  and  their  volumes  adjusted,  and  the  external  shapes  of 
,,  ,1  ujthe  airplane  may  even  be  changed. 

The  heavier  thr  load  to  be  moved,  the  smaller  the  shift  re¬ 
quired  to  bring  the  airplane's  CG  to  the  required  point. 

'H  •«’«*'  ..  ■  '  "  .  ••  . 

It  may  be  advantageous,  for  example,  to  shift  the  engine 

installations  or  the  pilot's  cabin  with  ail  of  its  weights  along 
the  x  axis.  If  this  reauires  lengthening  the  engine  nacelles  or 
the  nose  of  the  fuselage ,  the  destabilizing  moment  is  increased 
and  it  !.■  necessary  to  increase  the  arm  or  area  of  the  tailplar.es. 
All  of  this  will  increase  structural  weight  and  require  correction 
of  the  summary  of -weights  and  trims. 


In  this  adjustment  process,  balancing  should  be  done  only 

with  respect  to  the  x  axis.  So  that  all  arms  x  will  be  of  the 

same  sign,  the  nose  of  the  fuselage  is  taken  as  the  coordinate 

origin  and  the  CG  position  x  is  recomputed  each  time  with  re- 

eg 

spect  to  the  forward  point  of  the  mean  aerodynamic  chord  and  as 
a  fraction  of  its  length.  Only  toward  th-  end  of  the  basic  re 
conciliation  is  the  position  of  the  CO  also  determined  with  re¬ 
spect  to  the  vertical  (y  ), 


rfhe  following  staple  rules  are  used  to  determine  the  CO 
position: 


1.  Loading  an  airplane  of  weight  G  with  a  load  applied 
at  point  A  shifts  the  airplane’s  center  of  gravity  0  toward  point 
A  by  a  distance  (Pig.  13*la} 


6o=m 


G  +  O „  ' 


2.  Shifting  the  load  from  point  A  to  point  B  on  an  air¬ 
plane  having  a  weight  G  shifts  the  airplane's  center  of  gravity 
0  parallel  to  segment  AB  by  a  distance  (Pig.  13* lb) 

:Gr, 


00'=AS—. 

G 


An  effective  method  of  correcting  the  balance  consists  in 
shifting  the  mean  aerodynamic  chord  itself  by  moving  the  wing 
along  the  x  axis. 

This  leaves  fuselage  layout  unchanged,  and  if  the  sweep  of 
the  wing  is  changed  instead  of  its  attachment  point,  the  struc¬ 
tural  frames  to  which  the  wing  spars  are  attached  will  retain 
their  positions  in  the  fuselage.  However,  the  mean  aerodynamic 
chord  can  only  be  shifted  through  a  small  distance,  since  the 
aerodynamic  centers  of  the  fuselage  and  tail  move  with  them  and 
the  center  of  the  entire  airplane  is  shifted  in  the  same  direc¬ 
tion.  If  the  center  is  moved  forward,  the  airplane's  stability 
margin  is  reduced  and  may  drop  below  the  required  level .  Further¬ 
more  ,  disposable  and  variable  loads  may  prove  to  be  too  far  f-om 
the  airplane's  center  of  gravity.  If,  in  such  cases,  the  main 
undercarriage  is  mounted  to  the  fuselage,  there  will  be  a  change 
in  its  longitudinal  arm  relative  to  the  airplane's  CG,  which  has 
been  arrived  at  on  the  basis  of  takeoff  and  landing  conditions. 
Finally,  the  new  wing  sweep  may  differ  substantially  from  the 
optimum  value  selected. 

Adjustment  to  the  positions  of  machinery,  structures,  and 
loads  are  inevitable,  and  the  weight  and  CG  position  of  the  air¬ 
plane  must  be  watched  constantly  to  minimize  the  time  required 
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^.  foTi^Quc  and  balancing.  If  possible,  any  deviation  should  be 
:v  corrected  immediately  by  appropriate  measurer.,  and  the  change 
noteff  In  the  tables  of  weights  and  trends. 

the  layout  must  provide  space  for  coi«pre«sed-sir,  hydraulic, 
electrical,  fuel,  and  gas  lines. 

,§13.2.  LAYOUT  OF  FUSELAGE 


The  fuselage  accommodates  the  largest  numbers  of  machines, 
loads,  and  elements  of  equipment. 


J-n  aoco.amodating  loads  along  the  fuselage,  it  must  be  remem¬ 
bered  that  they  are  three-dimensional  forms  and  that  their  posi¬ 
tions  must  be  considered  not  only  along  the  length  and  up  tbc- 
height  of  the  fuselage,  but  also  across  its  width  to  give  them 
the  optimum  positions  from  the  standpoint  of  their  performance, 
access  to  them,  and  passage  between  thsmj  to  this  end,  trans¬ 
verse  sections  must  be  indicated  at  the  appropriate  places  in 
addition  to  the  lateral  projection. 

fundamental  attention  must  be  given  to  the  layout  of  the 
flight  deck.  Good  v.  sioa  for  the  pilots  must  be  guaranteed  pri¬ 
marily  forward  and  downward  so  that  the  horizon  and  the  runway  in 
front  of  the  airplane  will  be  visible.  The  requirement  of  good 
visibility  is  incompatible  with  aerodynamic  requirements,  since 
xi.  is  necessary  to  make  a  step  in  the  fuselage  for  the  canopy  or 
provide  a  streamlined  superstructure  and  bend  down  the  upper 
line  of  the  lateral  contour  in  front  of  the  canopy.  As  flight 
speed  increases,  the  super-structural  canopy  must  be  made  longer 
and  the  notch  smoother.  In  mod urn  supersonic  aircraft,  the  long 
tapered  nose  may  interfere  with  vision  to  such  an  extent  that  it 
is  necessary  to  provide  for  deflecting  the  nose  section  downward 
at  takeoff  and  landing. 

Lateral  vision  is  cl.:  eked  on  a  cress  section  through  hne 
flight  deck.  The  Instrument  panel  and  instruments  must  be  posi¬ 
tioned  so  that  the  pilot  can  see  them  and  they  are  well  lighted. 
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,  fiie  control  column  and  pedals  mu3t  be  In  the  most  convenient- 
positions.  All  levers  and  knobs  of  other  controls  must  be  easily 
reached  by  the  crew  member  in  question  and  located  in  their  custom¬ 
ary.  positions.  The  position  of  the  nose  gear  and  its  retracting 
mechanism  is  adjusted.  Here  the  designer  should  be  guided  by  the 
principles  of  structural-diagram  elaboration.  It  is  desirable  to 
place  the  main  nose  wheel  strut  assembly  in  the  plane  of  a  bulk¬ 
head  and  to  make  certain  in  the  cross  section  that  the  moment  from 
the  lateral  force  applied  to  the  wheel  is  transmitted  to  the  later¬ 
al  zones  of  the  bulkhead  with  the  minimum  weight  penalty.  The 
remaining  structural  components  of  the  nose  wheel  to  fuselage 
attachment  should  be  placed  as  close  as  possible  to  the  fuselage 
framing  components;  for  this  purpose,  it  is  also  necessary  to 
adapt  the  fuselage  structure. 

For  a  military  aircraft,  all  utility  compartments,  the  en¬ 
trance  to  the  cockpit,  and  the  position  of  the  aft  pressurized 
bulkhead  must  appear  on  the  drawing.  There  may  be  a  similar 
bulkhead  forward  if  the  nose  section  of  the  fuselage  is  unpres¬ 
surized,  e.g.,  if  it  accommodates  the  antenna  and  components  of 
a  radar.  The  bay  for  disposable  loads  is  located  near  the  air¬ 
plane's  center  of  gravity  and  various  load  configurations  are  laid 
out.  Loads  dropped  in  various  flight  situations  must  not  strike 
anything  cn  encountering  the  slipstream.  Equipment  that  can  be 
installed  outside  the  pressurizel  cabin  is  also  placed  here.  The 
special  equipment  of  the  military  airplane,  which  depends  on  its 
mission,  is  accommodated  in  the  unpressurized  part  of  the  luse- 
lage ,  and  the  small  wing  volume  of  the  modern  military  airplane 
makes  it  necessary  to  use  the  space  in  the  fuselage  around  the 
airplane's  center  of  gravity  to  accommodate  much  of  the  fuel  as 

well. 

In  a  passenger  airplane,  the  passenger  cabin  and  all  other 
utility  spaces  are  located  aft  of  the  flight  deck.  The  width  of 
the  passenger  cabin  is  determined  by  the  number  of  seats  abreast, 
and  by  the  width  of  the  seats  and  the  aisle;  here  it  can  be 
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iksumed  that  the  armrests  are  on  tnc  level  of  the  horizontal  diam¬ 
eter  of  the  cross  section.  Ceiling  height  should  be  sufficient 

i  •  ,  V 

to  permit  a  man  to  stand  in  the  aisle  at  full  height  without  bump¬ 
ing  anything  with  his  head  or  shoulders. 

The  length  of  the  passenger  cabin  is  determined  by  the  number 
of  rows  of  seats  and  the  interval  between  rows.  Here  it  is  neces¬ 
sary  to  know  the  maximum  number  of  passengers  and  the  longitudi¬ 
nal  spacing  that  ensures  an  acceptable  minimum  of  comfort.  A 
smaller  number  of  seats  will  make  it  possible  to  increase  this 
interval;  the  seats  must  therefore  be  removable,  with  provision 
for  attaching  them  to  the  floor  at  any  longitudinal  interval.  It 
Is  desirable  to  have  the  window  spacing  coincide  with  the  seat 
spacing  for  the  passenger-load  version  taken  as  the  basic  one. 

The-  spacing  of  framers  is  also  determined  by  the  window  spacing. 


The  space  under  the  floor  is  used  for  baggage.  Its  inclu¬ 
sion  in  the  pressurized  compartment  of  the  fuselage  also  simpli¬ 
fies  the  design  and  lightens  its  weight.  However,  loading  and 
unloading  passenger  baggage  from  a  long  low  space  through  one  or 
even  two  small  pressure-tight  hatcnes  will  be  difficult,  and  it 
may  be  found  advantageous,  even  at  the  cost  of  increasing  the  de¬ 
sign  weight,  to  partition  off  all  heavy-baggage  compartments  from 
the  pressurized  section.  The  optimum  solution  can  be  found  for 
each  particular  case  by  an  economy  calculation  in  which  the  man¬ 
hours  saved  in  loading  and  unloading  and  the  reduction  of  passen¬ 
ger  waiting  time  are  compared  with  the  loss  of  commercial  load 
resulting  from  the  increased  design  weight.  The  wing  shell  in 
the  fuselage  is  usually  separated  from  the  pressurized  cabin  by 
pressure-tight,  walls. 


Control  runs  through  the  pressurized  part  of  the  fuse¬ 
lage  must  be  separated  from  the  baggage  and  passengers 
by  rigid  walls,  but  it  is  also  necessary  to  provide  access  to 
places  at  which  inspection  and  servicing  are  required.  Space  for 
the  stewardesses,  wardrobe,  hand-baggage  compartment,  galley, 
and  1  .  /atonies  must  be  provided  within  the  pressurized  part  of 
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fuselage.  Ducts  for  uniform  distribu¬ 
tion  of  conditioned  air  are  run  longi¬ 
tudinally  through  all  areas. 

The  pressurized  part  of  the  fuse¬ 
lage  is  separated  from  the  unpress ur- 
izea  tail  section  by  a  pressure-tight 
bulkhead.  •  This  bulkhead  will  be 

lighter  if  it  is  made  in  the  form  of  Figure  13.2.  Tail 

,  .  .  bulkhead  with  aisle 

a  spherical  segment,  but  if  a  door  is  pylons. 

necessary  or  if  engine  or  tail  mounts 

are  secured  to  the  bulkhead's  flanges  and  reinforcing  rods  and 
other  members  are  added  In  the  plane  of  the  bulkhead,  it  is 
simpler  to  provide  pressurization  by  covering  the  bulkhead  with 
flat  reinforced  sheets.  The  space  in  the  unpressurized  tail 
section  can  be  used  for  passenger  baggage  and  other  cargo.  In 
arriving  at  the  contours  for  the  fuselage  tail  section,  the  de¬ 
signer  is  again  confronted  with  contradictions,  as  he  was  in 
selecting  those  of  the  nose  section. 

From  the  aerodynamic  standpoint,  the  tail  section  should  be 
oriented  in  the  direction  of  the  wing  downwash,  l.e.,  it  should 
be  moved  downward,  but  in  order  to  obtain  a  la:  enough  angle  of 

attack  at  liftoff  from  the  ground  and  during  landing  without  an 
excessive  increase  in  undercarriage  height,  it  is  necessary  to 
bend  the  tail  section  of  the  fuselage,  or  at  least  the  bottom 
line  of  its  lateral  contour,  upward.  The  vertical  tailplane  is 
mounted  on  the  fuselage  tail  section  aft  of  the  pressure  wall, 
while  the  horizontal  tall  may  be  mounted  on  either  the  fin  or  the 
fuselage.  Engine  pylcns  are  also  attached  here  if  the  engines 
are  carried  on  the  fuselage  tail  section. 


The  general  principle  observed  in  designing  all  these  attach¬ 
ments  is  that  of  transmitting  the  forces  by  the  shortest  possible 
route  through  the  bulkheads  into  the  skin  of  the  iuselage,  and 
the  toroue  from  the  vertical  tail  also  through  the  bulkheads,  bu>< 
into  the  entire  fuselage  contour. 
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If  the  horizontal  tail  is  to  be  mounted  on  tlae  fuselage*  the 
problem  is  similar  to  that  of  the  wing  attachment.  The  same  prob- 
s  Je-i  arises  when  engines  are  mounted  on  horizontal  pylons  on  the 
fuselage  tail  section.  If,  at  the  same  time,  a  passenger  hatch  and 
\  boarding  ramp  are  4  ,  be  provided  in  the  tail-  section,  the  pylon 
Spars  may  be  made  integral  with  fuselage  bulkheads,  and  the  bulk¬ 
heads  may  be  either  annular  or  with  a  passageway  as  shown  in  Pig. 
13-2. 

Fuselage  layout  for  modern  passenger  aircraft  ie  discussed 
in  greater  detail  in  the  book  by  S.M.  Yeger'  [30]. 

§13-3-  LAYOUT  OF  ENGINE  NACELLES  AND  LANDING  GEAR 

The  layout  drawing  of  the  engine  nacelle  is  made  in  the  form 
of  a  lateral  projection  and  a  plan  view  with  several  cross  sec¬ 
tions.  The  outline  of  the  engine  and  its  accessories  Is  indi¬ 
cated  on  the  drawing  and  its  attachment  to  the  wing  is  developed. 
We  recall  that  this  attachment  must  transmit  the  maximum  thrust 
to  the  wing  with  consideration  of  a  strength  margin,  the  weight 
of  the  engine  plus  normal  acceleration,  the  engine's  lateral  in¬ 
ertial  forces,  and  the  reaction  torque  from  the  propeller  in  the 
case  of  piston  and  propjet  engines.  It  may  be  found  helpful  from 
the  standpoint  of  weight  economy  to  attach  the  engine  nacelle 
directly  to  spars  instead  of  to  ribs;  this  may  require  special 
superstructures  on  the  wing.  In  accommodating  the  piston  engine, 
the  air  intake  Is  pointed  directly  upstream  and  the  exhaust  pipes 
as  nearly  as  possible  downstream  in  order  to  take  advantage  of 
the  ram  pressure  and  exhaust-gas  reaction.  If  the  elbows  of  the 
exhaust  oipes  are  extended  and  combined  into  a  manifold,  it  must 
be  remembered  that  this  will  increase  weight  and  that  the  back 
pressure  will  lower  engine  power  output. 

In  laying  out  a  turbojet  engine  nacelle,  special  attention 
must  be  given  to  the  design  of  the  Inlet  diffuser  and  exhaust 
nozzle.  The  intake  snould  be  designed  in  such  a  way  as  to  have 
the  minimal  Icv-ses  in  all  speed  and  altitude  conditions  during 
flight  During  cm.  standing  start,  air  is  drawn  in  by  the  intake 
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section  from  all  directions,  with  some  of  the  filaments  even 
aspirated  from  the  rear;  as  they  round  the  leading  edge  of  the 
intake,  they  may  separate  from  the  inlet-diffuser  walls  and 
reduce  the  air  throughput  through  the  intake.  This  must  be 
taken  into  account  in  laying  out  the  engine*. 

The  entrance  edge  of  the  diffuser  must  provide  smooth  separa¬ 
tion  between  the  jet  entering  the  engine,  which  supplies  it  with 
the  necessary  amount  of  air,  and  the  free  stream;  obviously,  lower 
altitudes  and  higher  speeds  will  require  smaller  intake-stream 
and  intake  cross-scctiunal  areas. 

Regulation  of  intake  area  is  unnecessary  for  subsonic  air¬ 
craft,  since  the  suction  or  pressure  effect  of  the  intake  on  the 
free  stream  regulates  it  automatically,  causing  it  to  contract 
or  expand  with  the  approach  to  the  intake. 

To  prevent  separation  of  the  inlet  stream  from  the  leading 
edge  on  either  the  inside  or  outside,  the  edge  must  be  thick  and 
rounded.  At  supersonic  speeds,  a  normal  shock  forms  in  front  of 
a  blunt  edge,  causing  large  losses  ac  the  intake;  the  edge  must 
therefore  be  sharpened. 

At  low  speeds,  a  sharp  edge  causes  flow  detachment  at  the 
intake,  which  results  in  large  thrust  losses.  This  contradiction 
is  resolved  by  installing  auxiliary  doors  behind  the  intake  and 
opening  them  during  takeoff. 

Air  must  enter  the  compressor  at  supersonic  speed;  in  ’light 
at  high  supersonic  speeds,  therefore,  the  velocity  of  air  must 
he  reduced  to  subsonic  with  minimal  losses.  This  can  be  done  by 
setting  up  a  system  of  shocks  ahead  of  the  intake  or  even  inside 
the  diffuser.  For  this  purpose,  a  specially  shaped  cone  is  placed 
on  the  axis  of  a  round  Intake  or  a  wedge  in  a  rectangular-section 
intake.  To  control  this  system  of  shocks  and  the  intake  area  in 
accordance  with  changes  In  flight  situation,  the  cone  of  wedge  is 
relocated  in  flight  along  the  axis  of  the  intake  stream,  and  in 
the  case  of  the  rectangular  diffuser,  its  leading  edges  can  also 
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flight  situations  are  strongly  contradictory  and  the  problem  must 


As  we  see the  requirements  made  of  the  intake  hy  various 


i  <;  be  solved  as  follows.  The  optimum  intake  is  designed  for  the  air- 
l;'t%  j^i&ne's  basic  flight  regime  and  then  "spoile'd”  slightly  in  favor 


/>.' df  the  other  necessary  regimes  by  changing  the  dimensions  and  in¬ 


troducing  auxiliary  controlling  devices. 


Still  regarding  the  intake,  „e  should  ada  that  it  is  abso¬ 
lutely  necessary  to  heat  a  rounded  entrance  edge  to  prevent  icing. 

Contradictions  are  again  encountered  In  the  design  and  lay¬ 
out  of  the  exhaust  nozzle.  The  nozzle  must  therefore  he  variable 
to  obtain  maximum  efficiency  in  the  various  flight  situations. 
Nuzzles  are  made  reversible  for  deceleration  during  landing;  this 
is  a  particularly  important  safety  feature  for  heavy  passenger 
aircraft . 


In  designing  and  mounting  a  reversible  nozzle,  measures  must 
be  taken  to  prevent  structural  damage  from  the  high  temperature 
of  the  reversed  gas  jet.  Finally,  heavy  passenger  aircraft  are 
now  required  to  nave  noise-abatement  devices,  which  inevitably 
result  in  thrust  losses.  Sound-deadening  devices  are  used  on  the 
engine  mounts  to  muffle  engine  noise  penetrating  into  the  passen¬ 
ger  cabin  through  the  metallic  structure. 


Hot  zones  on  the  engine  surface  are  cooled  by  air  blown  into 
the  space  between  the  skin  of  the  nacelle  and  the  surface  of  the 
engine . 


The  main  landing-gear  struts  may  be  accommodated  in  the  en¬ 
gine  nacelle,  in  a  separate  nacelle,  or  in  the  fuselage. 


Main  landing-gear  struts  a~e  accommodated  well  in  the  nacelles 
of  propeller  engines  whose  exhaust  gasts  axe  diverted  laterally. 


Here  the  main  hinge  of  the  strut  should  be  located  as  close  as 
possible  to  the  wir.g  spar.  As  in  the  case  of  the  engine  installa¬ 
tion,  the  undercarriage  suspension  may  require  an  auxiliary  load- 
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bearing  superstructure  to  transmit  forces  from  the  landing  gear 
to  tne  wing.  It  is  usually  more  convenient  to  retract  the  gear 
backward.  The  simplest  system  results  when  a  strut  with  one  or 
two  wheels  must  be  retracted;  in  this  case,  the  lowered  strut  is 
positioned  by  it3  own  hydraulic  Jack  or  a  folding  brace.  To  pre¬ 
vent  the  brace  from  folding  of  itself,  under  compression,  the  axis 
of  its  middle  hinge  is  offset  from  the  axis  of  the  brace.  The 
brace  upper  hinge  must  be  secured  to  the  wing  spar  or  the  struc¬ 
tural  frame  of  the  nacelle.  The  gear  is  usually  retracted  by  a 
hydraulic  jack,  whose  upper  end  must  be  rigidly  supported.  The 
lateral  force  on  the  wheel  is  taken  up  by  bending  of  the  strut, 
and  the  moment  from  this  force  by  the  force  couple  at  its  upper 
transverse  attachment  base;  the  twisting  moment  from  the  lateral 
force  is  transmitted  to  the  strut  through  a  torque- arm 'system  and 
taken  up  by  the  same  transverse  base.  The  gear  must  be  firmly 
locked  in  it^  lowered  and  retracted  positions.  The  landing-gear 
doors  are  either  operated  by  their  own  jacks  or  driven  off  the 
retracting  mechanism. 


Figure  13.3-  Jointed  landing-gear  strut. 


If  the  landing-gear  struts  are  long,  but  must  be  made  as 
short  as  possible  when  retracted  to  reduce  the  shift  of  the  cen¬ 
ter  of  gravity  and  to  shorten  the  engine  nacelle,  the  struts  are 
made  to  "fold"  by  adding  an  additional  element:  on  retraction, 
this  link  is  folded  forward  and  the  strut  itself  backward.  This 
scheme  requires  installation  of  additional  mechanical  links  or 
an  additional  hydraulic  jack.  The  two  hinges  of  the  link  must 
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View  A 

Figure  13-4.  Retraction  of 
truck  without  tilting. 


Figure  13. p.  Retraction  of 
truck  with  tilting. 


have  spatially  separated  transverse  bases,  and  the  link  itself 
must  be  adapted  to  transmit  the  lateral  force  applied  to  the  wheel 
(Fig.  13-3). 

The  undercarriage  design  is  more  complicated  if  it  has  a  two- 
axle  truck,  since  the  truck  must  be  attached  to  the  strut  on  a 
hinge  because  otherwise  the  front  and  rear  wheels  would  not  touch 
down  simultaneously  at  landing;  the  new  hinga  calls  for  the  addi¬ 
tion  of  new  mechanical  links  or  a  new  jack. 

To  accommodate  the  truck  easily  in  the  nacelle,  it  must  take 
a  horizontal  position.  Let  us  consider  two  schemes  by  which  <;• 
four-wheeled  truck  can  be  retracted. 

] -  During  retraction,  the  truck's  motion  is  translational  and 
it  retains  its  horizontal  position.  To  reduce  the  height  of  the 
landing  gear  in  the  retracted  position,  the  truck  must  be  made 
wider  so  that  the  strut  can  fit  into  the  split  forward  end  of  the 
frame  in  the  retracted  position  as  it  is  deflected  through  more 
than  90°  from  its  initial  vertical  position  (Fig.  13.4). 

2.  On  retraction,  the  truck  is  tilted  through  180°  and  pulled 
into  the  nacelle  wheels-*rp.  Then  the  retracted  strut  will  occupy 
a  position  between  the  wheels  underneath  the  truck  frame,  and  it 
will  not  be  necessary  to  increase  the  wheel  track  (Fig.  13. 5) * 
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In  either  case,  the  corresponding  motion  of  the  -ruck  siixvng 
retraction  can  be  obtained  by  use  of  additional  mechanical  links 
or  additional  hydraulic  Jacks, 

In  the  second  variant,  the  truck  is  simpler  and  lighter,  bat 
tilting  it  complicates  the  retraction  mechanism. 

In  the  first  variant,  it  is  also  possible  to  lighten  the 
weight  of  the  truck  by  lengthening  the  strut  and  raising  its  up- 
per  hinge  enough,  to  prevent  the  retracted  strut  from  resting 
against  the  truck  frame,  but  the  longer  strut  will  require  a  long 

er  nacelle. 

The  choice  among  these  three  variants  can  be  made  on  the 
basis  of  calculation  of  the  weight  of  each  of  them. 


f®m|S 


Pi feu re  13-8.  Layout  of 
swept  w'.ng. 


Tlie  landing-gear  strut  with  - 
hinged  truck  presents  one  more  compli- 
c  — i  cation  involving  the  operation  of  the 

brakes.  In  a  braked  wheel,  one  part 

£ _ of  the  bra!llnS.  device  revolves  with  the 

^  j _ wheels,  while  the  other  must  be  se- 

°j  — \\  cured  in  a  fixed  position.  If  this 

■h  j  -i-  — * part  is  mounted  on  the  truck,  the 

braking  torque  from  the  wheels  will 

Pi feu re  13.8.  Layout  of  be  transmitted  to  the  truck  and  cause 
swept  w’ng.  it  to  turn  in  the  direction  of  wheel 

rotation.  This  moment  will  impose  an 
additional  load  on  the  front  wheels  and  take  load  off  the  rear 
wheels,  causing  uneven  tire  wear.  To  prevent  this,  it  is  neces¬ 
sary  to  transmit  the  braking  torque  not  to  the  truck,  buc  to  the 
landing— geax*  strut.  This  is  done  by  a  system  of  rods  that  connects 
the  stationary  brake  disks  directly  to  the  strut;  these  rods  must 
not  interfere  with  retraction  of  the  gear  (Pig.  13.6). 

The  above  main-undercarriage-strut  designs  are  also  used  for 
retraction  Into  special  nacelles  placed  behind  the  structural 
shell  of  the  wing. 

If  wing  dimensions  permit,  the  main  gear  is  retracted  into 
the  wing. 

Retraction  of  the  main-gear  wheel  into  the  root  section  of 
the  wing  or  the  bottom  of  the  fuselage  is  convenient  if  the  under¬ 
carriage  uses  a  tail  wheel  (Pig.  13-7).  Howevei ,  if  the  main 
undercarriage  strut  is  located  aft  of  the  airplane's  center  of 
gravity,  it  can  be  retracted  conveniently  only  into  a  swept  wing; 
in  this  case,  the  wheel  is  fitted  into  the  triangle  formed  by  the 
aft  oblique  and  auxiliary  straight  spars  (Pig.  13.8). 

We  have  been  concerned  with  method'5  of  retracting  struts  with 
single  wheels.  The  same  methods  are  also  applicable  for  retraction 
of  multiwheel  tv-'cks.  Here  it  must  be  made  certain  that  the  truck 
is  accommodated  with  maximum  convenience  in  the  space  allotted  for 
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Figure  13.9.  Retraction  of  undercarriage  truck 
into  fuselage. 


it,  if  necessary  by  rotating  it  around  the  strut.  Figure  13 • 9 
shows  one  possible  way  of  retracting  a  multiwheel  truck  into  the 
fuselage  of  a  subsonic  passenger  airplane. ^ 

This  scheme  makes  it  possible  to  dLspense  with  the  landing- 
gear  nacelles  at  the  cost  of  a  slight  increase  in  the  diameter  and 
weight  of  the  fuselage.  Any  advantage  of  this  scheme  over  those 
using  landing-gear  nacelles  can  be  brought  out  only  by  compara¬ 
tive  calculations  cf  the  weights  and  frontal  drags. 

§13.4.  LAYOUT  OF  WINQ 

The  basic  problems  involved  in  laying  out  the  wing  are  selec¬ 
tion  of  the  wing  profiles  and  accommodation  of  structural  ele¬ 
ments.  As  concerns  accommodation  of  loads  and  machinery  in  the 
wins,  this  problem  is  solved  on  the  basis  of  the  same  principles 


Footnote  (1)  appears  on  page  321 


In  selecting  the  profiles,  it 
must  be  remembered  that  there  are  two 
modern  profile  types:  laminar  and  M- 
stable.  The  laminar  profile  has  low 
frictional  resistance.  This  is  achieved 
by  moving  the  point  (the  point  of 

transition  from  the  laminar  to  the  tur¬ 
bulent  boundary  layer)  as  far  as  pos¬ 
sible  from  the  profile  leading  edge 
(Pig.  13. 10),  since  turbulization  of 
the  boundary  layer  is  inevitable  aft 
of  this  point »  in  the  zone  of  positive 
pressure  gradient  (dp/dx  >0).  The  negative  gradient  forward  of 
the  point  Praini  which  helps'  preserve  laminar  flow,  decreases  with 
increasing  c  ,  and  the  value  dp/dx  =  0  corresponds  to  the  upper 

J  *  -  ,  „  - 

limit  in  c  cf  the  laminar  segment  on  -the  polar  curve.  At  this 
upper  limit  of  laminar  flow,;  the  point  Prnln  and,  consequently, 
also  the  transitio-'  int  are  located  near  skin  convexities. 

The  same;  effect  res  ulus  from  oiirfaee  roughness,  and  for  this  rea¬ 
son  the  skin  on  the  larm! nar  segment  must  be  thick  and  polished 
until- the  continuous-roughness  high  spots  are  reduced  to  3-^  u. 

The-  1 ami nab  profile  is  almost  ineffective  when  the  wing  is  in 
propwash  and- when  -the re  are  sheet-raetar. joints  at  the  leading  edge 
with  chinks  arid  even  flush  rivets  that  have  not  been  filled  and 


Figure  13. 10.  Distribu¬ 
tion  of  pressure  on  a 
laminir  profile. 


ground  down 


In  the  K- stable  profile,  the  on¬ 
set  of  wave  drag  Is  shifted  to  a  large 
M.acn  number.  The  principle  embodied 
here  is  that  at  a  given  c^,  as  expressed 
by  the  shaded  area  (Fig.  13-11) *  the 
maximum  local  velocity  should  differ 
as  little  as  possible  from  the  flight 
speed,  i.e.,  p  should  be  as  small 


Figure  13-11 
tion  of  pres 
stable  prof! 


The  basic  requirement  made  of  the  skin  on  the  M-stable  pro¬ 
file  is  rigidity,  since  increased  rippling  in  the  minimum- vacuum 
zone  increases  P,^* 

It  is  not  yet  possible  to  use  purely  supersonic  profiles 
(wedge,  rhomboid,  trapezoidal,  etc.)  for  supersonic  airplanes  be¬ 
cause  they  are  characterized  by  small  e  .  Even  the  thin  syra- 

yirax 

metrical  profiles  that  are  in  use  have  rather  sharp  leading  edges 
and  do  not  give  large  c  .  To  increase  c  ,  the  detrimental  ef- 

J  •/ 

feet  of  the  shf.rp  leaning  edge  Is  compensated  by  deflecting  it 
downward  at  takeoff  and  landing  and  by  the  use  of  stronger  high- 
lift  devices  on  the  trailing  edge.  In  i.aying  out  the  shape  of  a 
supersonic  wing,  use  is  also  made  of  what  is  known  as  "conical 
twist"  of  the  leading  edge. 

This  leading-edge  form  sets  up  conical  supersonic  flow  over 
the  leading  edge,  with  increasing  vacuum  toward  the  wingtips  and 
at  the  wingtips,  forward-directed  force  components  that  reduce 
frontal  drag. 

Regarding  the  positioning  of  the  main  structural  elements  of 
the  wing,  two  possible  schemes  are  of  interest: 

1)  the  wing  of  large  aspect  ratio  and  small  taper  for  sub¬ 
sonic  speeds  and  2)  the  wing  with  small  aspect  ratio  and  large 
taper  for  supersonic  speeds.  In  the  first  wing  layout >  there  are 
usually  two  spars  running  on  either  side  of  the  .Line  of  maximum 
thickness  and  joined  by  upper  and  lower  panels.  They  form  a 
structural  shell  that  accepts  bending  and  twisting  moments. 

For  strongly  swept  and  large  aspect  ratio  wings,  it  is  bette 
to  place  the  ribs  perpendicular  to  one  of  the  spars  so  th : t  the 
-ibs  can  be  shorter.  Fuel  is  usually  carried  in  the  shell,  ana 
the  best  utilization  of  volume  and  minimum  fuel-system  weight  wil 
be  obtained  if  the  fuel  is  put  directly  into  the  pressure-tight 
shell.  If  insert  tanks  are  used,  part  of  the  lower  panel  must  be 
made  removable. 


It  is  desirable  to  avoid  transverse  assembly  Joints  in  the 
wing,  and  the  panels  must  be  made  long  for  this  purpose. 

Panels  are  made  from  thick  skin,  which  is  reinforced  by  the 
stringers,  and,  if  heavily  loaded,  they  are  made  monolithic  with 
T-  and  simple  ribs.  Deicing  heat  and  slats  may  be  called  for  at 
the  leading  edge;  passages  for  the  heating  gases  and  boundary- 
layer  blowing  are  also  accoiranodated  here.  The  ailerons  and  main 
flaps  are  suspended  on  the  trailing  edge;  the  control  runs  usually 
is  in  front  of  ana  cehind  the  shell. 

In  the  second  wing  design,  the  number  of  spars  Is  increased 
and  the  spars  are  placed  perpendicular  to  the  fuselage  axis.  In 
This  case ,  the  part  of  the  wing  between  the  spars  is  used  to  hold 
fuel,  for  which  purpose  some  of  the  compartments  are  sealed.  Skin 
panels  are  monolithic  without  transverse  joints  and,  consequently, 
for  the  most  part  extruded  with  parallel  simple  rib3;  their  thick¬ 
ness  can  be  reduced  smoothly  toward  the  wingtips  for  spanwlse- 
oqual  strength,  e.g. ,  by  milling.  To  place  the  ribs  as  close  as 
possible  to  the  straight  lines  of  the  ruled  surface  of  the  wing, 
it  is  better  to  extrude  narrow  panels  and,  for  example,  lay  one 
narrow  panel  of  constant  width  along  the  line  of  maximum  profile 
thickness  and  cut  one  edge,  together  with  the  ribs,  diagonally 
off  the  others;  these  trapezoidal  panels  are  laid  on  the  wing  with 
their  uncut  edges  closest  to  the  line  of  ma.-' ‘•num  profile  thick¬ 
nesses.  Narrow  panels  of  this  type  are  easily  bent  lengthwise 
and  crosswise  and  can  be  shaped  even  to  an  unruled  wing  surface. 

§13.5.  LAYOUT  Of’’  TAIL 

The  relative  positions  of  the  horizontal  and  vertical  tail- 
planes  must,  be  such  that  they  blanket  one  another  as  little  as 
possible  at  the  various  combination  cf  attack  angle  a  and  slip 
angle  8,  i.e.,  it  is  desirable  to  have  them  at  different  longi¬ 
tudinal  coordinates  on  the  fuselage,  but  then  one  of  the  ta'.l- 
planes  will  have  a  much  shorter  arm  from  the  airplane's  center  of 
gravity  and  reqn'r.  an  increase  in  area.  If  the  horizontal  tail- 
plane  is  mounted  -,r  the  vertical  tail  or  near  Its  top,  the  sweeps 
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of  the  two  tails  will  move  them  away  from  Cite  out  ocher  and,  in 
addition,  increase  their  arms  with  respect  to  the  airplane's  cen¬ 
ter  of  gravity.  However,  when  the  horizontal  tail  is  mounted  this 
high,  the  loads  on  the  vertical  tail  are  increased  and  it  becomes 
heavier.  The.  I  orizontal  tail  can  also  be  placed  on  the  tall  sec¬ 
tion  of  the  fuselage  if  thi3  section  do  is  not  carry  engines. 

For  flight  with  sideslip,  the  flow  past  the  round  fuselage 
may  be  regarded  as  composed  of  two  flows:  loi  gitudinal  and  trans¬ 
verse;  in  the  transverse  flow  around  the  cylinder j,  the  maximum 
velocities  are  obtained  on  the  upper  and  lower  fuselage  genera¬ 
trices.  These  crossflows  increase  the  local  skewness  of  the  fila¬ 
ments  and  cause  premature  separation  at  the  leading  edge  of  the 
fin  root  section.  To  blanket  this  detachment  out  at  large  angles 
6,  a  fence  whose  height  decreases  toward  the  front  of  the  fuse¬ 
lage  is  placed  in  front  of  the  fin.  This  fence  directs  the  local- 
flow  along  the  fuselage  and  also  puts  part  of  the  lateral  projec¬ 
tion  area  of  the  fuselage  to  work,  permitting  a  slight  reduction 
in  the  area  of  the  vertical  tailplane. 

Moving  the  vertical  tailplane  back  lowers  the  height  cf  the 
airplane,  which  is  important  for  hangar  storage  of  the  airplane, 
reduces  the  mutual  blanketing  of  the  tail  surfaces  and  increases 
the  effectiveness  of  the  horizontal  tail,  though  at  the  same 
increasing  its  weight. 

With  increasing  speed,  the  planform  of  the  tell  surfaces  and 
their  profiles  change  in  the  same  way  as  those  of  the  wing.  4t 
subsonic  speeds,  a  slightly  swept  and  rounded  leading  edge  may  let¬ 
up,  so  that  deicing  heat  must  be  supplied  to  the  fin  and  stabi¬ 
lizer  leading  edges. 

The  control  surfaces  of  large  fast  airplanes  must  have  aero¬ 
dynamic  and  gravity  compensation.  Axial  aerodynamic  compensation 
has  an  advantage  over  tic  servo  tab  in  that  the  compensating 
weights  can  be  distributed  uniformly. 
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There  are  certain  analogies  between  the  structural  diagram 
and  design  of  the  tail  and  those  of  the  wing.  For  large  fast  air-  ; 

planes,  extruded,  stamped,  etched,  and  milled  panels  can  be  used 
cn  the  stabilizer  and  fin,  with  excess  weight  removed.  The  con¬ 
trol  surfaces  are  required  to  be  very  light,  so  that-  the  weight 
of  the  trimmers  can  be  reduced.  Honeycomb  designs  may  be  found 
advantageous  for  these  surfaces. 

\ 
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Chapter  14 

EXAMPLE  OF  AFFLI CATION  OF  THE  PRINCIPLES  OF 
PRELIMINARY  DESIGN 

§14.1.  CONTRADICTIONS  ENCOUNTERED  IN  MEETING  PERFORMANCE  REQUIRE¬ 
MENTS  FOR  THE  AIRPLANE  AND  METHODS  OF  OVERCOMING  THEM.  THE 
VARIABLE -SWEEP  WING 

As  we  noted  in  Chapter  1,  many  of  the  design  measures  that 
improve  one  of  the  flight  characteristics  are  at  the  same  time 
detrimental  to  another.  We  ci.ce  a  few  typical  examples. 

To  attain  high  supersonic  speear. ,  use  of  wings  with  very 
thin  orofa  f.es  in  mandatory.  When  the  profile  becomes  very  thin, 
however,  the  wing  cannot  be  given  a  large  av.r-eet  ratio,  since  it 
becomes  very  heavy  ana  sags  badly.  On  the  ether  hand,  reducing 
it:,  aspect  ratio  lowers  the  maximum  lift/drag  ratio  at  subsonic 
flight  speeds,  wit  L  ’.he  result  that  the  maximum  subsonic  flight 
range  is  .FiorUne:.'. 

Reducing  the  thickness  of  the  profile  and  increasing  the 

wing's  aspect  ratio  lowers  c  and,  consequently,  increases 

yldg 

landing  speed  and  rollout  distance.  Thus,  oy  taking  design  meas¬ 
ures  that  increase  supersonic  top  speed,  the  designer  sacrifices 
maximum  range  and  lowers  the  takeoff  and  especially  the  la.  ting 
properties  of  the  airplane. 

Tne  demand  for  higher  top  speeds  from  subsonic  aircraft  also 
shortens  nax.l  m^c!  r:  -gr-  if  the  requirement  is  met  by  '.icreasing 
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available  engine  thrust  and,  consequently,  engine  weight,  since 
these  measures  increase  the  relative  weight  of  the  powerplant  and 
lower  the  rels* 4 ve  weight  of  the  fuel  if  the  relative  weights  -f 
the  payload  and  structure  remain  constant. 

The  requirement  for  higher  ceiling,  which  is  met  by  increas¬ 
ing  the  thrust/weight  ratio  F/0  or  by  reducing  the  load  per  so.uare 
meter  of  wing  by  increasing  its  area  (see  55.3),  also  shortens 
subsonic  and  supersonic  flight  ranges,  since  the  relative  weight 

of  the  fuel  is  reduced. 

If  the  requirement  for  a  higher  ceiling  at  supersonic  speeds 
is  net  by  increasing  aspect  ratio,  the  contradiction  vanishes, 
since  the  increase  in  maximum  lift-drag  ratio  is  advantageous  for 
both  ceiling  altitude  and  subsonic  range.  At  the  same  time,  in¬ 
creasing  the  wing  aspect  ratio  requires  a  thicker  wing  profile, 
and  this  results  either  in  a  lower  top  speed  or,  if  V^x  jS  Ul 
changed,  an  increase  in  engine  thrust,  engine  relative  weight, 
and,  in  the  final  analysis,  a  decrease  in  the  relative  weight  of 
the  fuel  with  the  consequent  shorter  flight  range.  If  ceiling 
altitude  is  increased  by  increasing  engine  thrust,  there  is  an 
attendant  increase  in  subsonic  or  transonic  top  speed.  If,  >n 
the  ether  hand,  the  ceiling  is  raised  by  increasing  the  area  of 
the  wing,  the  airplane  will  have  a  lower  top  speed.  We  stress 
that  increasing  MUm  and,  consequently,  the  permissible  speed 
limit  simultaneously  increases  ceiling  altitude  (see  §5-3)  and 
supersonic  range  (see  §6.3). 

General  methods  of  resolving  specification  contradiction;: 
were  set  forth  in  Chapter  1.  In  this  case,  the  most  correct,  pro¬ 
cedures  for  overcoming  the  above  contradictions  are:  a)  use  of 
improvements  and  design  measures  that  improve  one  flight  prope. ,y 
of  the  airplane  without  detriment  to  the  others;  b)  proper  selec¬ 
tion  of  design  solutions  with  which  an  improvement  of  one  indi¬ 
cator  is  minimally  detrimental  to  the  other;  c)  use  oi  compromise 
that  satisfy  the  requirements  as  to  the  basic  flight  qualities 
at  the  cost  of  some  impairment  of  other,  less  important  qualities 
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of  the  airplane.  For  example,  by  deflecting  the  wing  leading 

edge  and  blowing  the  boundary  layer  off  the  leading  edge  and  off 

the  flaps  to  improve  c  ,  we  improve  the  takeoff/landing  prop- 
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erties  of  the  airplane  at  the  cost  of  a  small  decrease  in  flight 
range  due  to  nhe  slight  increase  in  the  design  weight  of  the  wing. 

Obviously,  all  measures  that  improve  maximum  lift/drag  ratlc 

are  desirable  if  they  are  not  accompanied  by  any  marked  decrease 

in  e  or  increase  in  the  structural  weight  of  the  wing,  as  are 
ylig 

measures  that  reduce  design  weight  with  no  change  in  strength  and 
rigidity. 


Figure  14.1.  McDonnell  F — 4 El  Phant  ,~i  Tmlci- 
purpose  fighter-bomber.  G  =  20,8r.0  kg,  S  = 
-  ki. 2  m?,  Pn  =  15,400  kgf,  Mllm  -  2.L, 

H  .  =  17 , 800  m. 

clg  * 


Let  us  present  an  example  of  proper  selection  of  a  design 
measure  that  aids  in  resolving  contradictions  among  several  prop¬ 
erties.  Let  us  assume  that  it  is  necessary  to  obtain  a  higher 
supersonic  ceiling.  This  can  be.  done  by  increasing  either  thrust 
or  wing  area.  Using  high-lift  devices  on  the  wing  to  obtain  the 

large  c  that  ensures  the  required  landing  speed,  it  is  more 

yldg 

advantageous  to  go  to  increased  thrust,  since  a  larger  P  = 

=  P.  ,/ffQ.,. r.  due-_-  accelerating  and  climbing  fuel  consumption 
11  uil 

3  24 


FTD-HC-23-  753-71 


(see  §6.5),  lowers  the  per-ki lometer  fuel  consumption  rate  at 
supersonic  speeds.  Increases  the  airplane's  throttle  response, 
and  makes  ceiling  less  dependent  on  temperature  in  the  strato- 
spnere. 

Another  example  of  a  correct  solution  can  be  found  in  estab¬ 
lishment  of  the  wing  speed  angle  for  modern  multipurpose  super¬ 
sonic  aircraft.  A  delta  wing  with  sweep  equal  to  or  greater  than 
60°  has  the  least  frontal  drag  and  lightest  weight.  However, 

the  subsonic  maximum  lift/drag  ratio  and  c  are  lowered  when 

yldg 

this  wing  is  used.  In  order  to  increase  K  and  c  ,  there- 

max  yldg 

fore,  the  last  series-produced  American  multipurpose  airplane, 
the  F-4E  Phantom  (Fig.  14. 1)  has  a  neer-delta  wing  with  clipped 
tipr.  and  a  sweep  of  only  45°  (at  quarter-chord) . 


Figure  14.2.  Dynamics  Grumman  F-111A  multi¬ 
purpose  fighter-bomber.  G  a  32,000  kg,  3  * 

=  57-64  m2,  Pn  *  24,400  kgf,  Mlim  »  2.5, 

H  ,  -  18,000-19,000  m. 

clg 

A  highly  advantageous  design  measure,  and  one  that  eliminate? 
a  whole  series  of  the  contradictions  spoken  of  above,  is  the  use 
of  the  variable-sweep  wing  on  supersonic  aircraft. 

Figure  14.2  and  14.3  show  modifications  of  the  American  F-11I 
multipurpose  airplane,  which  has  such  a  v:ing.  As  the  sweep  is 
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Figure  14. Dynamics  Grumman  F-111B  multi¬ 
purpose  fighter-interceptor. 

increased,  the  wing  profile  thickness  ratio  parallel  to  the  stream 
decreases,  and  this  reduces  the  frontal  drag  in  supersonic  flight. 
The  very  slight  or  nonexistent  wing  sweep  at  takeoff  and  landing, 
together  with  the  use  of  modern  high-lii't  devices  on  the  wing. 


makes  it  possible  to  increase  the 


of  such  an  airplane  (see 


57.2)  by  2-3  times  ever  the  c  of  an  airplane  with  a  strongly 

*ldg 

swept  wing.  As  a  result,  the  wing  area  of  a  swing-wing  aircraft 
can  be  reduced,  with  the  effect  of  Increasing  supersonic  range 
and  zero-altitude  range  at  M  >  0.3-0/  with  ns  change  .in  super- 
sor.i c-ceiling  altitude. 

V. hen  such  an  airplane  fly:  at  M  -  0.85-0.90  with  a  35&-i)5° 
wing  sweep,  the  geometrical  aspect  ratio  of  the  wing  is  increased 
over  that  of  a  wing  swept  60-70°,  with  the  result  that  the  air¬ 
plane's  K  and  maximum  transonic  . .ungc  increase.  The  increase 
in  range  occurs  despite  a  slight  increase  in  the  structural  weight 


of  the  wing.  A  disadvantage  of 


r,ial  J  e-sweep  wing 


the 


complication  of  the  wing's  design  and  the  resultant  higner  cost 
of  the  airplane.  However,  a  swing-wing  airplane  is  capable  of 
more  successful  performance  of  vari.  jus  tactical  missions  with 
changes  in  armere/v  £1r:d  certain  item:,  of  equipment.  he  the  other’ 
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hand,  supplying  the  air  force  with  multipurpose  aircraft  that 
require  only  changes  in  armament  and  equipment  to  perform  a 
variety  of  tactical  missions  reduces  the  number  of  aircraft  types 
in  scries  production  and  thereby  increases  the  number  of  air¬ 
craft  of  the  same  type  that  are  ordered.  This  increase  in  the 
number  of  similar  aircraft  sold  makes  possible  a  substantial 
reduction  of  their  cost. 

This  is  why  complicating  the  design  of  an  airplane  does  not 
always  make  it  more  expensive. 

§14.2.  SELECTION  OP  POWERPLANT  TYPE  AND  LAYOUT  OF  SUPERSONIC  AIR¬ 
CRAFT 


At  the  present  stage  in  the  development  of  aviation  engines, 
it  is  convenient  to  power  supersonic  aircraft  either  with  after¬ 
burner-equipped  turbojet  engines  or  ducted-fan  turbojets  with 
afterburning  in  the  fan  and  duct  streans.  The  ducted-fan  engine 
with  fuel  afterburning  in  both  streams  has  a  lower  specific  weight 

at  M  =  M, .  and  is  shorter  than  the  turbojet  engine.  However,  it 
lim 

develops  much  less  thrust  per  unit  frontal  area  of  the  engine  and 
consequently  develops  the  same  thrust  as  a  turbojet  only  with  air- 
intake  ducts  of  larger  frontal  area.  This  increases  powerplant 
weight  and,  if  the  engines  are  housed  in  kucelles  and  not  ir.  the 
fuselage,  which  has  a  midships  section  larger  than  that  of  the 
engine,  also  increases  the  frontal  drag  of  the  airplane.  As  com¬ 
pared  with  turbojets,  ducted  fans  have  lower  specific  fuel  con¬ 
sumption  rates  at  transonic  speeds. 


If  a  supersonic  airplane  must  have  a  longer  transonic  flight 
range  (at  M  =  0.3?-0.9)  and  a  longer  range  in  zero-altitude  flight, 
the  fanjet  may  obviously  have  the  advantage  over  the  turbojet. 

If  the  midships  cross  section  of  the  engine  nacelles  or  the  fuse¬ 
lage  is  determined  by  the  engine  midships  section  and  the  airplane 
will  fly  basically  at  dgh  altitudes  and  M  =  Mlim,  preference  must 
be  given  to  the  turbojet. 

Looking  farther  ahead  in  time,  when  increases  in  the  tem¬ 
perature  ahead  of  the  turbine  have  made  it  possible  to  increase 
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the  thrust  of  the  turbojet  without  after-burning  and  to  fly  at 
M  “  Mlim  without  afterburning,  use  of  turbojets  with  low  compres¬ 
sor  pressure  ratios  will  be  advantageous  for  aircraft  from  which 
it  is  important  to  secure  longer  supersonic  flight  ranges. 

Selecting  the  airplane's  configuration  is  the  first  step  in 
preliminary  design.  The  designer  selects  it  even  though  he  does 
not  yet  know  the  weight  of  the  airplane,  its  dimensions,  or,  in 
many  cases,  even  the  amount  of  engine  thrust.  However,  by  deter¬ 
mining  the  payload  weight  from  the  technical  specifications  for 
the  airplane  and  knowing  the  range  requirement,  the  designer  can 
always  use  statistical  material  for  a  rough  estimate  of  the  air¬ 
plane's  weight.  This  estimate  is  necessary  because  the  optimum 
configuration  of  the*  airplane  depends  on  its  size. 

We  shall  he  concerned  primarily  with  supersonic  aircraft 
whose  normal  takeoff  weights  do  not  exceed  30,000-^0,000  kg.  Let 
us  stipulate  at  the  outset  that  by  supersonic  we  mean  fully  super¬ 
sonic  (see  §5-3),  i.e.,  not  only  the  top  speed,  but  also  the  speed 
of  flight  at  the  ceiling  are  supersonic. 

Thus  far,  such  aircraft  have  been  built  only  with  swept  or 

delta  wings  and  tails  situated  aft  of  the  wing,  or  in  the  form  of 

a  flying  delta  wing  with  60°  leading-edge  sweep  (Mirage  III, 

Mirage  IV,  F-10C).  An  exception  is  the  well-known  Lockheed  F-104, 

which  has  a  straight  thJn-profile  trapezoidal  wing.  Analysis  of 

the  f Light-performance  characteristics  of  the  aircraft  that  have 

been  built  has  .:L  :>*n  that;  flying-wing  types  have  very  small  cv 

yidg 

To  lower  their  landing  speeds ,  'therefore ,  the  designers  were  ob¬ 
liged  to  reduce  the  Load  per.  square  meter  of  wing  considerably 
and  lower  the  values  of  P^/.S  and  P  -  P^/PQq,  1 .  As  a  result,  the 
performance  characteristics. of  r  u  aircraft  came  to  depend  heav¬ 
ily  on  stratosphere  ai”  temperature,  their  per-kiiometer  fuel _ 
consumption  rates  at  supersonic  speed  -were  found  to  be  very  high, 
and  their  interception  radii  shorter. 
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Figure  14.  *1.  Carrier-based  North  American 
Vigilant  reconnaissance  bomber.  G  -  22, art 
kg,  S  *  65  n^,  Pn  =  15 j 400  kgf,  M13m  = 

«  2.1,  Hclg  *  18,200  m. 

On  the  whole,  comparative  flight-performance  analyses  cf 
aircraft  have  shown  that  the  flying-wing  configuration  is  net 
justified  for  aircraft  weighing  less  than  40-50  tons. 

The  configuration  with  trapezoidal  unswept  wings  and  con¬ 
ventional  horizontal-tail  position  used  in  the  F-104  ha^  nt 
repeated.  Such  a  wing  must  be  very  thin  and  will  have  acceptable 
weight  only  with  a  small  aspect  ratio  (<2.5).  Under  these  cor  - 
cions ,  it  has  no  advantages  over  the  45°-50°  swept  wing.  And  tne 
capacity  of  the  straight  wing  is  smaller  than  that  of  a  de,i.,  •  - 
with  clipped  ends,  as  used,  for  example,  on  the  Phantom 
(Fig.  14.1).  Among  other  things,  it  becomes  impossible  to  re,ta, 
the  wheels  into  the  wing.  The  optimum  wing  for  multipurpose  air¬ 
craft  with  fixed-sweep  wings  is  the  delta  with  clipped  .ic 
a  4o-45°  sweep  angle,  like  those  of  the  Phantom  and  the  America, 
Vigilant  carrier-based  reconnaissance  bomber  (Fig.  14.4).  an 
aspect  ratio  of  3-4  can  be  obtained  with  such  thin-profile  v^n, 
and  this  greatly  increases  the  maximum  lift/drag  ratio  a  -  — 

sonic  speeds. 
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If  high  performance  in  supersonic  flight  is  all  that  is  im¬ 
portant  for  the  airplane,  it  may  be  found  advantageous  to  use 
delta  wings  with  a  60°  or  greater  leading-edge  sweep.  This  In 
spite  of  the  fact  that  a  wing  of  this  type  with  an  aspect  ratio 

of  about  two  will  have  a  smaller  c  ,  even  with  improved  high- 

yldg 

lift  devices,  than  the  wings  of  the  aircraft  shown  in  Pigs.  14.1 

and  14.4. 

Pull -span  flaps  are  used  on  such  foreign  flrcraft  as  the 
F-111A  (Fig.  lb. 2) ,  the  Vigilant  (Fig.  14. 4),  and  the  experiment¬ 
al  British  TSR-2  ir.  order  to  increase  c  ,  and  rolling  moments 

*vldg 

are  set  up  not  with  ailerons  but  with  the  stabilizers ,  whose 
halves  can  be  deflected  in  opposite  directions,  and  with  spoilers. 


Table  14.1 
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1 14.6  I  60  !  3,56  j  4,35  I  0.06  !o.014—  (V'KM--  , 


9,74  57  |  i  ,66 


0,025'(',5' 


In  almost  all  aircraft  in  the  previously  mentioned  weight 
range,  the  engines  are  housed  in  the  tail  section  of  the  fuselage 
or  beside  it.  The  air  intakes  usually  run  along  the  fl  ik  of  the 
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fuselige  and  are  not  placed  In  its  nose  section;  this  shortens  the 
air  passages  and  is  advantageous  from  the  standpoint  of  accommo¬ 
dating  radar  equipment. 

=  As  we  have  noted,  the  swing-wing  airplane  is  a  highly  advan¬ 
tageous  configuration.  Table  14.1  3hovs  how  the  geometrical  and 
aerodynamic  characteristics  of  the  F-illA  multipurpose  fighter- 
bomber  depend  on  wing  sweep.  Some  of  the  figures  given  in  the 
table  were  calculated.  We  see  that  this  combination  of  figures 
is  clearly  unattainable  with  an  aircraft  having  a  fixed-sweep 
wing.  It  may  be  assumed  that  the  variable-sweep  wing  will  soon 
come  into  very  widespread  use. 

We  turn  now  to  the  problem  of  the  r. itive  positioning  of 
the  wing  and  fuselage.  Supersonic-air e .k.  engineering  practice 

shows  that  the  mid-,  low-,  and  high-wing  arrangements  are  used 
with  equal  frequency  on  aircraft  with  their  horizontal  empennages 
behind  the  winr. 

In  the  low-wing  scheme,  the  wing  Is  closer  to  the  ground, 

and  this  increases  c  ,  improves  lateral  stability,  and  makes 

yldg 

it  possible  to  retract  the  wheels  into  the  wing  Instead  of  the 
fuselage,  thus  simplifying  and  lightening  landing-gear  design. 

Ir*  the  high-wlng  modification,  it  is  easier  to  use  fuselage  space 
to  accommodate  weapons.  This  position  is  al30  convenient  for 
the  variable-sweep  wing.  Interference  between  the  wing  and  fuse¬ 
lage  Is  minimal  for  the  mid-fuselage  position  of  the  wing,  but 
utilization  cf  fuselage  capacity  is  least  convenient. 

If  high  performance  at  subsonic  speeds  is  not  required  of 
the  airplane,  but  a  very  high  supersonic  ceiling  is  needed,  a 
flying  delta-wing  layout  with  a  small  G/S  but  with  the  parameters 
and  P  *  ^n/2^oil  near  or  greater  than  unity  without  fail 
may  be  found  rational  for  this  special-purpose  high-altitude 
supersonic  airplane.  In  this  case,  the  flying-wing  configura¬ 
tion  is  expedient  because  the  landing-speed  requirements  are 
satisfied  by  the  small  G/S  and  a  flying  wing  of  large  area  has 
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a  small  cx  .  The  important  point  is  that  with  the  large  wing 
0 

area,  all  anasures  that  reduie  e„  arc*  vital,  since  a  decrease 

0 

in  the  product  c  S  makes  it  possible  to  reduce  the  thrust  out- 

*0 

out  of  the  turbojets  and,  consequently,  poverplant  weight. 


Figure  14.5.  Lockheed  SR-71  stra¬ 
tegic  reconnaissance  aircraft. 

G  =  61,700  kg;  S  «  186  m2;  P  * 

*  50,000  kgf,  Mllm  *  3,  Hclg  t 

*  22,000-23,000  ir. 

In  choosing  a  configuration  for  a  super.- or.  ic  airplane  wJth 

2 

a  wing  area  greater  than  100-150  m  ,  the  designer  encounters  dif¬ 
ficulty  in  obtaining  the  necessary  wing  angle  of  attack  without 
excessive  lengthening  of  the  landing  gear.  When  the  empennage  is 
aft  of  the  wing,  the  distance  from  the  airplane’s  center  of 
gravity  to  the  fuselage  tail  support  becomes  so  Jong  teat  a  land¬ 
ing  angle  of  10°-ljt  can  be  obtained  only  with  an  unacceptab] y 
high  undercarriage. 

Figure  14.5  shows  a  diagram  of  the  Lockheed  SR-71  (A -11'  and 
Fig.  14.6  a  diagram  of  the  B**?0  experimental  strategic  re'  a’e- 
sance  aircraft.  Figure  14.7  presents  diagrams  of  supers orb  c  trans¬ 
ports  -  A.N.  Tupolev’s  Tu-l44  and  the  designs  for  the  American 
Lockheed  200'J  and  the  Anglo-French  Concorde.  We  see  t .  .jt  of  these 
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Figure  14.6.  Nortn  American  B-70  Valkyrie 
strategic  reconnaissance  aircraft.  G  * 

-  230,000  kg,  S  *  585  ®2,  *Um  -  3. 

aircraft,  four  are  of  the  flying-wing  configuration  and  one  (the 
B-70)  is  a  canard. 

This  points  up  the  aforementioned  difficulties  cf  design':  g 
landing  gear  for  heavy  supersonic  aircraft  with  the  convent  Ion a i 
tail-faehind-wing  position.  In  addition,  it  is  important  to  have 
high  values  of  such  performance  characteristics  as  range  and  rul¬ 
ing  at  M  *  Mllm  for  the  single-regime  supersonic  aircraft  f  the 
types  shown  in  Fig.  14.7.  As  we  pointed  out  earlier,  tie  fl 7 i ra¬ 
wing  configuration,  which  lowers  cy^  and  increases  the  supersede 

K  ,  is  advantageous  in  this  case.  The  aircraft  under  discussion 
max* 

were  designed  for  takeoff  and  landing  from  long  runways j  htj! 
landing  speeds  are  therefore  acceptable. 

All  of  the  flying-wing  aircraft  have  the  sweep  of  tt  .*:ng 
variable  long  the  span.  In  the  A-ll,  the  fuselage  behinu  .ne 
pilot  *  s  cabin  is  designed  as  a  lifting  wing  of  very  snail  a.<^ 
ratio.  Like  varying  the  wing  sweep  along  the  span,  this  me  a.*  ere 
reduces  the  aft  shift  of  the  aerodynamic  center  on  the  transit., 
to  supersonic  flight,  as  was  pointed  out  in  §8.3.  We  note  t.-v..c 
the  flat  bottom  of  the  fuselage  on  such  aircraft  as  F -^.1 
and  Vigilant  serves  the  same  purpose  (Figs.  14.2  and  14.4). 
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only  by  the  elevens,  but  also  by  the  rotating  forward  tall.  On 
the  other  hand,  the  flying  wing  gives  a  somewhat  smaller  c 

y0 

The  canard's  fuselage  is  loaded  by  aerodynamic  forces  froia  the 
empennage  and  will  therefore  be  heavier  than  the  fuselage  of  an 
airplane  with  no  horizonta'  tail  surface. 

With  the  rather  wide  variety  of  powerplant  positions,  it  is 
typical  that  the  engines  are  mounted  closer  to  the  airplane's 
tail  in  all  cases  to  shorten  the  distance  from  the  center  of 
gravity  to  the  tip  of  the  fuselage  tail  section,  although  this 
lengthens  the  passages  supplying  air  to  the  engines.  It  is  also 
characteristic  that  in  most  cases  the  engines  are  mounted  in  pair 
and  not  in  nacelles  (with  one  engine  in  each  nacelle).  All  heavy 
supersonic  aircraft  are  designed  as  low-wing  monoplanes. 

$14.3.  SELECTION  OP  POWERPLANE  TYPE  AND  LAYOUT  FOR  TRANS-  AND  DUE 
SONIC  AIRPLANES 

At  the  present  stage  in  engine  development,  the  ducted-fan 
and  turboprop  engines,  wni cn  are  more  economical  than  turrojee, 
are  most  advantageous  for  the  majority  cf  subsonic  and  transon.lc 
airplanes.  Only  for  aircraft  that  must  reach  speeds  just  below 
Mach  one  and  need  only  moderate  range  will  the  turbojet  and  ducte 
fan  compete  with  one  another. 

The  ducted- fan  engine  with  high  compounding  ratio  is  nearly 

as  economical  as  the  propjet.  It  is  simpler  in  design  that,  the 

propjet,  but  gives  no  increase  in  c  owing  to  the  absence  of 

yl/o 

propwash  over  the  wing. 

If  the  airplane  is  transonic  and  must  cruise  at  M  *  0. 8-0.9, 
preference  must  be  given  to  the  ducted  fan.  Lower  cruising  ?>Deed 
require  a  more  profound  comparative  analysis  of  the  advantages 
and  disadvantages  of  the  ducted  fan  and  propjet  based  on  the 
specific  characteristics  of  the  engines  being  compared. 

The  basic  transonic  and  subsonic  military  aircraft  types, 
leading  trainer  and  liaison  aircraft  aside,  are  now  ground-  and 
carrier-based,  asault  aircraft,  transports,  which  are  also  used 
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by  airborne  troops,  and  special -purpose  aircraft. 

Transonic  attack  aircraft  are  still  built,  not  only  in  serie 
production,  but  al3o  as  prototypes,  despite  the  fact  that  multi¬ 
purpose  supersonic  aircraft  cart  operate  successfully  again;  t 
ground  targets.  The  reason  for  this  is  as  follows. 

As  a  rule,  attack  missions  "re  carried  out  from  low  altitude 
Low-altitude  flight  is  highly  desirable  from  the  standpoint  of 
avoiding  antiaircraft  fire.  For  this  reason,  the  attainment  of 
high  flight  performance  at  high  altitudes  is  not  particularly 
important  for  the  attack  plane. 


JLlf  JL 


Figure  14. 8.  A-7A  Corsair  attack  bomber, 
which  is  both  carrier-based  and  used  by 
the  USAF.  G  =  14,750  kg,  S  -  34.8  m? , 

=  930  km/h. 


In  flight  with  afterburners,  modern  supersonic  multipurpose 
aircraft  are  eatable  of  reaching  M  ~  1.1  at  the  ground.  However 
their  fuel  consumption  rate3  are  very  high  at  this  speed.  Fligh 
at  M.s  1.2  shortens  range  to  about  one-third  of  the  range  avail¬ 
able  at  F  «  0.9.  Flying  very  fast  near  the  ground  makes  it  dif¬ 
ficult  to  find  and  attack  targets.  At  the  same  time,  if  the  at¬ 
tack  airplane  does  not  need  to  fly  at  a  maximum  M  greater  tan 
0-85-0.9  (l.e.,  V  >  1,040-1,100  kg/h)  at  zero  altitude,  this 
Mach  number  can  Ik  attained  eve  x  without  afterburning  ard. 
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consequently,  will  not  he  accompanied  by  excessive  fuel  consump¬ 
tion.  The  transonic  attack  airplane  must  be  designed  with  the 
object  of  minimizing  the  cost  of  building  both  the  airplane  and 
its  equipment.  For  an  airplane  of  this  type,  low  cost  is  the 
most  important  factor  and  that  which  Justifies  building  it.  For 
a  given  range  and  payloaa  weight,  it  is  desirable  to  minimize  the 
weight  of  the  airplane,  since  lower  weight  means  lower  cost.  In¬ 
creasing  the  sweep  of  the  wing  beyond  35°-kO°  does  not  greatly 
increase  M*p,  but  it  does  shorten  range  drastically.  It  Is  there¬ 
fore  not  advantageous  to  use  a  strongly  swept  wing  on  a  transonic 
attack  aircraft.  It  is  desirable  to  keep  the  wing  aspect  ratio 
at  three  or  more.  Strong  high-lift  devices  on  the  wing  are  impor¬ 
tant  for  the  attack  plane,  since  it  must  have  high  takeoff  and 
landing  characteristics,  and  these  should  not  be  obtained  at  the 
cost  of  a  small  load  per  square  meter  of  wing,  since  increasing 
the  wing  area  increases  per-kilometer  fuel  consumption  sharp.iy  at 
speeds  near  the  top.  The  Ling-Teraco-Vought  A-7A  Corsair  II  attach, 
airplane  shown  In  Fig.  14.3  is  the  most  resent  aircraft  of  thl : 
type  to  go  into  production.  We  see  that  the  ai'plane  has  tne 
conventional  configuration  for  transonic  fighters.  The  high  wing 
was  apparently  chosen  to  facilitate  accommodation  of  armaments. 


Figure  l1! .  9  .  Breguet  Atlantique  antisubmarine 
airplane.  G  =  43,500  kg,  S  *  120  m  ,  H  ,  * 

3  9,100  m.  Maximum  endurance  18  h. 
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In  designing  a  military  transport,  the  designer  will  be  con¬ 
cerned  primarily  with: 

a)  low  fuel  consumption,  since  the  lower  the  minimum  per- 
kilometer  fuel  consumption,  the  lower  will  be  the  airplane’s 
takeoff  weight; 

b)  convenience  in  loading  and  unloading  ordnance  and  per¬ 
sonnel  and  accomodating  them  in  the  fuselage; 

c)  good  takeoff  and  landing  characteristics. 

We  turn  now  to  the  configuration  of  two  subsonic  special- 
purpose  military  aircraft.  As  we  pointed  out  in  §5-3,  reducing 
the  load  pt-r  square  meter  of  wing,  combined  with  the  highest 
possible  thrust/weight  ratio,  is  an  important  measure  toward  in¬ 
creasing  subsonic  ceiling.  On  such  an  airplane,  a  large-area 
trapezoidal  wing  must  have  a  rather  large  aspect  ratio,  since  an 

increase  in  aspect  ratio  Increases  c  and  lowers  the  optimum 

•’opt 

speed,  and  to  raise  the  ceiling  of  such  an  airplane  it  is  impor¬ 
tant  that  flight  at  near-optiraum  speeds  occur  without  wave  drag 
at  high  altitudes.  The  fuselage  of  the  airclane  must  be  designed 
to  accommodate  reconnaissance  equipment. 

Antisubmarine  warfare  calls  for  airplanes  capable  of  patrol¬ 
ling  for  many  hours  at  a  time.  Use  of  prophet  engines  is  advan¬ 
tageous  . 

Since  patrolling  is  done  at  a  speed  near  the  economy  speed 
and,  consequently,  with  a  large  c  ,  it  is  important  to  provide 
the  wing  with  devices  that  prevent  flow  separation. 

Figure  14.9  shows  a  diagi am  cf  a  Breguet  antisubmarine  air¬ 
craft. 

$14.4.  FIRST-APPROXIMATION  DETERIORATION  OF  TAKEOFF  WEIGHT,  WING 
AREA,  AND  ENGINE  THRUST  FOR  A  SUPERSONIC  AIRPLANE 

Having  elaborated  the  airplane's  configuration  and  selected 
the  type  of  engine  in  the  preliminary-design  process,  the  designer 
proceeds  to  de ,, ermine  rational  values  of  the  airplane’s  takeoff 
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weight,  wing  area*  and  engine  thrust,:  values  with  which  the  flight- 
performance  data  of  the  airplane  will  conform  to  the  requirements 
made  of  it.  It  was  pointed  out  above  that  for  a  given  payload 
determined  by  the  specifications  for  the  airplane,  the  weight  of 
the  airplane  will  be  nduimized  If  the  sum  of  the  relative  struc¬ 
tural  weight  of  the  airplane,  powerplant  weight,  and  fuel  weight 
(5s  +  !ip  p  +  Gj.)  is  minimized. 


The  specifications  for  a  supersonic  airplane,  and  for  a 
transport  in  particular,  always  state  the  highest  flight  Mach 
number,  and  for  fully  supersonic  aircraft  this  is  the  maximum 
permissible  M  (see  The  specifications  also  indi¬ 

cate  the  maximum  supersonic  flight  range  or,  for  an  Interceptor, 
the  radius  of  interception.  In  determining  the  takeoff  weight  of 
an  airplane,  it  is  highly  inconvenient  to  proceed  from  the  inter¬ 
ception  radius,  since  the  airplane  may  be  flown  to  the  inter¬ 
ception  point  at  various  speeds  and  various  engine  settings.  If 
the  afterburner  is  used  on  an  interception  up  to  the  time  of  at  - 
tack  and  attack  is  from  the  rear  hemisphere,  it  can  be  assumed 
in  approximation  that  the  supersonic  range  L  is  related  to  the 
interception  radius  as  =  KL,  where,  as  the  calculations  show, 

K  *  0. ^5-0. 55  for  attack  from  the  rear  hemisphere.  If  the  a V; a 
is  head-on,  we  have  K  =  0.55-0.65.  For  Mlim  =  2,  the  larger 
value  of  K  pertains  to  R  =  200  wm,  an!  the  smaller  value  to  R  = 

=  h00  km.  For  M, ,  =2.5  and  3,  the  larger  K  corresponds  to  R  = 

i.  ini 

=  500  km  and  the  smaller  to  R  =  1,000  km.  These  relationships 
can  be  used  to  change  over  from  the  interception-radius  require- 
ment  to  supersonic  range. 


In  most  cases,  the  specifications  for  a  supersonic  airplane 
indicate  its  ceiling  or  state  a  requirement  as  to  cruising  alti¬ 
tude. 


For  a  supersonic  airplane,  taKeoff  and  landing  performance 
is  characterized  primarily  by  the  length  of  the  airplane's  land¬ 
ing  roll,  because  in  most  cases  the  takeoff  run  is  shorter  than 
the  rollout  and  can  always  be  shortened  by  use  of  booster  rocke* 
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Using  the  relationships  given  in  §7*2,  it  is  always  possible  to 
conyert  from  rollout  requirements  to  landing-speed  requirements. 

We  shall  therefore  assume  that  the  specification  as  to  the  air¬ 
plane's  takeoff  and  landing  performance  is  determined  by  the  speed 
at  which  the  airplane  must  land. 


To  summarize,  we  shall  assume  that  the  tactical -technical 
specifications  are  stated:  payload  weight,  Mllm,  maximum  super¬ 
sonic  flight  range  L,  celling  altitude  Hclg,  and  landing  speed 
V,.  .  We  are  required  to  determine  wing  area  and  engine  thrust, 
the  latter  characterized  by  its  value  at  an  altitude  of  11,000  m 
and  M  =  M,im,  with  which  the  takeoff  weight  of  the  airplane  will 
be  minimized. 


Even  before  engine  thrust  Is  determined,  it  is  necessary  to 
consider  a  family  of  engines  that  have  the  same  C  and  differ 

5p 

only  in  midships  area,  which  is  proportional  to  the  thrust  of  a 
turbojet  engine  and  approximately  proportional  to  its  weight. 

The  following  quantities  must  be  obtained  as  starting  data 
from  the  characteristics  of  the  engine  family: 


a)  the  specific  weight  ygn  of  the  engine  at  M  =  H  * 

=  11,000  m,  and  maximum  afterburning: 

Pn  ' 

b)  the  specific  fuel  consumption  C'  at  11,000-m  altitude  and 

sp 

M  =  with  full-flow  fuel  delivery; 

c)  *ne  value  of  C  =  C  /C’  at  M  =  M. .  and  0.6  of  maximum 

sp  sp  sp  lim 

thrust  (P/P'  *  0.6). 

All  of  these  characteristics  are  to  be  determined  for  the 
effective  thrust  of  the  engine  on  the  airplane  with  consideration 
of  losses  In  the  intake  defuser,  air  passages,  and  exhaust  nozzle. 


It  can  be  assumed  in  first  approximation  that  at  M  =  M-j_  and 

with  a  correctly  determined  de fuser  pressure  recovery  factor,  the 

thrust  Y  „  will  be  ?-H%  smaller  than  P  and  C'  will  be  larger 
- 1  °pef 

by  the  same  percentage.  In  addition  to  the  above  oner cities ,  it 
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Is  necessary  to  find  from  statistical  data 

and 

where  Gp  is  the  weight  of  the  engine,  accessories,  mounts,  etc., 
and  G-  _  is  the  weight  of  the  fuel,  tanks, 'and  fuel  system. 

We  shall  consider  first  the  procedure  for  solution  of  the 

problem  when  the  wing  high-lift  devices  and,  consequently,  c 

yldg 

have  not  yet  been  selected.  In  this  case,  c  ,  like  the  weight 

yldg 

G  of  the  airplane,  its  wing  area  S,  and  the  thrust  P1]L  of  its 
turbojet  engines,  will  be  unknowns. 

To  solve  the  problem  in  first  approximation,  it  is  necessary 
to  assign,  on  the  basis  of  statistical  data,  the  airplane's  rela¬ 
tive  structural  weight  (S  «  G _/G),  the  maximum  lift/drag  ratio 

s  s 

(K  )  in  flight  at  M  «  MHm,  and  the  quantity  A,  which  is  char- 
acterized  by  cXl  and  Kf  g  in  addition  to  the  character¬ 

istics  indicated  above,  which  are  engine-related  (Yen,  Kp.p»  C3P» 

V- 

We  first  discuss  determination  of  the  relative  powerplant 
weight  $p  p  “  °p  j/G*  For  this  Purpose,  we  introduce  Kmax  into 
the  expression  for  the  pressure  at  the  ceiling  altitude.  If  we 
denote  the  ratio  of  Kclg  to  Kmax  by  Rclg,  we  have 


1110  __  Pll° 

T  Pl\Kuw  PuKnmKm** 


(14.1) 


Since  G  *  y  P..  and  G^ 

en  'en  11  p.p 


Kp.pGen* 


G,.y  P\\QK,.yy^ 

P\i  —  u  and  s?  is  ri 

K  j.yV'.u  XnoT^m«*°iy 


whence  we  obtain 


—  dj.v Ki.y  Y««^1I 

^  0  Knnt  KtnixPH. 


(14.2) 


In  this  expression,  Ppj  is  the  pressure  at  the  airplane’s 

"clg 
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Figure  14.1C.  a)  Ratio  of  weight  of 
airplane  at  target  to  takeoff  weight 
as  a  function  of  subsonic  flight  range; 
b)  ratio  of  weight  of  aircraft  at  tar¬ 
get  to  takeoff  weight  as  a  function  of 
supersonic  flight  range. 

ceiling  altitude  for  the  takeoff  weight  G.  When  the  influence  of 

the  decrease  in  the  airplane's  weig  .t  that  results  from  burning 

of  fuel  is  taken  into  account,  _  will  be  expressed  as  follows 

P  •  P 

for  the  celling  altitude: 


0  no  J 

Kiu)\Km*xPff 


(14.3) 


If  the  ceiling  altitude  is  stated  for  a  distance  equal  to  half 

the  range,  the  1-Gf  in  (14.3)  must  be  replaced  by  the  coef- 

clb 

ficient  k  (Fig.  14.10).  Since  pH  is  stated  by  the  tactical- 

clg 

technical  requirements,  the  only  unknown  remaining  in  (l4.j)  is 
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As  we  showed  in  $6.6,  the  "cruising  cllrato"  range  is 
^  C^'/^U  .  0*^. 


1- _ 

0-^)0 


(14.  4) 


Consequently , 


(14.5) 


0 


whence  we  obtain 


^r«P  ('  G»«o,)  f1  ^ro>Cy,(C»»<y»>. 


(14.6) 


The  tactical-technical  requirements  state  the  total  flight  range 
L  including  the  climbing,  accelerating,  and  descent  paths.  Thus 
the  range  L-  ^  that  appears  in  (14.6)  is  related  to  the  range  L 
given  by  the  tactical-technical  requirements  by  Llvl  -  L  -  (I*clb  + 
+  L^,, ) .  According  to  (6.12), 


Lb9X — 2,2  H.‘K^K(,. 


The  descent  distance 


(14.7) 


t  u  ■  K  U**  •  f . 

is  a  function  of  F  =  ^i^oil  and  is  fcaken  from  the  ~dia8ram 
of  Pig.  6.16  (see  §6.5);  we  obtain  K5  from  Pig.  6.17,  assuming  as 

a  convention  that  F..,/G  a  1. 

Xx 

The  relative  amount  of  fuel  burned  In  climbing,  5f  ,  will 

clb 

be  determined  from  the  expression 


q  —G.  K\KiK^ 

Urno.i  Tnos.»c*  1 


(14.8) 


and  the  diagrams  of  Pigs.  6. 13-6. 15.  Let  us  assume  that  P^/G 
equals  unity.  We  ultimately  obtain  the  following  expression  for 
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Xp - - - 7T7T""  * 

<£-2.2W.  KtK%-Ht  ■  Km,  \C[.  |  ) 

L  '  ’*<”«  **«"  '  'A*«  Lu 

)  e  S-6«"rp«*.., 


(in. 9) 


In  (in. 9),  I  and  and  specified  by  the  tactical-technical 
specifications  and 

H*Kor==~^~"rfi^  V K„H=aMnrt>. 

Hfin  13  2‘  3  km  higher  than  the  altitude  at  the  beginning  of  the 

flight.  up  is  a  function  of  H  (see  Fig.  6.13). 

" c lb. ini  efin 

The  quantity  (C„/K  )  .  .  R  and  the  coefficients  K-.  and 
a  sp  q  min’  clg  1 

are  .unctions  of  P  =  P.j/2Q0^  (see  Pigs.  5.10,  6.9,  6.1*4,  and 

6.16).  Thus,  if  P  is  given,  we  can  determine  G  ,5#.  ,  and 

P.P  I -1U 


The  relative  weight  of  the  fuel  consumed  in  descent,  G„  , 

xds 

can  be  assumes  equal  to  0.01.  Since  the  weight  of  the  fuel  and 
fuel  system  is  larger  by  a  factor  Kp  than  the  weight  cf  the 
fuel,  we  enviously  have 

GT.e-/CT.{G,-ArT.t{0rrop4-(JT(ioji-f  gTch  ).  ( 14.10) 

Knowing  the  payload  weight  and  the  relative  weights  5  .  5  ,  and 

_  s  p .  p 

Gf  s,  we  can  find  the  weight  G  of  the  airplane.  We  find  from 

(5.7)  that 


P  ^~a' 

Knot^m uPtian, 


(14.11) 


As  in  (1*4.3)  and  ( 1 4 . 9 ) ,  the  only  unknown  in  expression  (1*4.11) 
for  P11  13  ^clg*  which  ^ePends  on  p- 

Since  Pn  =  2Q011f  »  1*  1,cx0SpllMlim^’  fche  wins  area  S 


\  ,4eXt*rnM‘pejA 
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Since  ^ssiW V we  havec^-g  — ■*  ...  Taking  this  into  considera¬ 
tion,  ^  *-* 


AK^tPy. 


(1^  .12) 


Assuming  on  che  basis  of  expression  (7*12)  for  Vjg  that  80$  of 
the  fuel  has  been  burned  when  the  airplane  lands  and  that  G1  ^  = 
»  (1  -  0.8Gf)G,  ws  find  that 


1S-C.90— 0.8 oT)o 

fv« - • 


(14.13) 


Ultimately,  we  obtain  the  following  system  of  nine  equations  for 

determination  of  0,  S,  P., ,  and  c  for  the  given  M,,  ,  tt  ,  - , 

^ldg 

h>  and  w 

Kwn’B'KtfiAPy,  (CM.  pHC.  5.  10) 

{CyjJX9)tM»’x  (Cy3jEt)m»a{P)'t  (CM.  pHC.  6.  9)  ^ 

G,  =CT  KiKiK„ 

g  .  |  *  j 1 _ “  •4A 

e  S***npt  mjx  _  t 


G  0—Gr„iM)K*.yYi-J*t  _ 

ux.f —  '  '  "  * 

_ Git* _ _ _ . 

J  —  [C,  +  Gaj  -f  Kr.t  (dj"-  +  Gtnvi  -f  Grc„)] 

0~drBjGP:i  , 
r'/j  —  I  ~  .J 

K^or^mitPH  n<>T 

S=J^L_. 

0.35p,,M5np„? 

I«-0,9(l  — 0.8<7t)O 


VI  IT. 


It  Is  convenient  to  determine  the  G,  S,  P..,  and  c  'n  which 

we  are  interested  by  using  equation  system  (I-IX)  because  it  la- 
evident  at  once  whether  values  can  be  found  for  them  that  will 
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.satisfy  all  of  the  requlreaents  stated  and  whether  the  number  of 
unknowns  corresponds  to  the  number  of  equations. 

Since  we  have  assigned  the  quantities  Kp  p»  y^* 

*8,  Kf  ,  and  ,  ten  unknowns  remain  in  the  nine  equations 
ds 

given  above,  Oaaely:  *clg,  (Bs()/*qW  ®p.p*  8rcl„«  a>  cflyl>  *• 

^11*  S*  and  cy  *'  71,6  coefficients  K,,  K-,^,  and  Gf 

yldg  5  Iclb.inl 

are  determined  from  the  graphs.  We  can  therefore  assign  one  un¬ 
known  arbitrarily.  It  is  convenient  to  assign  F,  since  it  deter¬ 
mine.^  K/Kmx  in  crulslng-clinb  flight  and  {^3p/Kq)mln*  Hot  know¬ 
ing  P.  we  cannot  find  P.,  for  a  given  ceiling,  or  find  5*  ana, 

1  rlvl 

consequently,  the  airplane's  takeoff  weight  for  a  given  range. 

Modem  series -produced  supersonic  aircraft  have  P  in  the  range 

from  0.6  to  0.95*  while  for  prototypes  it  ranges  from  0.9  to  1.35. 

In  the  first-approximation  calculation,  it  is  recommended  that  P 

be  taken  in  the  range  from' 0-9  to  1.3.  The  larger  P,  the  smaller 

the  wing  area  obtained  and  the  larger  the  required  c  .  In  most 

Jldg 

cases,  an  increase  in  P  will  be  accompanied  by  a  decrease  in  the 

airplane's  takeoff  weight.  In  this  case,  if  the  resulting  re- 

ouired  c  is  attainable,  it  is  recommended  that  P  be  taken 
yidg 

equal  to  1.1-1. 2  (we  shall  discuss  r>max  below). 

The  decrease  In  K  „  with  de¬ 
max 

creasing  wing  area  5s  left  out  of 
account  in  the  first  approximation. 

As  a  result,  the  decrease  in  the  air¬ 
plane's  takeoff  weight;  with  increas¬ 
ing  ?  is  sligntly  exaggerated. 

It  is  convenient  to  solve  the 
system  of  equations  (I-IX)  in  the 
order  in  which  the  equations  ar - 
listed. 

If  the  designer  has  determined 

the  available  c  before  calculating 
yldg 


Figure  1^. 11.  Nature  of 

the  dependence  of  c  , 

-  J  ldg 

G,  S,  and  P, 1  on  P  for 

«*J“  "ill.1  "oL,v 
ar.d  V1Jg. 


Gf  nine  unknoKni  remains  In  the  «bove  nine  equations.  In  this  case, 
it  is  expedient  to  assign  three  values  to  P,  to  find  G,  S,  and 

c  for  each  of  the*,  and  plot  their  dependence  on  F.  Having  de- 

?ldg 

tersslned  which  P  corresponds  to  the  required  «  ,  we  find  the 

.  *ldg 

unknown  G#  P-^.  and  S  for  this  ?  (Pig.  M.lll.r 

In  certain  cases,  ^g*  and  but  not  the  ceiling, 

may  be  stated  in  the  specifications  for  the  airplane.  With  these 
initial  data,  it  is  necessary  to  determine  the  celling  altitude  as 
a  function  of  P. 

He  obtain  from  Eqs.  (14.11) 

j»„  (I— <*■»,„';,)  fti  P\\  0.35f»i 

0  KK^h^  '  &  *«“A 


Consequently , 

/>„  plt _ G  QAaMjttJP  KmPHutr. 

~T,H  S'~  0-GrmolA) 

On  the  other  hand,  according  to  (14.13) 


(14.14) 


GfS— - 

•  ic  n  fl/i 


■vL 


16  0,90-0.80,) 


Equating  the  resulting  expressions  for  G/S  to  one  another,  we  find 
that 


P  M  MOT 


,0T  16.0,9.0,35(1  -0.8G-).VI*PK 


!*  1  fi  "!  K  ^ 


To  determine  pu  ,  it  is  necessary  to  assign  F  and  the  quantity 
clg 

(1  -  0.8Gf).  Equation  (14.15)  is  the  tenth  equation  in  tne  system 

given  above,  in  which,  if  the  tactical-specifications  do  not  state 

the  ceiling  but  state  only  MUm>  Gp>1,  L,  and  V13g,  there  are  11  ui 

knowns.  Assigning  F,  we  find  K ^  ,  compute  Gf  ,  determine  PH 

6  clb  tig 

from  (14.15),  and  then,  solving  the  equation  system  as  described 
above,  we  find  the  unknowns  G,  S,  and  P^. 
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Assigning  several  f  end  plotting  G,  5,  P.^,  and  as  func¬ 
tions  of  ?s  we  find  the  ?-with  which  the  required  flight  range  la 
attained  at  minimal  aircraft  weight. 

We  regard  the  above  calculation  as  a  first  approximation  for 
the  following  reasons.  It  did  not  take  account  of  the  dependence 
of ■■Kmax  30(1  the  airplane’s  structural  weight  on  wing  area.  At  the 
same  time,  the  larger  the  wing  area,  the  larger  must  be  the  air¬ 
plane’s  maximum  lift/drag  ratio  and,  at  the  same  time,  the  heavier 
must  be  the  wing;  this  results  in  increased  relative  structural 
weight  of  the  airplane. 

The  larger  the  P  that  we  have  assigned,  the  smaller  is  the 
wing  area  that  we  obtain.  We  must  therefore  slightly  reduce  Kffiax 
by  increasing  P  and  at  the  same  time  also  reduce  the  relative 
structural  weight.  This  is  why  the  first  approximation  results  in 
only  a  tentative  determination  of  wing  area. 

However,  such  a  calculation  must  be  performed,  3ince,  without 
knowing  the  dimensions  of  the  wing  at  least  roughly,  we  cannot  com¬ 
pute  the  ai  •’mane’s  c  .  Rough  knowledge  of  the  weight  of  the  air- 

x0 

plane  and  the  wing  area  S  also  makes  it  easier  to  determine  the 
fuselage  area  and  midships  section,  which  are  needed  to  calculate 
its  frontal  drag. 

§1H.T.  SECOND-APPROXIMATION  DETERMINATION  OP  TAKEOFF  WEIGHT,  WING 
AREA,  AND  ENGINE  THRUST  FOR  A  SUPERSONIC  AIRPLANE 

In  the  second-approximation  calculation  of  the  supersonic 

airplane 'r  weight,  wing  area,  TJE  thrust,  and  required  c  ,  the 

yldg 

influents  of  wing  area  on  the  airplane's  maximum  L/D  and  its  rela¬ 
tive  structural  weight  will  be  taken  Into  account.  This  requires 
derivation  of  an  equation  system  that  differs  from  (I-IX)  given 
above,  in  solution  of  which  the  wing  area  was  determined  last. 

When  the  dependence  of  K  and  G  on  the  wing  S  is  taken  into  ac- 
count,  this  cannot  be  done. 

Tne  coefficient  of  the  airplane's  profile  and  parasitic  drag 


c  a(  .  .1. 

x**r  JV.*i  '  S 


-In* (14.16),  c. 


*o. 


is  the  prefile  drag  coefficient  of  the  wing 


wg.tl  : 

with  the  profile  drag  coefficient  of  the  tal'l  referred  to  it: 


(14.17) 


and  EcxSro  is  the  sum  of  the  products  of  the  frontal-drag  coeffi¬ 
cients  of  the  fuselage,  fu~v.lage  canopy,  and  unretracted  landing 
gear  by  their  midships-sectlon  areas.  Below  ue  shall  indicate 
how  the  drag  of  the  engine  nacelles  is  to  be  taken  into  account 
if  they  are  situated  cn  the  wing. 

In  preparing  to  perform  the  second-approximation  calculation. 

the  designer  must  assign  the  profile  thicknesses,  aspect  ratios, 

sweeps,  and  tapers  of  the  wing  and  tail  and  the  ratio  of  their 

areas.  This  enaoles  him  to  calculate  c  for  M  =  M,  ar.u  H  » 

x0  1-Lm 

wg.tl 

*  11,000  m  and  to  determine  the  quantity  A,  which  characterizes 
induced  drag. 


The  fuselage  midships  area  can  be  estimated  and  L’c^S^  calcu¬ 
lated  on  the  basis  of  the  tactical-technical  specifications  for  the 
airplane  and  the  results  of  the  first-approximation  calculations. 


Knowing  c  and  Ecs  ann  applying  (14.16),  we  ear:  find 

X  A  X  lu 

Wg.tl 

c  for  any  wing-area  value  and  then  compute  the  maximum  L/D: 

0 


According  to  (5*6), 
at  M  ’  Mllm  ls 


the  pressure  pH  at  ceiling  altitude  in  flight 
clg 


^nOT 


dnorPH 

PuKnor 


0 

2kai>iK  m»tP  Qm  1 


(14.  :•  e ) 
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Here  Q  ,  Is  the  weight  of  the  airplane  at  Its  celling  and  3- 

Cig  rclb 

is  the  relative  amount  of  fuel  consumed  during  climbing  and  ac¬ 
celeration; 

jjf  •  _  *»qt  -  j»_  pn  _ pn  r 

"*T  Xaux  ’  2Q«i  2*0,7^uMj>j/jr%S 

Prom  (14. 18',  we  obtain  an  expression  for  the  airplane’s  takeoff 
weight: 

q  —  * 

*  0  *  (14.19) 

We  see  frcm  (14.19)  that  Gfc^0  depends  on  flight  altitude,  Q0, 

K  and  P.  If  the  ceiling  altitude  is  stated  for  the  halfway 
max 

point  of  the  flight  range,  then  the  coefficient  ic  (see  Pig.  14.10) 

should  be  substituted  for  (1  =  3f  ).  The  thrust  of  the  TJE  car. 

xclb 

be  assigned  ir.  terms  of  P  and  Qq-q: 

P,i-P2Qon. 

whence  proceeds  the  following  expression  for  powerplant  weignt: 

•lay =* Kn.jGat  —  K^.Ty^P  1 1 — i . 

Consequently, 

GA.1^\AP:^lft^.SXtyycafi.  (14.20) 

Expression  (14.20)  implies  that  G  is  a  function  of  c  and  do- 

P  •  P  A0 

punas  on  the  v.in>;  5  and  the  value  of  P.  Determining  the  weight  of 
t-hu  powerelant,  we  go  on  to  determine  the  structural  weight  of  the 
airplane . 

As  will  be  pointed  out  below,  we  shall  assign  a  number  of 
wing- a t ■■■'.?  value  in  determining  the  weight  of  the  airplane,  the 
wing  area,  and  TJE  thrust-  Using  the  formulas  given  in  §11-3  or 
others  preferred  by  the  designer,  the  weight  of  the  wing  can  be 
calculated  for  each  wing  area  and  the  weight  of  the  tail  can  also 
be  determined.  The  weight  of  the  fuselage  can  be  determined  from 

'TD-H' 
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the  weights  of  the  loads  carried  in  the  fuselage,  including  fuel 
(see  $11.3),  or  as  a  fraction  of  the  airplane's  takaoff  weight. 
Undercarriage  and  control-system  weights  are  taken  from  statisti¬ 
cal  data  as  a  certain  percentage  of  the  takeoff  weight:  Gg>cfcl  “ 

*  G  .  ,G.  The  relative  weight  of  the  fuel  consumed  in  climbing 
g •  ct  1 

and  accelerating,  3*  ,  is  calculated  by  the  method  of  §6.5: 

xclb 


GT  -G,  ^  KtK,K3. 

The  coefficient  Kj  is  a  function  of  fT,  the  coefficient  K.,  of 

P  /G,  and  X,  of  C'  . 

11  3  sp 

The  relative  weight  of  the  fuel  used  in  bringing  the  airplane 

down  and  landing  it,  3r  ,  is  small  and  can  be  put  at  ore  percent 

*ds 

of  the  airplane's  takeoff  weight. 

If  all  of  the  fuel  (Gf)  is  used  during  the  airplane's  flight., 

the  weight  of  the  fuel  used  in  level  flight,  Gf  ,  will  then  ob- 

*lvl 

viously  be 

G _  must  be  known  to  calculate  the  range  of  "cruising  climb" 

flvl 

flight,  Llyl. 

The  weight  of  all  fuel,  tanks,  and  the  fuel  system  is 

G?,b~  G - (GK  +  G;,. y  +  G„.„)  . 

Since  Gf  -  Kf.3Gf>  we  have 

GT  — — [G  —  (CK  -L-G,.  y -j-G„  „)]. 

At.c 


Taking  this  into  account,  we  get 


Gtro- = IG  - (Gk + G„.y + G,,  .„)]  -  (G rnot + Gt.h)  G . 


(3.4.21) 


In  (14.21), 


G*  -Gxp.on'i'  G<p  ,  G,  np. 


According  to  (6.5),  it  is  necessary  to  know  the  minimum  value  of 
the  ratio  (Cgp/Kq)mln,  in  which 
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C  _ ^r*  ~j> 

w»-  .  •  — * 

to  obtain  the  minimum  per-kl lometer  fuel  consumption.  It  was  shown 

in  §6.3  that  the  minimum  value  of  this  ratio  is  a  function  only  of 

£  *  pir/2^0H  311,3  the  decrease  ln  Cgp  on  reduction  of  fuel  delivery 

to  the  afterburner,  which  is  characterized  by  the  value  of  C,  at 

sp 

P/P‘  *  0.6.  Figure  6.9  shows  (5  as  a  function  of  P.  Ac¬ 

cording  to  (6.17),  the  level-flight  range  for  an  initial  weight 

O'U  -  <5  )  will  be 

clb 


/  _  lfr 

m~~71 


(1*1 .22 ) 


(‘-A.,)0 


Using  (6,1 2)  to  determine 


£n..=2,2  HtK,K, 


Ich'-  2 g  ^  Hau')' 


we  can  find  the  total  technical  flight  range 

L  ~~  Lnon  +  i-rop  +|6  C.ri* 

We  find  from  the  landing-speed  expression  (7*12)  that  if  the 
airplane  lands  with  20!?  of  its  fuel  left, 

_  '2.0,6  ((7  —  0,8?/%) 

C<W‘  0,1 26SV*,, 

It  follows  from  all  of  the  above  that  in  order  to  determine 
G,  S,  and  c  for  the  airplane  and  P,,  for  the  engine  for  given 

yi‘jE  11 

values  of  Mt ,m,  G  l ,  Hclg>  L,  and  v.  ,  it  is  necessary  to  solve 
simultaneously  a  system  of  ten  equations: 


£  xa  —  c  «■._ 


FTD-H  C  -  ?.  3  - !  h  3  -  7 1 


II 


In  this  equation  system,  the  depen¬ 
dence  of  Kclp  on  P  (Eq.  II)  Is  that 
shown  in  Fig^  3-10,  while  Fig.  6.9 
shows  (5sp/Kq)mln  as  a  function  of 
P  (Eq.  VIII).  Equation  (V)  is  deter¬ 
mined  by  the  weight  formula  that  the 
designer  decided  to  use  to  compute 
wing  weight. 


Figure  3 4. 12.  Weight  oj 
airplane  as  a  function 
of  supersonic  range  and 


pn/2Q0n* 


Value  i 


are  assigned  to  M^n, , 
H  ..  .  G_  ,  ,  and  V, 
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/*  23  12  IS  iO  S*  i-f  S  u* 

Figure  14.13.  Weight  of  airplane  and  TJE 
thrust  at  11,000-m  altitude  as  functions 
of  wing  area  and  P  *  pi]/^oif  Values 

are  assigned  to  MUin,  Helg.  Gpl,  and  V1<Jg. 

Since  Qni.  ic  a  function  oi'  S  and  c.  ,  K  is  a  function  of 
Oil  Xq  max 

cx  and  A,  and  are  functions  cf  P,  K]{  and  are  functions 
of  P, ,/G,  and  K.,  is  a  function  of  O'  ,  it  becomes  obvious  that 

J 1  J  sp 

since  there  are  ten  equations  in  the  above  systems,  and  Mlim, 
p  >  V.  ,  and  G  ,  are  assigned  by  the  tactical-technical 

specifications,  eleven  unknown  quantities  remain,  arid  to  wit: 


•  >  ^iiot*  ('n.y'  ^K|).on  ^rn01'  ^tlC 

(-—•-)  ,  C.  .  and  S  . 

'  At  /„.* 


Since  there  are  ten  equations  and  11  unknowns ,  one  of  the  1.  .oner 
must  be  assigned.  As  m  firs t~apnroximat. ion  calculations,  it  is 
recommend-  -j  the1-  a  value  be  usu vgned  to  P ,  since  it  determines  the 
flight  regime,  at  Vie  celling  with  minima1  per-kilometer  fuel 
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consumption  and  enables  us  to  find  tne  wlng-area-maepenaent  quan¬ 
tities  Kclg,  CCgp/Kq)mln  and  the  coefficients  Kj,  V 

The  system  of  equations  (I-X)  is  most  conveniently  solved  as 
follows.  We  assign  three  ~  „ 


values  to  P  in  the  range  from 
0. 8-0.9  to  1.2-1. 3*  We  as¬ 
sign  three  values  of  S  for 
each  P. 


Knowing  P  and  S,  we  find 
in  succession  all  values  ap¬ 
pearing  in  equation  system  (I- 
X)  and  plot  the  airplane’s  take¬ 
off  weight  G  as  a  function  of 
range  L  (Pig.  14.12)  and  also 
curves  of  takeoff  weight 
as  functions  of  wing  area  (see 
Fig.  14.13). 


Figure  14.14.  Weight  of  air¬ 
plane,  c  ,  and  as  func- 
yldg 

tiens.  of  P  for  assigned  Mlim, 
Kolg-  °p.l-  L-  and  Vldg- 


The  tactical-technical 
specifications  stated  a  cer¬ 
tain  range  L.  Thus  the  diagram  of  Fig.  14.12  makes  it  possible 
to  determine  the  aircraft  weight  at  which  the  range  and  ceiling 
requirements  are  satisfied.  Having  determined  the  takeoff  weight 
from  Fig.  I’1. 12,  we  consult  Figs.  14.13  and  14,14  to  find  the 
wing  area  S,  the  thrus:  P-q,  and  cy_^d  " 


In  addition,  takeoff  weight,  TJE  thrust,  and  the  required 

c  are  plotted  against  P  (see  Fig.  14.14)  for  the  given  flight 

yldg 
range . 


The  diagrams  shown  in  Figs.  14.12,  14.13,  and  14.14  not  only 


permit  determination  of  the  unknowns  G,  S,  P-q,  and  cyldg»  but 


also  indicate  the  manner  in  which  they  depend  on  the  required 


supersonic  range  and  the  value  taken  lor  ?.  If  cyldg  is  assigrud 


we  plot  the  takeoff  weight  against  P  for  the  stated  range  and 
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Table  14.2 


Table  14.3 


Quantities 

1 

j  t 

I 

P 

P:- 

h- 

?»=• 

K 

\  1 
i 

PK 

! 

i 

i 

(CytlKn)  mln 

| 

r 

t 

» 

i 

Ki 

1  ! 

f/'r  fr.  Ai/CoATi 

Tno*  Tnon.hrx  X1  *  11 

! 

S(wt  assign  values) 

II  ] 

i  1  <So  i 

i  i  i 

S)  |  Si  j  S3 

6',  S,  S, 

¥ 

! 

i 

!  !  1 

i  ! 

1 

l 

(conti nued  on  next  page) 


*ed  c  (see  yig.  14.14),  determine  P  from  the  available 
yldg  '  . 


,  and  are  therefore  also  able  to  find  G,  S,  and  P^. 


It  is  convenient  to  form  the  calculations  on  tables  similar 
to  Tables  14.2  and  14.3.  ; 


If  the  engines  are  housed  in  engine  nacelles,  their  frontal 
area  will  increase  in  proportion  to  an  increase  in  thrust.  In 
this  case,  the  airplane's  noninduced  frontal  drag  should  be 
broken  up  into  three  couponents :  the  drag  of  the  wihg  and  tail, 
the  drag  of  the  fuselage,  and  the  drag  of  the  engine  nacelles, 
which  is  proportional  to  pir  In  this  case,  the  airplane's  cx 

should  be  calculated  with  the  expression 


_ .  |  '^'jrSa  \ 

p  pr,,*p.osi  '  S  /  ’ 


(14.23) 


where  e  is  a:  coefficient  that  takes  account  of  the  engine-nacelle 
drag  ana  eauals  0.1-0.15;  ?••*•  ^li^^oil’ 


A  number  of  calculations  of  the  G,  S,  P., ,  ,  and  c  of 

x~  yldg 


.supersonic  aircraft  for  which  J*cxcr»  <jd  i>  and  V^jT  were 

assigned  in  accordance  with 'tactical-technical  specifications  in¬ 
dicated  that  in  most  esses  an  increase  ih?  results  in  a  definite 
though  not  particularly  large  decrease  in  the  airplane's  takeoff 
we.  g-ht,  an,  increase  in  the  thrust  ?31,  a  substantial  decrease  in 


.  wing  area 3  and  an.  increase  in  the'  required  ev> 


If  •'•'the  weight  of  a  square  meter*  of  wing '  .is.  not  large,  it  may 
be  found  that  ah  increase  in.  ?  has  almost  no  effect  -on  the  air- 
plane' c.  takeoff  weight.  At  the  same.. time,  an  we  have  noted,  the 
larger  the  value  of  P,  the  smaller  the  wing  S  aha  the  larger  must 


The  weak  dependence  of4  aircraft  weight  on  P  for  a  given  range 
and  ceiling  is  ex-plgitied  by  the  fact  that  an  increase  in.?  results 


in  an  increase'  irs  it  ^  and  G/S'  as  a  result  of  the  small  -  wing  area. 
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O  “r  ; 


A  decrease  in  the  area  of  the  wing  will  reduee  its  weight. 

larger  value  of  P  will  lower  S-,  Mid  (5 _/R _) _j _»  thus  helping 

1clh  r  h 

increase  range,  or,  if  range  is  held  constant*  lowers  the  re** 

qrlred  GP  .  However,  the  increase  in  P  will  increase  Gp  p  and 
lvl 

the  decrease  ir>  wing  S  will  lower  Kmay ,  with  a  resulting  increase 
in  G 


'f 


lvl 


nn  the  whole,  it  may  be  found  that  the  sum  Gf  + 

*lvl  clb 


u  »id,  consequently ,  also  the  aircraft  weight  G  will  change 

wg . 

little  on  a  change  in  P. 

In  such  a  case,  it  might  appear  irrational  to  settle  fov  a 
larger  P,  since  the  wing  high -lift  devices  become  more  compli¬ 


cated  owing  to  the  need  for  a  larger  c 


ldg 


However,  reference 


should  be  made,  as  it  was  above,  to  the  danger  of  making  P  and  P11 
too  small.  At  P  smaller  than  0.8  (see  §5*3)»  the  ceiling  alti¬ 
tude  becomes  highly  sensitive  to  a  decrease  in  thrust,  even  one 
due  to  a  rise  in  stratosphere  temperature ,  or  to  an  Increase  in 
cx  .  The  designer  must  also  provide  a  certain  thrust  margin  in 

all  cases,  and  the  smaller  the  P,  the  smaller  will  this  margin  be¬ 
come,  both  owing  to  the  smaller  Pn  and  as  a  result  of  the  increase 

in  S. 

In  the  final  analysis,  whe n  P  has  little  influence  on  G, 
selection  cf  a  rational  P  and,  consequently,  G,  S',  and  Pu  will 
governed  to  a  greater  degree  by  landing-speed  requirements  and 
the  possibility  of  obtaining  large  values  of  ey  . 

If,  with  increasing  P,  the  airplane's  takeoff  weight  js  lower 
ed  and  the  required  c  can  be  obtained,  the  question  arises  as 

y  1  rjp. 

io  the  -largest  value  of  P  that  should  be  regarded  as  rational.  As 
P  increases,  TJE’s  must  be  throttled  back  farther  in  flight,  at 
(C  /%,)..  ?or  irony  TJF.'s,  however,  the  linearity  of  the  varia  ¬ 
tion  of  C^'with  dec.  ir.g  thrust  is  violated  on  a  more  than  40* 
drop  froi/afterburntu  thrust  (P/P’  <  0.6),  and  when  the  TJE  is 
throttled  back  further,  the  decrease  in  Cgp  first  slows  down  ana 
tnen  stops  altogether.  The  right-hand  limit  of  the  curves  given 
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ft?. 

fig  1C;U|'  .  1 


jjj  'll  "J  1^“'  !■ 

\  in 

*:  •  •  •!*  > 

¥' 


Fig.  6.9  corj  esponds  to  P/P*  «  a .6.  If  Me  take  a  P  larger  than 

that  corresponding  to  the  right-hand  limit  of  the  (E  /K  )  .  » 

i  «•  sp  -q'rain 

'  f:  ^Csp^q^min^  curves,  we  have  no  right  to  extrapolate  the  (S  / 

•  V^sp^Kq^mln  cul"ves  shown  in  Pig.  6.9  without  a  special  check.  It 
Is  quite  possible  that  under  these  conditions,  a  further  increase 
■>  in  P  will  greatly  retard  the  decrease  in  and  that  the 

decrease  in  aircraft  takeoff  weight  with  increasing  P  will  cease. 

It  must  also  be  remembered  that  the  larger  P  for  a  const  amt  ceil¬ 
ing,  the  lower. is  the  altitude  at  which  per-kilometer  fuel  consump¬ 
tion  is  minimal. 


;■  fci, 


Indeed,  according  to  (3-12) 
'V,T  PH. 


PHn 


~=1  2P-1; 


<V, 


*■10 


Ph. 


Ph, 


*Mln 


Figure  1^.15-  Ratio  of  the  pressure  at  the 
flight  altitude  with  q,  ,  to  the  pressure 

at  cel  ling  altitude  as  a  * unction  of  P  = 

*  n7  -  -on 

iivJUj  ng  cha  first  equation  «;y  t  ie  see  end,  we  get 

’uoz  **»> 


Figure  6.10  is  a  plat  of  c,f 


'min 


/c,  against  P.  With  ins 

y  riti* 


( 1  h .  2  h  ) 
eat ing 


P,  the  n»cn  •  rat-v  :  ( 14. ?4  )  .increases 


PTD-HC.  -i  ;•  .  7 1 


jf-0 


much  more  rapi»uy  than  the 


denominator,  Thus,  if  P  *  1  and  Ci  «  C.i£  at  P/P’  *  0.6,  we 

h  -  •  '  '  r-  ®P  - 

have  pH  /Ph  *  1.3,  and  at  P  »  1.3,  this  ratio  becomes  equal 
••  q  .  clg  c 

nin 

to  1.6.  For  a  given  ceiling  altitude,  therefore,  the  cruising 
altitude  will  be  about  1,300  m  lower  at  P  »  1.3  than  at  P  *  1. 
Figure  14.15  shows  p„  /p„  as  a  function  of  P  for  equal  de- 

\jn 

grees  of  Cgp  decrease  with  decreasing  P/P’. 

We  noted  that  the  larger  P,  the  smaller  is  the  airplane’s  wing 

area  and  the  larger  caist  c  become  for  V,  .  *  const.  A  decrease 

yldg  iag 

in  area  is  highly  favorable  for  zero-altitude  flight  at  sonic  and 
transonic  speeds  (see  Si1!. 4),  since  per-kilometer  fuel  consumption 
is  much  lower  for  smaller  wing  S  under  such  conditions.  Thus,  if 
the  airplane  must  deliver  high  performance  near  the  ground,  the 
preference  settles  on  larger  values  of  Q/S  as  well,  with  good 
takeoff  and  landing  characteristics  obtained  by  use  of  wing  high- 
lift  devices. 

If  the  ceiling  of  the  airplane  is  not  stated,  but  only  the 
altitude  at  which  cruising  supersonic  flight  is  to  begin,  the 
calculating  sequence  set  forth  in  Tables  14.1  and  14.2  is  retained, 
but  it  is  necessary  to  assign  several  values  to  P  and  to  use  ex¬ 
pression  (14.24)  or  Fig.  14.15  to  calculate  the  pressure  in  the 
atmosphere  at  the  ceiling  for  each  of  them.  In  this  case,  an  in¬ 
crease  in  P  will  be  accompanied  by  a  rise  of  the  ceiling,  and  we 
should  expect  the  takeoff  weight  of  the  airplane  to  increase  or 
remain  constant  instead  of  decreasing  with  increasing  P. 

If  the  ceiling  altitude  is  stated  for  the  conditions  at  the 

target  rather  than  under  cruising-fllght  conditions,  (1  -  3t,  ) 

"olb 

should  be  replaced  by  the  coefficient  <(see  Fig.  14.10)  in  Eq. 
(III). 

It  must  be  remembe* in  calculating  the  climb  and  descent 

distances  that  as  a  result  of  the  cruising  climb,  the  H  in 

efinp 

In  the  glide  is  about  2-3  km  higher  than  the  .1 

efin1 


at  the 


beginning  ,-f  cruising  flig-ht. 

In  certain  cases,  the  designer  determines  c  by  the  act 

yldg 

cf  selecting  the  airplane’s  layout.  In  such  cases,  there  are  ten 
rather  than  11  unknowns  in  the  system  of  ten  equations  giver,  above. 

For  given  V,.  and  c  ,  the 

?v-i - -  — - J - - - j -  Aag  yldg 

1  |  ;  I  procedure  for  solving  the  above 

.  7ju  >  -  1. |  j 

X  1  equation  system  must  be  modified 

t2t  1  i  ir\  I  as  follows. 


I  ;  y 

p  7' 

o.s  i — / - ; — 


C.  1 

•V  -W  0,3 

i,')  :.t 

Figur--'  1 .  1  C  . 

FK  as  , 

tion  P. 

the  wing  area 

£! ,  we 

We  denote  the  ratio  G.  .  /G 

Idg 

by  G,  ,  .  It  follows  from  Eq. 
ldg 

(X)  that  the  lead  per  square 
meter  of  wing  can  be  found  for 
the  given  vjdg  and  cy  ^  : 

o  __  n-'^i/„oyLc 
5  io.rh.,,,. 


In  this  formula,  C-^d  is  de¬ 
termined  from  the  f  Irst  -  approx.', na¬ 
tion  calculation. 

A s  i  gi ; i. ng  s e ver al  va  1  ue  s  t o 
?ies  of  air ’"aft  takeoff  weights 


c  -  gi/s. 


In  o’.v  .Li  i .  q  d,  we  use  Eq  .  (ill)  to  find  ?K .  Since  Gf  deuen-ts 

C  .U  !.'■ 

-•  \  tr.  value  is  still  unknown,  wo  oerfomi  the  oau culat.icr- 
•  ;  two  av-proximati ons .  In  the  first  aroruximation ,  we  as- 
gn  -i  value  to  f  and  use  It  to  find  Gf  .  Having  computed  PK 


f!<->  r 


•esi ’  i’  by  consulting  the  curve  of 


shown  n 


•  \f .  '-avlrxg  found  P,  we  calculate  0f  again  and  perfr  rt  *'• 

_ 1  clb 

seco’i  j-c  >uroxi:-»alior.  calculation  of  PK . 


/•‘re  area,  we  can  find  Qn  =  i .  ,  .Mi, ..  S,  for 


! 


each  S  and,  knowing  Pf  we  can  determine  P 


11 


2%11^* 


The  rest  of  the  calculation  Is  as  described  above,  in  the 
following  procedure.  Equation  (IX)  is  used  to  calculate  the  mnge 
for  each  wing  area.  Range  is  plotted  against  wing  area  and  the 
plot  used  to  determine  the  wing  area  at  which  the  required  range 
Is  obtained.  Certain  values  of  G,  P,  and  P^  will  correspond  to 
the  wing  area  obtained.  In  the  calculating  process  we  can,  without 

completing  it,  improve  G, after  obtaining  the  value  of  , 

log  ilvl 


b. 


assuming  that  G 
proportional  to  § 


y,  -  G  -  0.8Gf.  Obviously,  G  will  be  inversely 


If  M 


for  each  wing  area  S. 

lira*  “p  l*  Vldg*  Cy  *  the  suP3rsonic  range  l  are 


ldg 


stated  for  a  supersonic  airplane  but  there  are  no  ceiling  or  or  liv¬ 
ing-altitude  requirements,  the  parameters  of  the  airplane  may  -'li¬ 
ter  from  those  obtained  for  the  above  version  of  the  requirement.?. 

Equation  (III)  cannot  be  used  in  this  case.  Solving  the  prob¬ 
lem  as  before,  we  assign  three  values  to  P,  with  the  smallest 
equal  to  0.7.  We  assign  three  values  of  S  for  each  F.  Knowing 


Vldg  and  cy 


,  we  find  G.  We  calculate  c  and  Qn  and  fir.  ■  1‘ 
ldg  X0 

for  each  S.  We  then  use  the  method  described  above  tc  compute  tne 

distance  L  and  obtain  the  weight  G  of  the  airplane  as  a  function 

of  range.  We  also  plot  curves  of  3  and  P1;]  against  S.  be  t  er 

determine  0  for  the  required  range  and  use  the  G  to  find  the  un¬ 


knowns  S  and  P 


11’ 


Having  obtained  the  results  of  this  calculation 
for  each  P,  we  plot  G  against  F.  The  smallest  value  of  G  cr.acle; 
us  to  find  a  certain  ?  and  hence  the  S  and  Pi;L  that  correspond  ic 
it. 


The  calculations  show  that  a  decrease  in  ceiling  altitude, 
which  is  accompanied  by  a  decrease  in  P,  lowers  takeoff  we  ignt 
for  a  given  range,  but  that  at  3mall  F  a  further  decrease  r,; . «.;t 
in  a  sharp  increase  of  ( i..p/Kq)min  (see  Pig.  6.9),  and  a  furl-, 
decrease  in  ceiling  altitude  is  not  advantageous. 


Table  14.4  (Cont'd.) 


^  r.C  _  •*' ' Hi' ~ 


P-». +«•»)« 


(!“C'n«i>3 


3f6,2,t3MIIpfi 


Cy>(C, >!«')„, a 


3.C-2.3AVP  e,K 


(1-0, „JO 


; concluded; 


In  r^ny  cases,  not  only  M^m,  ^clg*  '^p.l1  311  ^  b 
also  th-  thrust  Pn  may  be  assigned  for  a  supersonic  airplane 
In  this  case,  10  unknowns  remain  in  the  system  of  10  equation 
given  above. 

When  the  thrust  ?u  is  stipulated,  the  equation  system  I 
solved  by  the  following  procedure. 
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■■  .1  ..  .is. 


three  valtfcs  to  S  and  find  cx  ,  Qq,  and  Kmax  for 

Fbt*  each  S,  «•  determine  F  *' Then*  using  Eq.  , 
$0£).r_  _iitfr  compute  the  weight  of  the  airplane  and  the  remaining 
quantities  tK*t  appear  in  equation  system  (I-X).  Finding  the 
J^tnge  £  for  each  3,  we  determine  graphically  the  S  at  which  the 
range  requirement  is  satisfied  tod  the  associated  values  of  P  and 


Ohr 


should* be  the  calculating  procedure  given  in 


table  1*. 4  rather  than  that  given  in  Tables  14.1  and  14.2. 

The  method  set  forth  above  for  computing  the  optimum  wing 


area  tod  engine  thrust  for  the  Supersonic  airplane  can  also  be 
Used  to  select  rational  values  for  the  wing  profile  thickness. 


which  codetermines  c. 


tod,  consequently,  also  Q011  and  K 


max 


wg.tl 

on  the  one  hand  and  the  structural  weight  of  the  wing  on  the  other. 

In  reducing  the  profile  thickness,  we  also  reduce  the  wave 

drag  of  the  wing,  increase  Knax  and  lower  Qq^  and,  consequently, 

also  lower  for  given  P  and  S.  The  decrease  reduces  the 

weight  of  the  powerplant,  while  the  increase  in  Kmax  lowers  the 

value  of  G-  for  a  given  L,  , .  The  wing  profile  thickness  with 
rlvl  AVi 

which  the  increase  in  wing  weight  is  accompanied  by  an  equal  de¬ 
crease  In  powerplant  tod  fuel  weight  will  obviously  be  the  opti¬ 
mum. 

Reducing  the  wing  profile  thickness  of  a  supersonic  airplane 
to  an  average  of  3-5J*  lowers  the  takeoff  weight  of  the  airplane. 

The  transition  to  thinner  profiles  may  give  rise  to  a  number  cf 
structural  difficulties,  especially  for  aircraft  with  aspect, 
ratios  larger  than  two.  In  specifying  the  wing  profile  thickness, 
account  must  also  be  taken  of  the  possibility  of  using  its  volume 
for  retraction  of  wheels  and  accommodation  of  tanks.  It  must  be 
remembered  that  heavy  airplanes  with  large-area  wings  permi .  the 
use  of  thinner  profiles.  The  wing  will  be  thicker  at  a  given  pro¬ 
file  thickness  ratio  the  smaller  the  aspect  ratio  of  the  wing. 
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Establishing  the  optimum  values  of  0,  Pu,  S,  and  cy^  with 

the  MljLm,  Hclg,  L,  (3p  £,  and  Vld^  seated  by  tactical-technical 
requirements  and  the  values  adopted  for  Swg>  ^Wg*  K  manually 
by  the  above  method  requires  no  more  than  one  working  day.  If  It 
is  also  proposed  to  vary  c»  X  and  k,  the  number  Of  variants  of 
the  calculation  increases  to  the  degree  that  it  becomes  quite 
rational  to  use  a  high-speed  computer  to  solve  the  above  equation 
system.  In  it,  R,  PR,  . (C,  /Kq and  K1  are  functions  of  F, 
whose  value  we  assign.  The  dependence  of  these  quantities  on  P 
should  be  stored  in  the  machine. 

§14.6.  DETERMINATION  OP  TAKEOFF  WEIGHT,  WING  AREA,  AND  ENGINE 
THRUST  FOR  A  TRAN SON AIRPLANE 

Transonic  aircraft,  which  have  top  Mach  numbers  just  below 
unity,  are  still  in  use  and  production. 

In  most  cases,  the  top-speed  requirement  is  not  the  basic 
one  for  a  transonic  airplane. 

The  basic  requirements  for  cargo  and  passenger  transport  air- 
craft  of  this  type  pertain  to  the  loads  that  the  airplanes  must 
haul,  their  weights  and  volumes,  flight-range  aru  cruising  speed 
for  maximum  range,  and,  finally,  takeoff  and  landing  characteris¬ 
tics. 

The  requirement  as  to  the  cruising  altitude  is  less  important 
On  the  basis  of  the  considerations  set  forth  above,  we  shall  con¬ 
sider  a  method  of  determining  the  weight  of  the  airplane,  the 
area  of  its  wings,  and  the  thrust  of  its  turbojet  engines  for 
stated  cruising  Mach  numbers,  payload  weights  and  dimensions,  in¬ 
cluding  equipment  and  armament,  flight  range,  and  takeoff  and 
landing  di a fc&nc cs 

Landing  speed  Is  determined  on  the  basis  of  the  landing-dis¬ 
tance  requirements.  Tics,  we  must  calculate  the  weight  cf  the 
airplane,  its  wing  area,  and  its  engine  thrust  for  given  Mcruise  > 
payload  weight  Gpa,  range  L,  landing  speed  Vldg,  and  takeoff 

distance . 


EL 


>9  a  a  »  sa  x* 

Figure  14.17.  M*r  of  airplane 

Wing  as  a  function  of  sweep 
angle  and  wing  profile  thick¬ 
ness  ratio  at  the  fuselage. 


Ve  shall  first  discuss  the 
requirements  as  to  cruising 
speeds;  it  is  desirable  that  per- 
kilometer  fuel  consumption  be 
lowest  at  this  speed.  It  was 
shown  above,  in  §6.2,  that  the 
minimum  per-kilometer  fuel  con¬ 
sumption  of  a  transonic  airplane 

is  obtained  in  flight  at  , 

cr 

i.e.,  at  the  Maoh  number  at  which 
c  begins  to  increase  owing  to 


the  appearance  of  wave  drag.  As 
we  noted  earlier  (see  §5.1),  the 
Use  of  thinner  M-stable  wing  profiles  and  sweeping  the  wing  in¬ 
crease  However,  Increasing  the  sweep  beyond  35°  increases 

M*r  only  slightly.  For  this  reason,  sweeps  greater  than  35°  are 
not  us 3d  on  modern  series-produced  transonic  aircraft.  With  wing 
root  profile  thicknesses  of  11-131  and  1/4-chord  wing  sweep  angles 
of  32°-35°,  transonic  aircraft  have  M«r  «  0.82-0.85.  With  the 
same  wing  root  profi’e  thickness  and  a  sweep  angle  of  20°-24°, 

M*r  *  0.74-0.78  (Fig.  14.17).  It  follows  from  the  above  that  If 
Mcruise  is  3Peclfied  for  the  airplane,  the  sweep  of  the  wing  and 

its  profile  thickness  are  also  in  effect  stated,  since  M  .  » 

*  cruise 

*  m£t.* 

cr 

As  we  noted  above  (see  §14.2),  the  ^  requirement  also 
determines  powerplant  type. 


As  when  0,  S,  and  P-^  are  computed  for  a  supersonic  airplane, 
it  is  recommended  that  the  problem  be  solved  for  the  transonic 
airplane  beginning  with  a  first-approximation  calculation ,  follow¬ 
ed  by  a  second  approximation.  In  the  first-approximation  calcula¬ 
tion,  it  is  necessary  to  assign  a  value  to  the  airplane's  maximum 
lift/drag  ratio  and  its  relative  structural  weight.  As  concerns 
flight  altitude,  the  cruising  altitude,  at  which  qmin  [sic],  lies 
in  the  range  from  9,500  to  10,500  m  for  modern  TJE-equtpped 
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aircraft.  Since  Che  specific  fuel  consumption  C*  decreases  with 

.  v  •  j.';-  j  >«*(  SP 

Increasing  altitude  (up  to  11,000  m),  it  is  advantageous  to  raise 
the  cruising  altitude  from  the  standpoint  of  per-kllometer  con- 
-a  inapt  ion.  However,^  the  higher  the  cruising  altitude,  the  greater 
must  he  the  thrust  of  the  TJE's,  and  the  heavier  they  become.  The 
increase  in  TJE  weight  means  a  smaller  fuel  load  and  hence  a 
shorter  range,- 

Foreign  fan jet-equipped  aircraft  have  cruising  altitudes 
slightly  lower  than  those  of  TJE  aircraft. 

When  he  proceeds  to  the  engine-thrust  calculations,  the 

designer  must  select  a  family  of  engines  whose  characteristics 

are  to  be  used  in  determining  the  ratio  of  maximum  engine  thrust 

at  cruising  altitude  and  M  =  Mcrui3e  zero-altitude 

thrust  Pu  /P„  =  the  weight  of  engine  per  kilogram-force 

"cruise  0 

thrust  at  the  ground  at  V  =  0,  and  the  specific  fuel  consumption 

at  the  cruising  altitude  and  Mcruise>  which  is  equal  to  0.95-0.97 

of  the  fuel  consumption  at  full  power,  Hcrulsc .  r.nd  McruiSe* 

It  is  then  necessary  to  assign  a  value  to  the  ratio  of  powerplant 

weight  to  engine  weight  *  G_  _/G  and  the  ratio  of  fuel  and 

p  •  p  p  •  p  en 

fuel-system  weight  to  fuel  weight,  Kf>£,  ■  GfiS/Gf  Proceeding 
from  the  requirements  for  the  airplane  or  from  statistical  data, 
we  arrive  at  a  value  of  5^  and  the  ratio  of  the  airplane's  land¬ 
ing  and  takeoff  weights,  Gjdg/G*  Landing  speed  should  be  deter¬ 
mined  from  the  stated  landing  distance  (see  §7.2).  The  proposed 
wing  high-lift  devices  should  be  used  as  a  basis  for  determining 

c  and  c.  and  estimation  of  the  reduced  friction  coefficient 
yldg  yl/o 

fred  during  the  airplane's  landing  roll  (see  §7.2). 

The  summary  formulation  of  thv  problem  is  as  follows.  The 
specifications  for  the  airplane  state:  payload  weight  Gp<1>  cruis¬ 
ing  Mach  number  M  .  ,  range,  and  takeoff  ar.d  landing  distances 

(Vld  ).  It  is  necessary  to  determine  the  weight  of  the  airplane, 
its  wing  area,  and  its  engine  thrust  in  first  approximation. 
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Sltei 


*o  Sflve  the  proble}*,,  m  assign  values  to  the  maximum  lift/ 


ratio  the  relative  structural  weight  3S  of  the  air- 

Sjjpiwj  °ldg/d  *  *Mg*  ^  Cyldg*  cy1/o*  11,14  fwd*  Selecting  our 
ipp^lly  of  engines  ,  we  determine  the- ratio  of  the  full'-power  thrust 
^cruise  531(3  ^cruise  to  the  zero-altitude  thrust  at  V  *  0, 


H, 


Oft  G**y  m 

~K'  k^-qZT'  ic 


Ot 


and  Cgp,  which  is  equal  to  0.95-0*97  of  the  C*  at  Hcruige  and 
^cruise* 

-  We  devise  a  system  of  equations  whose  solution  will  give  the 
unknowns  G,  S,  and  PQ  for  the  airplane.  On  the  basis  of  Eq,  (7.12) 
for  the  landing  speed,  we  find  that 

„  l60,9O„nCO 


'y.o<vlo' 


(lh . 25) 


Prom  (7-5),  assuming  that  Pay  *  0.95PQ,  we  obtain  for  the  takeoff 
run 

r„  j_  (  v~ 


G  0.95  \  9gLf,s 


+  /np)  > 


v*  =_*L 

nTp  QScu 


OTp 


(14.26) 

(14.27) 


Substituting  the  value  of  G/S  from  (14.25)  into  (14.27),  we  find 
that 


V2  = 

OTp 


r  5/2 

C<,nOCV  hoc 


0,90  , e , 

'  30C  'OTp 


Substituting  the  expression  obtained  for  V^yQ  into  (14.26),  we 
find  that 


p G  f 

0  0,95  [oWgc^G^, 


/, 


np 


(14.28) 


Since  G  *  K  vanPf,,  we  have 
p.p  p.p’en  0’ 
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It  is  permits 

fcion  that  in  eruising-altitude  flight  at 


nearly  equal  to  the  cruising  and  K  *  0.86^ 


max 


Then 


gine  must  be  throttled  back  to  deliver  a  thrust  Pcrulse  a 

ud« 

<P, 


*  G/0.86K  at  the  cruising  altitude.  We  denote  the  degree  of 

max  ■-  .  *•  •  ..  . 

back-throttling  of  the  TJE  by  xi:  (P  „  1sA/Pu  *  «*)•  Since 

$  ciuise  ncruise  3 


'^peltc  ,,, 

and  P,, 


P*  peRf 


VptBe 


O'&'KnnH 


(14.30) 


we  have  /V 


Equating  expressions  (14.28)  and  (14.30)  for 


Q.8W<n*!t*ax3 

PQ  to  one  another,  we  find  that  the  back-throttling  for  the 
thrust  required  to  obtain  the  specified  takeoff  distance  will  be 

0,95 

(14.31) 


0.8''A'm#,»S  {  ~ 


V3 

v  noc 


2^019GnwiP,^;OTp 


+  /«p 


If  the  calculation  of  gives  a  va'ue  larger  than  0.80-0.85,  this 
will  mean  that  with  the  thrust  chosen  on  the  basis  of  takeoff- 
run  conditions,  the  airplane  will  have  too  small  a  thrust  margin 
under  cruising- flight  conditions,  and  Its  ceiling  will  be  unac¬ 
ceptably  close  to  the  cruising  altitude.  In  this  case,  the  values 
of  PQ  in  (14.28)  and  Hp>p  in  (14.29)  must  be  increased  by  the 
factor  by  which  the  coefficient  k ^  obtained  from  (14.31)  exceeds 


i 

i  . 


i 


t 


0.8-0.85. 


If  k  is  found  to  be  smaller  than  0.5-0. 6,  specific  fuel 
consumption  may  increase  when  the  TJE  is  throttled  so  far  bad  m 
cruising  flight.  It  is  recommended  that  the  cruising  altitude 
be  raised  in  order  to  Increase 

For  transonic  aircraft,  it  is  recommended  that  the  relative, 
fuel  consumption  in  climbing  to  cruising  altitude  and  accelerating 


I 


!j-*£S£V?i&  jg’sr-^v 


.-  *  ■'-'■■'•  *  '  ■*  ■  H ■  ■  .T*a 


IWWSMwwa^^ 


to  ^cruise  he  determined  In  the  first-approximation  calculation 
f'rc.4  expression  (6.10),  which  did  not  take  account  of  the  fuel 
consumed  to  overcome  frontal  drag: 


G  KmtCytC9H,*o« 

W  ISOOaM,^  * 


(14.32) 


where 


:^-+V'  -0,8, 


After  a  transformation  similar  to  that  made  in  deriving  (14.6),  we 


have 


5,  l- 


.  *.6-0.8 


* 

1  *"\M  ' 

"\peltc 


(14.33) 


where  L.  *  H  K  .In  (l1).  33),  L  -  L ,  equals  the  sum  of 
as  efin  maxav  ds 

the  distance  flown  in  "cruising  climb"  and  the  distance  covered 

in  climbing.  We  disregard  the  fuel  consumed  during  the  descent. 

Having  determined  G  ,  D„  ,  and  3-  ,  we  find  that 

p,p  clb  *lvl 


\0„  ■(-  0,.v  -  A'r.c  (0TltM  4-  d,>op)| 


<  1  it .  3  ) 


Equations  (14.25),  (14.28),  (14.29),  (14.32),  (14.33),  and  (14.34;, 
form  a  system  of  six  equations,  which  are  written  out  below  in  the 
order  in  which  they  should  be  solved: 


g  -ii lltL  f - ^ 

4-7  0.»  V  1,8 go, 


~n-^—+/np) 
,f'iioc£p.i‘V0,p  j 


0.8Cv,  tf,  „ 

■  cp  »*0« 

r"°*  iP00aM,p,fi7" 


»- 


(l~^)C  y. 


;  -  Id,  4-  0,y  4-  K,*  -  Ot^)} 
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tefekSiaiS-Me-iia 


V 


is-c 

^1»f  e*i;«e 


„  Clf  ^*MC*Snc  I  /  •  | 

/>  —  — - - - r  /»*  }  • 

O.ft'  \  I.Rur'wipjjfir.,'  ) 


VI 


The  six  unknowns  in  the  above 

G^*  9  G«  . ,  Lt ,  S,  and  i~. 

1  clb  rlvl 


system  of  equations  (I-VI)  are  G 
_  P*P 

The  remaining  quantities  are  either 


» 


defined  by  the  specifications  for  the  airplane  or  to  be  assigned. 

If  the  engine  has  been  selected  prior  to  determination  of  the 

airplane's  G  and  S,  and  Pq  has  been  assigned  by  the  same  token, 

Eq.  (I)  in  the  system  (I-VI)  assumes  the  form  u  *  y  K  P^  , 

p.p  'en  p.p  0* 

and  Eq.  (VI)  is  discarded.  Solving  the  equation  system  (I-V)  in 

sequence,  we  obtain  the  values  of  G  and  S;  we  then  use  (7.5)  to 

calculate  the  airplane's  takeoff  distance.  If  it  is  longer  than 

that  required,  it  will  be  necessary  either  to  increase  P  or  to 

increase  the  maximum  lift/drag  ratio,  or  to  increase  c  and 

yldg 

c  .  Given  the  thrust,  it  is  also  necessary  to  check  the  amount 
yl/o 

of  back-throttling  that  will  be  required  at  cruising  speed,  at 
which  the  frontal  drag  is 


Q,_l'-5r.I±  „  Q' 

0,fiGAm„  p  rjPo 

n*f tie 

Having  made  the  first-approximation  determinations , of  weight, 
wing  area,  and  P0  for  the  airplane,  we  can,  assigning  the  wing 
aspect  ratio  and  taper  and  calculating  the  fuselage  dimensions 
on  the  basis  of  the  load  requirements,  arrive  at  the  first  rough 
layout  of  the  airplane  and  thus  obtain  starting  data  for  calcula¬ 
tion  of  c  ,  the  c  and  S  of  the  fuselage  and  engine  na- 

A  A  A  HI 

uwg. tl 

celles,  and  the  relative  weights  of  the  wings,  tail,  and  fuse 3 age. 

The  first-apcroxlm  /.ion  calculation  should  also  be  used  to 
check  whether  fuel  can  be  accommodated  in  the  wing  space,  since 
not  even  part  of  the  fuel  can  be  accommodated  in  the  fuselages 
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of  many  aircraft  (cargoand  passenger  types). 

The  second-approximation. calculation  of  the  G,  3,  and  PQ  of 
a  transonic  airplane  will  differ,  from  the  first  approximation  in 
the  following  respects:  1) -instead  of  assigning  v  alues- to  the  maxi¬ 
mum  lift/drag  ratio,  we  shall  calculate  it.  It  will  depend  on 

r  ■  ...  ’’  V 

Wing  area  and  aspect  ratio; 

'-w..  ""'V.  , 

2)  the  structural  weight  of  the  airplane  will  be  determined 
by  the  weight  formulas  and  will  be  a  function  of  the  wing’s  area 
and  aspect  ratio; 

3)  the  ratio  of  the  cruising-speed  L/D  to  the  maximum  L/D 
will  be  obtained  by  calculation  instead  of  setting  it  equal  to 


0 . 86K, 


max 


The  dependence  of  the  airplane’s  c 


on  wing  area  can  be 


taken  into  account  with  the  expression 

5 


wg.tl 


(14.35) 


where  EcS  is  the  sum  of  the  products  of  c  by  the  fuselage  and 

III  A 


engine-nacelle  m’.dships-section  areas. 
For  a  transonic  airplane. 


—  V  xX,<JiCx,  .  Kn 


IT* 


For  assigned  V^g,  cy  ,  and  *  G^dg/G,  the  weight  of  the 

airplane  is  J  ldg 


16  *0,9C?noc 


(14.36) 


At  the  beginning  of  cruising  flight,  the  airplane  weighs 


G.'/kupfSc 


CyS. 


We  introduce  the  nomenclature 
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i&t"'-*  rrriWr  rific  Piir 


f'y’ywwuii, 


and  then  find  that 


<5  __  o«*'vBti>t  -  ( 
—  2 


,« c,  (nK*c*,Y‘'S. 


Equating  this  expression  for  G  to  expression  (14.36),  we  find  that 


r  noc 


‘V. 


0,96nriVtV; 


Vi 


Kpeftc  V 


(14.37) 


Previously  we  obtained 


(14.38) 


We  determine  the  cruising  lift/drag  ratio  from  (14.37)  and  (14.38). 

As  in  the  first-approximation  calculation,  the  relative 
weight  of  the  pcwerplant  and  the  engine  thrust  are  determined 
with  expressions  (14.29)  and  (14.30).  The  relative  weight  of  the 
fuel  consumed  in  climbing  is  calculated  from  (14.32).  The  rela¬ 
tive  structural  weight  G  of  the  airplane  is  found  with  the  for¬ 
mulas  given  in  §11.2. 

Knowing  (I  ,,  G  .  G  ,  and  G_  ,  we  find  the  weight  of  the 
P-1  -  P-P  1db 

fuel  consumed  in  leveo.  flight  and  in  overcoming  frontal  drag  dur¬ 
ing  climbing  and  acceleration  from  the  expression 


^Tr.,|,  I  1  M  ' '^K'1  ('i.y  • 


(14.39) 


The  airplane's  range 

2,3-3  ! 


2-Cvr  H 


+h3  a'  , 

'KitH  ItOX 


rop 


(14.40) 


where 
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There  are  11  unknowns  in  the  above  equation  system,  namely:  c  , 

0 

c  ,  R,  G,  G  .  G-  ,  ,  G  ,  P  .  S,  and  1.  We  can  therefore 

y  P-P  rivi  *clb 

assign  one  unknown.  We  shall  take  the  wing  aspect  ratio  X  as  this 
unknown . 

We  shall  solve  the  equation  system  by  assigning  several  wing 
areas  S  and  determine  the  range  L  for  each  S.  Plotting  L,  G,  and 
PQ  as  functions  of  S,  we  find  the  S,  G,  and  P0  for  -he  required 
range.  By  solving  the  problem  for  several  wing  aspect  ratios  and 
plotting  the  airplane’s  weight  as  a  function  of  X,  we  find  the 
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optimum  wing  aspect  ratio.  ' 

The  equation  system  given  above  enables  us  to  vary  the  wing 

profile  thickness  and  sweep  angle.  This  will  result  in  changes 

not  only  in  G.  and  K„  .  but  also  in  M*  .and,  consequently, 
s  max  cr 

^cruise*  However,  as  we  noted  above,  both  the  sweep  angles  and 
profile  thicknesses  of  transonic  aircraft  in  service  vary  in 
narrow  ranges,  and  they  can  be  selected  quite  reliably  bn  the 
basis  of  statistics. 

As  in  the  first  approximation,  expression  (14.31)  should  be 
used  to  check  for  the  amount  of  back-throttling  of  the  engine  in 
flight  at  cruising  speed. 


Since  the  back-throttling  in  high-altitude  flight  at 


se 

has  little  influence  on  ,  the  aspect  ratio  will  approach 

closer  to  K  and  per-kilometer  fuel  consumption  will  dec rears 
ma:: 

as  c  =  c  /c  moves  closer  to  unity. 
y  y  yopt 

By  increasing  the  cruising  altitude,  we  increase  c  [see  ex- 

«y 

p^ession  (14.37)],  and  thereby  increase  the  lift/drag  ratio.  In¬ 
creasing  the  cruising  altitude  to  11,000  meters  lowers  the  value 

of  C*  and  thereby  lov;ers  per-kilometer  fuel  consumption.  How- 
s  p 

ever,  an  increase  in  cruising  altitude  with  no  change  in  the 
selected  PQ  will  reduce  the  amount  of  back- throttling  of  the  TJ2 
(increase  <^).  Hence  the  optimum  cruising  altitude  analysis  must 
be  performed  with  simultaneous  use  of  (14.37)  and  (14.31).  On  a 
certain  increase  in  cruising  altitude,  may  prove  to  be  larger 
than  0.80-0.85.  In  this  case,  the  thrust  of  the  TJE  will  be  de¬ 
termined  not  by  the  takeoff -distance  requirement,  tut  by  the 
necessary  compensation  of  frontal  drag  in  cruising-altitude  fllgh 
at  M 


cruise  * 


A  further  increase  in  Hcrui<,e  will  cause  an  increase 

Thl 


in  Pq  and,  consequently,  in  Gpn  as  well;  this  will  lower  G^. 
must  be  taken  into  account. 

It  must  be  recognized  that  the  airplane's  ceiling  will  be 

raised  by  increasing  wing  aspect  ratio.  At  a  given  cruising  alti 

tude,  therefore,  the  large-  y,  the  smaller  will  be  c  -  0/0 

J  J  J opt 
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in  flight  at  M  »  M 


q, 


min 


This  will  reduce  R 


the  airplane's  range.  In  arriving  at  the  optimum  wing  aspect  ratio 
therefore,  the  cruising  altitude  should  be  raised  when  X  is  in¬ 
creased.  Since  c„  is  directly  proportional  to  X*^2,  the  pres- 


'opt 


sure  at  the  cruising  alcitude  must  be  inversely  proportional  to 

X1/2.  Then  an  Increase  in  X  with  M  *  const  will  not  influ- 

qmin 

(14. 37) • 


and  shorten 

max 


ence  c. 


Since  the  aircraft  weight  and  engine  thrust  do 


not  appear  in  (14.37)  and  (14.31),  the  correctness  of  the  cruising- 
altitude  determination  can  be  checked  even  before  the  final  cal¬ 
culation  of  the  airplane's  G,  S,  and  Pn. 


For  a  transport  airplane,  the  range  may  be  stated  for  a  con¬ 
stant  altitude  rather  than  for  "cruising  climb."  In  this  case, 
the  range  computed  by  (IX)  will  be  somewhat  on  the  long  side. 


Flight  range  is  directly  proportional  to  K/C 


sp 


The  fraction  in 


(IX)  was  calculated  for  the  beginning  of  cruising  flight.  At  con 


stant  altitude  and  speed,  c  and,  consequently,  also  c  will  have 

y  j 


changed  in  proportion  to  the  change  in  weight  at  the  end  of  cruis¬ 
ing  flight.  The  R  at  the  end  of  the  flight  is  easily  computed 


from  (14.38).  Knowing  R,  we  find  K  =  Rk  „  .  We  then  determine 

max 


the  change  in  the  back-throttling  of  the  TJF  at  tne  end  of  flight. 
If  C  is  known  as  a  function  of  back-throttling,  its  value  at 

3p 

the  end  of  the  flight  is  easily  calculated  for  determination  of 

Taking  the 


the  change  in  the  ratio  C  / K  during  the  flight. 

sp 


average  Cgp/K  and  comparing  it  with  the  C^p/K  for  the  beginning 


of  the  flight,  we  determine  the  factor  by  which  the  constant-alti¬ 
tude  flight  range  is  smaller  than  the  "cruising-climt"  range. 

§14.7.  CONCLUSION 


One  of  the  results  of  preliminary  design  is  the  acquisition 
of  initial  data  for  further  design  work  on  the  parts  of  the  air¬ 
frame  and  its  subassemblies. 


In  the  design  work  on  the  parts  of  the  airplane  and  the  com¬ 
ponents  and  subassemblies  of  the  airframe  in  accordance  with  the 
stated  requirements,  it  is  necessary  to  make  use  of  fhe  appropriate 
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Basic  w 


princip:  e 


Selection  f~ 
of  layout!  * 


[Variants 

I  First -order 

2  HH  parti cular 


solutions 


Subassemblies 


n  2M3 


.Variants 
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Second 


imiiwnmii 

Variants 


A'lH'i 


mgmggm 


i  •  1 


jjj  Third 


Variants  of  component: 


n-th 


Figure  14.18.  Diagram  of  designing  proc¬ 
ess  . 


leneral  criterion  and  to  examine  several  variants. 


It  is  necessary  to  use  a  system  that  reduces  the  number  of ( 
ariants  analyzed.  To  achieve  this,  engineering  design  must  also 
e  carried  out  by  the  method  of  successive  approximation;,  pre¬ 
ceding  from  the  general  to  the  particular  and  doing  tc  'n  coorm 
Lated  fashion,  i.e..  with  consideration  first  of  all  of  the  basic 
’actors  and  then  of  the  secondary  ones. 


So  that  the  best  of  the  possible  variants  of  the  design  wii: 
e -among  those  analyzed,  and  so  that  this  variant  will  arrive* 
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as  by  the  shortest  possible  route  u  , 

„  P  16  route,  it  is  necessary  to  systematize 

the  method  of  successive  approximations  more  rigorously,  "he 
system  of  deatgns  set  forth  below  was  proposed  by  Certified  En¬ 
gineers  Blschof  and  Hansen  of  the  nationalized  firm  Optik  Carl 
Zeiss  Jena  [14]. 

The  entire  design  process  is  broken  up  into  a  series  cf 
problems  of  successively  increasing  order  (Pig.  14.18).  The  first 
order  problem  is  selection  of  the  fundamental  principle  on  which 
the  new  product  will  be  based.  Quite  often,  however,  the  funda¬ 
mental  principle  has  already  been  predetermined  by  the  assignment 
itself. 


Solution  of  this  first  problem  is  followed  by  the  solution 
of  second-order  problems:  selection  of  the  layout,  basic  struc¬ 
ture,  and  dimensions  of  each  of  the  basic  parts.  There  will  be 
as  many  second-order  problems  as  there  are  basic  parts  into  which 
the  product  has  been  divided. 


We  then  go  on  to  solve  third-order  problems  -  selection  of 
the  layout,  structure,  and  dimensions  of  the  smaller  parts  of 
whicn  the  basic  parts  of  the  product  consist.  Then,  proceeding 
in  succession  from  the  product  as  a  whole  to  all  of  the  smaller 
parts  and  finally  to  all  elements  and  their  interactions  and  com¬ 
binations,  we  ultimately  obtair  all  of  the  unknown  parameters  and 
the  fully  elaborated  design. 


If  the  variant  of  the  design  obtained  at  the  end  of  this 
process  is  to  be  the  best  of  all  possible  variants,  it  is  neces¬ 
sary  that  each  of  the  successively  solved  problems  be  solved  cor¬ 
rectly,  or,  more  precisely,  that  the  best  of  *he  possible  solu¬ 
tions  be  found  for  each  problem.  To  ensure  correct  solution  of 
each  particular  problem,  the  designer  must  use  his  creative  imagina 
tion  to  envisage  and  inspect  all  possible  solutions.  This  is 
quite  feasible  for  a  particular  problem,  the  more  so  siree  many 
solutions  are  rejected  at  once  as  clearly  unsuitable.  The  remain¬ 
ing  solutions  are  subjected  to  thorough  analysis  with  the  object 
2£.,ftscerta ining  all  advantages  and  disadvantages  of  e a  :h  solution. 
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This  analysis  is  a  highly  important  aspect  of  the  designer's  work; 
it  is  particularly  important  that  all  possible  deficiencies  of  the 
design  be  analyzed.  The  designer  must  get  into  the  habit  of  self- 
criticism.  so  that  h«  will  not  become  excessively  enamored  of  a 
new  and,  at  first  glance,  clever  solution  that  he  has  thought  up 
and  so  that  all  of  its  deficiencies  will  be  brought  out  on  time. 

This  analytical  work  done,  the  synthetic ,  creative  side  of  the  job 
again  comes  to  the  fore.  An  attempt  must.be  made  to  improve  the 
solution  variants  of  the  particular  part  of  the  problem  that  remain 
to  be  compared,  i.e.,  the  designer  must  attempt  to  enhance  desir¬ 
able  properties  and  eliminate  or  mitigate  undesirable  ones.  He 
then  proceeds  to  a  selection  of  the  optimum  variant  from  among 
these  improved  variants. 

The  originators  of  this  system  propose  that  this  selection 
be  made  with  consideration  of  all  the  basic  requirements  made  of 
the  product,  but  do  not  combine  them  into  a  single  general  cri¬ 
terion.  However,  if  there  are  contradictions  inherent  in  the 
requirements,  the  choice  will  be  somewhat  subjective,  and  only 
the  use  of  a  criterion  that  combines  these  requirements  will  re¬ 
sult  in  a  fully  objective  choice  of  the  optimum  solution. 

It  often  happens  that  our  knowledge  and  theoretical  calcula¬ 
tions  do  not  give  a  reliable  notion  of  how  the  particular  variant 
of  the  structure  or  element  thereof  will  perform  in  reality.  In 
these  cases,  experiment  comes  to  the  aid  of  the  designer. 

No  particular  problem  can  be  solved  in  isolation,  without 
consideration  of  the  solutions  of  other  problems.  First  ox  ail, 
it  is  necessary  to  recognize  the  solutions  already  adopted  ior 
problems  of  earlier  order,  while  solutions  to  problems  of  the 
same  order  must  be  arrived  at  simultaneously  and  jointly,  with 
establishment  of  the  optimum  combinations  of  these  solutions,  i.e., 
the  interaction  and  reciprocal  effects  of  all  elements  of  the  de¬ 
sign  must  be  taken  into  account. 

A  (ic  +  1)- til-order  problem  is  always  related  to  the  ear  tier 
k-^k-order  problem  from  which  it  stems,  both  as  a  part  to  its 
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whole  and  as  an  effect  to  its  cause.  The  solution  adopted  for 
the  k~,fck  order  problem  becomes  an  assigned  condition  in  solution 
of  the  problems  of  orders  <k  +  1),  (k  +  2),  ....  that  stem  from  it. 
In  essence,  we  shall  use  the  method  of  reduction  to  equal  condi¬ 
tions  here,  but  in  this  case  it  is  fully  justified  and  does  not 
divert  the  designer  from  the  past  to  the  optimum  solution  if  the 
solutions  obtained  In  the  preceding  steps  were  correct.  As  con¬ 
cerns  the  relation  between  problems  of  the  same  order:  it  may,  in 
some  cases,  be  very  close,  depending  on  the  design  and  the  design 
field,  and  may  be  manifested  not  only  in  the  reciprocal  effects 
between  the  parts  of  the  design,  but  also  directly  at  their  con¬ 
tacts  and  in  their  combinations,  while  in  other  cases  this  relation 
may  be  more  distant  and  may  exist  only  through  their  totality. 

The  greater  the  number  of  such  links  for  the  particular  prob¬ 
lem,  the  more  complex  does  its  solution  usually  become. 

It  is  convenient  to  choose  the  optimum  solution  for  each 
problem  by  successive  rejection  of  the  clearly  inferior  ones,  and, 
if  a  clearly  optimal  solution  cannot  be  identified  among  those 
that  remain,  by  subjecting  them  to  evaluation  with  the  aid  of  a 
criterion;  however,  this  s  lection  is  sometimes  made  difficult  by 
the  fact  that  the  remaining  variants  appear  to  be  equivalent  ever, 
after  numerical  evaluation.  In  these  cases,  it  is  necessary  to 
elaborate  the  design  variants  more  thoroughly,  i.e.,  to  move  to 
solution  of  higher-order  problems  in  all  of  these  variants.  This 
more  profound  elaboration  permits  more  accurate  comparison  and  a 
sounder  cnoice.  In  this  case,  the  solution  of  the  k— tl)  order  prob¬ 
lems  is  influenced  by  the  solutions  of  problems  of  orders  (k  +  1), 
(k  +  2),  ...  . 

Since  not  all  properties  of  the  product  that  influence  the 
value  of  the  general  criterion,  but  only  some  of  them,  may  change 
during  solution  of  particular  design  problems  of  higher  order, 
selection  of  the  optimum  solution  variant  to  the  particular  prob¬ 
lem  can  be  based  in  these  cases  not  on  the  entire  expression  for 
the  general  criterion,  but  only  on  its  increment  due  to  the 
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Tine  spent  (according  to  Bischof  and  Hansen) 


Changes  to 
working  model 
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working  principle 


A  -  time  gained  prior  to  building  model 
B  -  time  saved  in  entire  process 


- ““Time  spent 

Figure  14.19.  Two  different  design  paths, 
properties  affected. 


Thus,  a  whole  system  of  indicators  may  be  used  in  design  work 
rather  than  a  single  general  criterion,  but  all  of  them  must  be 
obtained  from  the  general  criterion  and  may  be  used  only  when  they 
fully  reflect  the  influence  of  the  properties  changed  in  the 
particular  problem  on  the  general  criterion.  Only  in  such 'cases 
will  use  of  particular  indicators  be  quite  sound. 

Thus,  the  need  for  coordinated  solution  of  a  given  problem 
forces  the  designer  to  look  ahead  and  Inspect  the  solutions  of 
higher-order  problems  before  the  final  decision  is  adopted. 

On  the  other  hand,  mismatches  with  solutions  adopted  pre¬ 
viously  come  to  light  in  solution  of  a  given  problem,  and  it  is 
necessary  to  introduce  certain  corrections  and  refinements,  chiefly 
of  dimensional  nature,  into  these  previously  adopted  solutions. 
However,  drastic  revision  of  solutions  taken  during  the  «arly  de¬ 
sign  steps  cannot  be  permitted,  since  this  will  severely  affect 
the  scheduling  and  quality  of  the  project.  More  attention  and 
work  should  therefore  be  devoted  to  solution  of  first-  and  second- 
order  problems.  Figure  14.19  shows  the  path  of  the  work  on  tha 
design  and  debugging  of  two  products  of  approximately  equal 
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complexity.  More  careful  elaboration  of  the  design  of  one  product 
at  the  initial  stage  resulted  in  a  saving  of  time  as  compared  with 
he  other  project. 

Despite  the  large  number  of  quantities  that  are  varied  during 
the  design  work,  no  major  difficulties  are  .encountered  it.  use  c-f 
a  criterion  fer  selection  of  the  optimum  variant  at  each  step  in 
the  design  process.  The  total  value  of  the  criterion  is  used  in 
the  first  steps,  but  many  of  the  quantities  that  appear  in  it  are 
constant  stated  in  the  technical  specifications,  and  many  can  be 
assumed  approximately  constant. 

Supplementary  conditions  may  consist  of  a  series  of  assigned 
constant  values  of  certain  properties  of  the  future  product.  How¬ 
ever,  those  basic  unknown  variable  quantities  that  have  the  strong¬ 
est  influence  on  the  criterion  are  examined  first.  The  equation 
system  is  used  in  engineering  design  to  determine  these  unknown 
parameters  and  the  value  of  the  criterion  itself.  One  of  these 
equations  expresses  the  criterion  in  terms  of  the  specified  prop¬ 
erties  and  the  unknown  parameters.  The  remaining  equations  will 
express  the  required  properties  in  terms  of  the  same  parameters. 

To  solve  a  problem,  it  is  necessary  that  the  number  of  independent 
equations  containing  the  unknown  parameters  not  exceed  the  number 
of  unknown  quantities.  If  the  number  of  ur.  in  owns  equals  the  num¬ 
ber  of  equations,  w«  obtain  a  unique  solution.  If  there  are  fewer 
equations  than  unknowns,  we  assign  a  series  of  successive  values 
to  each  of  the  parameters  and  analyze  their  practically  feasible 
combinations  to  find  the  optimum  combination  on  the  basis  of  the 
optimum  criterion  value. 

Only  some  of  the  quantities  are  again  varied  at  each  of  the 
successive  steps,  and  it  Is  sometimes  possible  to  isolate  for  use 
as  the  criterion  only  that  pap,t  of  tne  criterion  that  depends  on 
the  properties  varied  in  the  particular  case. 
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Kean in* 


ty 

TS 

Tech.  Spec 

noc 

ldg 

~  landing 

OTP 

tko 

takeoff 

p 

b 

breaking 

33* 

ef 

effective 

P 

a 

available 

a*A 

a.c 

aviation,  component 

HP 

red 

reduced 

OPT 

opt 

optimum 

CP 

av 

average 

HP 

en 

enterprise 

KOM 

com 

commercial 

pyo 

rbl 

rubles 

i'OA 

ton-yr 

ton-year 

T-MaC 

ton-h 

ton-hour 

3.H 

sal 

salary 

RaC 

pas 

passenger 

yr 

year 

c.n 

a.p 

aircraft  pool 

M-U 

mo 

month- 

H.C 

g-s 

ground  structures 

7-HM 

ton-km 

ton-km 

3 

l 

load 

n/i 

Pi 

payload 

PetfC 

trip 

trip 

HPbRC 

cruise 

cruise 

b.r 

t -l 

takeoff-to-landing 

c 

a 

aircraft 

AB 

en 

engines 

T 

f 

fuel 

3H 

cw 

crew 

. 


Russian 

Typed 

Meaning 

T.O 

r.m 

routine  maintenance 

An 

A* 

airport 

MaC 

rr 

h 

hours/aircraft 

PeH  ' 

o*h 

overhaul 

Hr 

kgf 

kgf 

AB 

en 

engine 

VA 

sp 

specific 

« 

M 

augmented  maximum 

HON 

rtd 

rated 

Peflc/y:-MroA 

trips/aircraft/yr 

trips/a cf year 

non 

kop 

kopecks 

BP 

N.B. 

not  defined 

n 

d 

dry 

np 

Ira 

limiting 

TP 

►  f 

buffeting 

5AJ1 

bal 

balance 

HP 

cr 

critical 

m 

f 

flaps 

HP 

wg 

wing 

on 

tl 

tail 

* 

f 

fuselage 

M.r 

e.n 

engine  nacelles 

n.o 

a.f 

area,  fuselage- 

HaMB 

opt 

optimum 

r 

h 

horizontal 

B 

w 

wave 

n 

r 

required 

3H 

ec 

economy 

HPeA 

lira 

limiting 

6e3 

w/o 

without 

M36 

exc 

excess 

noT 

clg 

ceiling 
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kinetic 

potential 

energy 


initial 


initial 


runup 

liftoff 

torus t 

cut-in 

booster 

rollout 

reversal 

section 

center  of  gravity 
hinge,  aileron 
aileron 
lower 


upper 

deformation 
indicated 
vertical  tail 
center  of  gravity 
horizontal  tail 

without  her"  zor.tal 

tail 

locking 

eleven 


Russian 


Meaning 


CT 

st 

stabilizer 

P.B 

ele 

elevator 

OMuB 

wash 

washed 

n.r.o 

h.f.p 

horizontal  foreolane 

3 

t 

tailheavy 

n 

n 

noseheavy 

y& 

sp 

specific 

r 

n 

n03e 

n.KP 

l.  wg 

leading  edge,  wing 

H 

e 

end 

B 

el 

elevator 

MeX 

fl 

flaps 

3eM 

grd 

ground 

P.H 

rud 

rudder 

H 

r 

rudder 

HHT 

int 

interference 

c.y 

p.p 

powerplant 

T.B 

s.r 

solid  of  revolution 

BX 

in 

intake 

rp 

st 

stores 

B.n 

f  .1 

forced  landing 

Cfia/laHC 

trim 

trim 

MMfl 

mid 

midships 

n.H 

p.  1 

payload 

H 

s 

structural 

A.y 

p.p 

powerplant 

T.C 

f .  s 

fuel  system 

y 

a 

accessory 

c 

sy 

system 

T.P 

f  .c 

fuel  consumed 

n.o 

p.  e 

passenger  equipment 

T 

t 

technical 

3.0 

c.  e 

crew  and  equipment 

n./i 

s.f 

spar  flanges 

53-71 
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Russian 

Meaning 

CT./i 

s.w 

spar  webs 

H.HeP 

r.f 

rib 

CT.HsP 

r.w 

rib  webs 

OG 

sk 

skin 

3.M 

a.f 

ailerons  and  flaps 

rp 

Id 

load 

B 

b 

b 

c 

c 

c 

6 

t 

tanks 

M 

f 

flaps 

P 

c 

calculated 

C 

St 

stringer 

hp.h 

cts 

carry-through  structure 

H 

n 

nose 

H 

r 

root 

XB 

tl 

tail 

np.H.iun 

cts-bh 

carry-through 
structure,  bh 

ujn 

bh 

bulkhead 

r.06 

p.  sk 

pressurized  skin 

AH 

ew 

end  wall 

CP 

sh 

shear 

HPVH 

tors 

torsional 

HPMT 

crit 

critical 

Hr 

up 

unpressurized 

rp.tp 

Id.  f 

loads  and  fuselage 

oo.r 

sk.p 

skin,  pressurized 

r 

P 

pressurized 

*OH 

can 

canopy 

OH 

wd 

windows 

AB 

dr 

door 

no/i 

fir 

floor 

coh/i 

assy 

assembly 

Ui 

g 

gear 

ynp 

ctl 

control 

n.ynp 

ctl.s 

control  station 

3-71 
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Meaning 


Russian 


final 

atmospheric 

accessories 

payload 

cruising 

tip 

root 

midships,  fuselage 

general 

local 

lead 

turbulent 

interception 

target 

payload 

takeoff 

(landing)  gear 


root 
m.  f 


